PACE 

YSTEMS 


Document  No.  69SD4372 


GRAVITY  GRADIENT 
STABILIZATION  SYSTEM 


March  31,  1970 


for  the 


APPLICATIONS 

TECHNOLOGY 

SATELLITE 


FINAL  TECHNICAL  REPORT 


System  Software  and  Analysis 

VOLUME  I 


GENERAL 


ELECTRIC 


^ ^ I .Roproducod''by^  ' 

U -NATlON^^L-tECHNICAL 
-UNFORMATION’  SERVICE 

1.  ' Springnald',  Va.  2215J  n . 


DOCUMENT  NO.  69SD4372 
MARCH  3T  1970 


FINAL  REPORT 
FOR  THE 

APPLICATIONS  TECHNOLOGY  SATELLITE 
GRAVITY  GRADIENT 
STABILIZATION  SYSTEM 

VOLUME  I 

SYSTEM  SOFTWARE  AND  ANALYSIS 


CONTRACT  NO,  NAS  5-9042 


FOR  THE 

NATIONAL  AERONAUTICS  AND  SPACE  ADMINISTRATION 

R.J,  WIRTH 

ATS  TECHNICAL  OFFICER 


Approved  By! 


R.E,  Cl_AYTON 
ATS-E  P ROGRAM  mjLjq  AGER 


GENERAL®  ELECTRIC 


SPACE  SYSTEMS  ORGANIZATION 

Valley  Forge  Space  Center 

P,  0.  Box  8555  • Philadelphia,  Penna  19101 


SYSTEM  REQUIREMENTS  AND  ANALYSIS 


TABLE  OF  CONTENTS 

Section  Page 


1 INTRODUCTION  ...  o ...  1-1 

1.1  Program  Summary 1-1 

1.2  Scope  and  Organization  of  Report 1-4 

2 GRAVITY  GRADIENT  EXPERIMENT , 2-1 

2.1  Experiment  Objectives 2-1 

2.1.1  Operational  Feasibility 2-2 

2.1.2  Mission  Compatibility 2-4 

2.1.3  Design  Performance  Evaluation 2-5 

2.2  Mathematical  Model. 2-10 

2.2.1  Description 2-10 

2.2.2  Evaluation  Plan 2-14 

2.3  Gravity  Gradient  Data  Systems 2-17 

2.3.1  "Quick-Look"  System  2-17 

2. 3; 2 "Long  Term"  System . 2-20 

3 SYSTEM  ANALYSIS 3-1 

3.1  Gravity  Gradient  Stabilization  Theorj'^.  3-2 

3.2  Design  Optimization 3-12 

3.2.1  Optimization  for  Maximum  Damping  , , , . 3-12 

3.2.2  Optimization  for  Steady  State ' 3-25 

3.2.3  Optimization  of  Hysteresis  Damping  ....  3-71 

3.3  Initial  Capture  Analysis  3-99 

3.3.1  ATS-A  Capture  3-103 

3.3.2  ATS-D  Initial  Capture 3-118 

3.3.3  ATS-E  Initial  Capture 3-165 

3.4  Pitch  Inversion  Analysis 3-173 

3.4.1  Microthruster  Inversion  Analysis 3-173 

3.4.2  Rod  Retraction/Extension  Inversion  ....  3-176 

3.4.3  Rod/Retraction/Extension  Analysis  ....  3-206 

3.5  Performance  Analysis 3-223 

3.5.1  External  Disturbance  Torques 3-223 

3.5.2  Tolerances,  Uncertainties,  and  Variations  . . 3-237 

3.5.3  Error  Budgets 3-273 

3.5.4  Special  Damping  Studies  3-273 

3.5.5  Experimental  Configurations 3-289 

sBKEGEDlNG  PAGH  BLANK  NOT  FILMED,  ... 


TABLE  OF  CONTENTS  (Cont'd) 


Section  Page 


3.6  Additional  Studies  3-297 

3.  6. 1 Response  of  ATS  to  Solitary  Impulse 3-297 

3.6.2  ATS  Pitch-Up  Maneuver 3-297 

3.  6.  3 Effect  of  Damper  Deployment  Squibs  on 

Attitude  Performance 3-304 

3.  6.  4 Compensation  for  Shortened  Damper  Bocans  and 
Increased  Stiffness  on  Damper  Spring  for 
ATS-A  ; 3-308 

3.6.5  Simulation  of  ATS-A  Failure  Mode 3-310 

3.6.6  Performance  in  an  Orbit  with  0. 2 Eccentricity . . 3-310 

3.6.7  Effect  of  Thermal  Flutter  on  ATS-D  and 

ATS-E 3-311 

3.6.8  Performance  of  ATS-E  with  Yaw  Stabilizing 

Flywheel . . . 3-330 

3.6. 9 Determination  of  Spin  Rate  Direction  on  ATS-E  . 3-332 

4 DATA  PROCESSING  SYSTEM 4-1 

4. 1 Data  System  Requirements' 4-1 

4.2  Program  Development 4-3 

4.3  Data  Description 4-4 

4.3.1  Telemetry  Description  . , . 4-4 

4.3.2  Antenna  Polarization  Data  ,' . 4-6 

4.3.4  Orbit  Parameters 4-8 

4.3.5  TV  Data  ..............  4-8 

4.4  General  System  Description 4-9 

4.5  Program  Functional  Descriptions 4-11 

4.5.1  Telemetry  Configuration  and  Calibration 

Tape  Generation  Program  (TCCTGP)  . . , . 4-13 

4.5.2  Data  Reduction  Module  (DRM) 4-13 

4.5.3  Data  Analysis  Module  Version  (DAM  2)  ....  4-18 

4.5.4  Line  Image  Sort  and  Listing  Program  (LISLP)  . . 4-19 

4.5.5  Selective  Listing  Program  (SLP) 4-19 

4.5.6  TV  Data  Program  (TVDP) 4-20 

4. 6 Program  Operations • . 4-20 

4.6.1  Normalization  ■ 4-20 

4.6.2  Scaling  4-21 

4.6.3  DRM  Plots 4-22 

4.6.4  Means  and' Standard  Deviations  .......  4-22 

4.6.5  DRM  Operations 4-23 


iv 


TABLE  OF  CONTENTS  (Cont'd) 


Section.  ' Page 


5 FLIGHT  SUPPORT  SUMMARY 15-1 

5*1  On— Line  Suppoxt  •••••♦#•'»*•**••  5—1 

5.1.1  ATS-2  S-1 

5. 1.2  A.TS— ...do  5—1 

5.1.3  ATS“5  o........  5—2 

5.2  lu-Depth  Evaluation  .............  5-4 

5. 2. 1 ATS— 2 .............o.  5—4 

5.2.2  ATS-4  ...............  5-2 

5.2.3  ATS-5 5-9 

6 ' BIBLIOGRAPHY 6-1 

6.1  ATS  Mathematical  Model 6-1 

6.2  Boom  Dynamics  ...............  6-3 

6.3  &3oin  Thermal  Bending  ............  6-5 

6.4  System  Requirements  and  Analysis,  TVCS  6-9 

6.5  Attitude  Sensor  Requirements  and  Analysis  . .....  6-11 

6.6  A T.S  Attitude  Determination  Program  . .......  6-14 

6.7  Data  System  Checkout 6-1? 

6.8  Quick- Look  Data  System  ............  6-18 

6.9  ATS  Gravity  Gradient  Orbit  Test  and  Flight 

Evaluation  Plans  6-18 

6.10  System  Design  Analysis  - 6-23 

5.10.1  Initial  Capture  6-23 

6.10.2  Inversion  Studies  ...........  6-24 

6.10.3  Stationkeeptag  ............  6-25 

6.10.4  System  Performance  Studies . .......  6-26 

6.10.5  Boom  System  Tolerance  Studies  ......  6-28 

8.10.6  Damper  System  Studies  .........  6-30 

6.10.7  Hysteresis  Damper  Studies 6-30 

6.11  Systems  Integration 6-Sl 

APPENDIXES 

A Linearissed  Equations  of  Motion  ............  A-1 

B Linearized  Dynamic  Equations  of  a Two-Body 

Coupled  System  B-1 

C Maximum  Allowable  Angular  Rate  ............  C-1 

D Gra\dty  Gradient  Potential  Energy  D-l 

E ’’Excess"  Kinetic  Energy  of  a Rigid  Body  ........  E-1 


V 


TABLE  OF  CONTENTS  (Cont'd) 


Section 


Page 


F Straight  Rod  Simulation  of  Curved  Rods  . , . . . ■ « . . 

G Solar  Torque  on  "X"  Rods  

H Impulse  Response  

I ATS-E  Spin  Analysis 

J Heat  Pipe  Nutation  Damping  

K TV  Camera  Data  Processing  Techniques  and  Procedures  . , 


F-1 

G-1 

H-1 

I-l 

J-1 


LIST  OF  ILLUSTRATIONS 


Figure  Page  - 


l-l  Spacecraft  Configuration  . 1-3 

2.3- 1  Quick  Look  System  Hardware  Configuration 2-18 

2.3- 2  ATS  Data  System  2-21 

3.1- 1  Origin  of  Gravity  Gradient  Torquer  3-4 

3.1.2  Spacecraft  Coordinate  System  3-5 

3.1.3  Simplified  Gravity  Gradient  Torques . 3-6 

3.1.4  Rigid  Body  Equations  of  Motion  (Linearlized  and 

Small  Angles,  Undamped)  . . , , 3-7 

3.1.5  ATS  Configuration 3-11 

3.2- 1  Linearized  Equations  of  Motion  for  ATS 3-15 

3.2- 2  "Spike"  Optimum,  Generalized  Representative 3-18 

3.2- 3  Optimization  Parameters  3-18 

3.2- 4  ATS  Spacecraft  Response  to  Pitch  Excitation  3-29 

3.2- 5  ATS  Spacecraft  Response  to  Roll  Excitation  3-30 

3.2- 6  ATS  Spacecraft  Response  to  Yaw  Excitation  3-31 

3.2- 7  ATS  Spacecraft  Response  to  Damper  Excitation 3-32 


3.2- 8  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on 

ATS-A  Pitch  Error  Caused  by  1000  Pole-Cm  Dipole 

Along  the  Roll  Axis  3-37 

3.2- 9  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on 

ATS-A  Yaw  Error  Caused  by  1000  Pole-Cm  Dipole — 

Along  the  Roll  Axis  3-38 

3.2- 10  Effect  of  Primary  Rod  Length  on  Yaw  Error  Caused  by  1000 

Pole-Cm  Dipole  Along  the  Roll  Axis.  ATS-D  Spacecraft  . , 3-39 

3.2- 11  Thermal  Bending  , .3-43 

3.2- 12  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on 

ATS-A  Pitch  Error  Caused  by  Rod  Thermal  Bending 

and  Solar  Pressure  Torque  , . . 3-44 

3.2-13  Effect  of  Primary  Rod  Length  and  Trip  Mass  Weight  on  ATS-A 


Yaw  Error  Caused  by  Rod  Thermal  Bending  and  Solar 

Pressure  Torque 3-45 

3.2- 14  Effect  of  Primary  Rod  Length  on  Pitch  Error  Caused  by  Rod 

Thermal  Bending  and  Solar  Pressure  Torque,  ATS-D 

Spacecraft  , . 3-46 

3.2- 15  Effect  of  Primary  Rod  Length  on  Yaw  Error  Caused  by  Rod 


Thermal  Bending  and  Solar  Pressure,  ATS-D  Spacecraft  . . 3-47 

3.2-16  Effect  of  Rod  Length  on  Pitch  Error  Caused  by  Rod  Thermal 

Bending  and  Solar  Pressure  Torque,  ATS-D  Spacecraft,  . . 3-48 


vii 


LIST  OF  ILLUSTRATIONS  (Coat’d) 

Figure  Page 


3. 2- 17  Effect  of  Primary  Rod  Length  on  Yaw  Error  Caused  by  Rod 

Thermal  Bending  and  Solar  Pressure  Torque,  ATS-D 

Spacecraft 3-49 

3.2- 18  Sun-Rod  Geometry 3-52 

3.2- 19  Primary  Boom  Envelope  Specification 3-53 

3.2- 20  Thruster  Induced  Yaw  Error ‘ 3-55 

3. 2- 21  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on  ATS-A 

Pitch  Error  Caused  by  Magnetic  and  Solar  Effects  ....  3-56 

3. 2- 22  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on  ATS-A 

Yaw  Error  Caused  by  Magnetic  and  Solar  Effects  ....  3-57 

3.2- 23  I versus  Rod  Length  for  ATS-A 3-60 

3.2- 24  i?TS-A  Standard  Configuration  ............  3-61 

3.2- 25  Performance  of  ATS-A  Vehicle  (Medium  Altitude)  with  100  Foot 

Primary  Rods  and  2, 5-Pound  Tip  Weight . 3-62 

3.2- 26  Performance  of  ATS-A  Vehicle  (Medium  Altitude)  with 

133.75-Foot  Primary  Rods  and  2.  5-Pound -Tip  Weight  . , . 3-63 

3.2- 27  Total  Pointing  Error ■ 3-64 

3.2- 28  ATS-D  Standard  Configuration 3-67 

, 3.2-29  ATS-D  Reference  Configuration 3-68 

3.2- 30  ATS-D  Optimum  Configuration 3-69 

3.2- 31  ATS-E  Nominal  Configuration 3-70 

3.2- 32  Torque  versus  Rotation  for  Laboratory  Model  Damper  ....  3-72 

3.2- 33  Magnetic  Hysteresis  Data 3-72 

. 3.2-34  Magnetic  Hysteresis  Data 3-72 

3.2- 35  Exponential  Fit  of  Hysteresis  Data 3-74 

3.2- 36  Theoretical  Construction  of  Minor  Loops 3-75 

3.2- 37  Minor  Loop  Simulation  of  Hysteresis  Data  Using 

Major  Loop  Shape 3-77 

3.2- 28  ATS-A  with  Constant  Saturation  Torque  Hystereses 

Damper  Time  to  Damp  Various  Earth  Pointing 

Errors  as  a Function  of  Hysteresis  Saturation  Torque  . . . 3-78 

3.2- 29  ATS-D  with  Constant  Saturation  Torque  Hysteresis  Damper  . 

Time  to  Damp  various  Earth-Pointing  Errors  as  a 

Function  of  Hysteresis  Saturation  Torque 3-79 

3.2- 40  ATS-A  Damping  Performance 3-82 

3.2- 41  ATS-D  Damping  Performance 3-83 


viii 


LIST  OF  ILLUSTRATIONS  (Coat'd) 


Figure 


Page 


3.2- 42 

3.2- 43 

3.2- 44 

3.2- 45 

3.2- 46 

3.2- 47 

3.2- 48 

3.2- 49 

3.2- 50 


3.2- 51 

3.2- 52 

3.2- 53 

3.2- 54 

3.2- 55 

3.2- 56 

3. 2- 57 

3.2- 58 

3.3- 1 

3.3- 2 

3.3- 3 

3.3- 4 

3.3- 5 

3.3- 6 

3.3- 7 

3.3- 8 


ATS-A  Damping  Performance  

ATS-A  Damping  Performance .•  . . 

ATS-D  Damping  Performance 

ATS-D  Damping  Performance 

Typical  "Bow  Tie"  Configuration  for  One  Quadrant 

Time  to  Settle  28  Degrees  from  an  Initial  5 Degree  Pitch 

Error  as  a Function  of  TgAT  ATS-A 

Time  to  Settle  to  4 Degrees  from  the  Standard  Transient 

as  a Function  of  Slope  1 for  ATS-A 

Maximum  Earth-Pointing  Error  at  200  Hours  as  a 

Function  of  for  ATS-A 

Response  of  ATS-A  Vehicle  with  a "Bow  Tie"  Hysteresis 

Damper  to  the  Standard  Transient 

ATS-A  Damping  Characteristics  

Effects  of  Parameter  Tolerance  of  "Bow  Tie"  Hysteresis 

Damper  Upon  Damping  Performance 

Range  of  Hysteresis  Damping  Torque  for  Varying  Torque 

Hysteresis  Damper  ATS-D  and  E , 

Nominal  Constant  Torque  Hysteresis  Damper  for  ATS-D 

and  ATS-E 

Nominal  Constant  Torque  Hysteresis  Damper  for  ATS-D 

and  ATS-E 

Varying  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E . . . 

Varying  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E  . . . 

Varying  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E . . . 

Stable  Angle  of  Damper  versus  Angular  Rate  of  Vehicle .... 
Damper  Snubber  Torques  versus  Relative  Body  Rates  .... 
Effective  Damper  Spring  Constant  versus  Vehicle  Yaw  Rate  . , 

Damping  Time  Constant  versus  Body  Rate  Ratio 

ATS  Capture  Phase,  Normal  Agena  Position  Negative 

Spacecraft  Pitch  Rate 

ATS  Capture  Phase,  Normal  Agena  Position  Negative 

Spacecraft  Yaw  

ATS  Capture  Phase,  Normal  Agena  Position  Separation 

Rate  in  Spacecraft  Yaw 

ATS  Capture  Phase,  90-Degree  Agena  Yaw  Positive 

Agena  Roll  Rate 


3-84 

3-84 

3-85 

3-85 

3-87 

3-87 

3-88 

3-88 

3-89 

3-90 

3-91 

3-92 

3-94 

3-95 

3-96 

3-97 

3-98 

3-101 

3-101 

3-102 

3-102 

3-106 

3-107 

3-108 

3-109 


ix 


LIST  OF  ILLUSTRATIONS  (Cont'd) 


Figure  Page 


3. 3- 9  ATS  Capture  Phase,  90-Degree  Agena  Yaw  Negative 

Agena  Roll  Rate 3-110 

3. 3- 10  Computer  Simulation,  ATS-A  Capture  (Worst  Case  I)  ....  3-113 

3.3- 11  Computer  Simulation,  ATS-A  Capture  (Worst  Case  II)  ....  3-114 

3. 3- 12  ATS-A  Performance  Following  Initial  Capture 

(Worst  Case  Conditions) 3-115 

3. 3- 13  Capture  of  ATS-A  with  19  Degree  Scissor  Angle 3-119 

3. 3- 14  Capture  of  ATS-A  with  19  Degree  Scissor  Angle 3-120 

3.3- 15  Capture  Time  versus  Pitch  Rate  before  Rod 

Deployment  for  ATS-D 3-122 

3.3- 16  Capture  Time  versus  Pitch  Rate  Before  Rod  Deployment 

for  ATS-D 3-123 

3. 3- 17  Effect  of  Central  Body  Moments  of  Inertia  on  ATS-D 

Capture  Time 3-124 

3. 3- 18  ATS-D  Capture  Study  Damping  Performance  from  Initial 

Pitch  Error  = 30  Degrees 3-127 

3.3- 19  ATS-D  Capture  Study  Damping  Performance  from  Initial 

Pitch  Error  = 50  Degrees 3-128 

3.3- 20  ATS-D  Capture  Study  Damping  Performance  from  Initial 

Pitch  Error  = 70  Degrees ' 3-129 

3. 3- 21  ATS-D  Capture  Study  Damping  Performance  from  Initial 

Pitch  Error  = 60  Degrees ; . . . 3-130 

3. 3- 22  Single  Deployment  Capture  Sequence  with  Increased 

Moments  of  Inertia 3-132 

3.  3-23  Initial  Deployment  to  Rod  Length  of  70  Feet 3-135 

3.3- 24  First  Stage  Deployment  for  Pitch  Rate  = 2 Degree/Second  . . . 3-137 

3. 3- 25  Second  StageDeployment  From  Rod  Length  of  70  Feet 

to  Rod  Length  of  123  Feet 3-139 

3. 3- 26  First  Stage  Rod  Deployment  for  Pitch  Rate  = 0. 4 Degree/ 

Second 3r-140 

3. 3- 27  Second  Stage  Deployment  from  Rod  Length  of  70  Feet  to 

Rod  Length  of  123  Feet 3-141 

3. 3- 28  First  Stage  Rod  Deployment  for  Pitch  Rate  = 1.44 

Degree s/Seeond  3-142 

3. 3- 29  Second  Stage  Deployment  From  Rod  Length  of  70  Feet  to 

Rod  Length  of  123  Feet  Pitch  Rate  Before  First 

Stage  Rod  Extension  = 1.44  Degrees/Second 3-143 

3.3- 30  Detumble  Time  versus  Duty  Cycle 3-148 

3. 3- 31  Average  Energy  Removed  Per  Oscillation  versus 

Short  Time 3-153 


X 


LIST  OF  ILLUSTRATIONS  (Cont'd) 


Figure 


Page 


3.3- 32 

3.3- 33 

3.3- 34 

3.3- 35 

3.3- 36 

3.3- 37 

3.3- 38 

3.3- 39 

3.3- 40 

3.3- 41 

3.3- 42 

3.4- 1 

3.4- 2 

3.4- 3 

3.4- 4 

3.4- 5 

3.4- 6 

3.4- 7 

3.4- 8 

3.4- 9 

3.4- 10 

3.4- 11 

3.4- 12 

3.4- 13 

3.4- 14 

3.4- 15 

3.4- 16 

3.4- 17 

3.4- 18 

3.4- 19 

3.4- 20 

3.4- 21 

3.4- 22 

3.4- 23 


Magnetic  Damping  Energy  versus  No.  of  Sample  and  Hold 

Cycles  per  Day 3-154 

ATS-D  Sample  and  Hold  Simulation 3-155 

ATS-D  Sample  and  Hold  Simulation 3-156 

ATS-D  Sample  and  Hold  Simulation 3-157 

ATS-D  Sample  and  Hold  Simulation 3-160 

Tumble  Rate  versus  Time 3-161 

Sample  and  Hold  Timing  Sequence 3-162 

Sample  and  Hold  Timing  Sequence  when  Tumble  Rate 

Information  is  Available 3-164 

ATS-E  Capture  Study  Results 3-167 

ATS-E  Capture  from  Various  Initial  Pitch  Rates  ......  3-170 

Full  Deployment  Cases  Superimposed  on  Study  State  Results  . . 3-171 

Cutoff  Angle  versus  Inversion  Thruster  Torque  for  ATS-A.  . . 3-177 

Response  of  ATS-A  to  Constant  Thruster  Torque 3-177 

Cutoff  Time  versus  Thruster  Torque  for  ATS-A 3-178 

Inversion  Sequence 3-178 

Time  to  Pitch  90  Degrees  as  a Function  of  Thruster 

Torque  Variation  for  ATS-A 3-181 

ATS-A  Inversion  Maneuver 3-181 

Effect  of  Thruster  Torque  Variation  on  Inversion 

Maneuver  Success  for  ATS-A 3-182 


Effects  of  Thruster  Torque  Variation  and  Thruster 

Misalignment  on  Inversion  Maneuver  Success  for  ATS-A  . . 3-184 

Effects  of  Thruster  Torque  Variation  and  Initial  Attitudes 

and  Rates  on  Inversion  Maneuver  Success  for  ATS-A  . . . 3-184 


ATS-D  Inversion  Thruster  Cutoff  Angle 3-186 

ATS-D  Response  to  Constant  Inversion  Thruster  Torque  . . . 3-187 

Cutoff  Time  versus  Thruster  Torque  for  ATS-D 3-189 

ATS-D  Inversion  Maneuver  Trajectory 3-190 

Retro  Thruster  Timing  Data  for  ATS-D  Inversion .......  3-191 

Inversion  Map 3-193 

Thruster  Cutoff  Angle  as  a Function  of  Thrust  Level 3-195 

Burn  Time  as  a Function  of  Thrust  Level 3-196 

Nominal  Inversion  Sequence,  Case  I 3-197 

Nominal  Inversion  Sequence,  Case  II  3-198 

Nominal  Inversion  Sequence,  Case  III 3-199 

Nominal  Inversion  Sequence,  Case  IV 3-200 

Operational  Sample  Case 3-201 

Operational  Sample  Case  with  Misaligned  Thruster 

Nominal  Timing  Sequence  3-204 


xi 


LIST  OF  ILLUSTRATIONS  (Cont'd) 


Figure  Page 


3.4- 24  Operational  Sample  Case  with  Misaligned  Thrusters  - 

Corrected  Timing  Sequence 3-205 

3.4- 25  ATS-A  Inversion  Maneuver,  Eddy  Current  Damper 3-209 

3.4- 26  ATS-A  Inversion  Maneuver,  Hysteresis  Damper 3-210 

3.4- 27  ATS-A  Inversion  Maneuver 3-211 

3.4- 28  ATS-A  Inversion  Maneuver 3-212 

3.4- 29  ATS-A  Inversion  Maneuver 3-215 

3.4- 30  ATS-A  Inversion  Maneuver  3-216 

3.4- 31  ATS-A  Inversion  Maneuver 3-217 

3.4- 32  ATS-A  Inversion  Maneuver 3-218 

3. 4- 33  Unsuccesful  ATS-E  Inversion  Using  ATS-D 

Timing  Sequence  3-222 

3.5- 1  ATS-D  Attitude  Errors  for  Stationkeeping  Thruster 3-233 

3.5- 2  Effect  of  Thruster  on  ATS-D 3-234 

3.5- 3  Effect  of  Thruster  on  ATS-D 3-235 

3.5- 4  Effect  of  Thruster  on  ATS-D 3-236 

3. 5- 5  Effect  of  Damping  Coefficient  on  System  Damping  for 

Least-Damped  Mode  of  ATS-A  and  D 3-239 

3. 5- 6  Effect  of  Spring  Constant  on  System  Damping  for  Least- 

■ Damped  Mode  of  ATS-A  and  D 3-240 

3. 5- 7  Effect  of  Damper  Moment  of  Inertia  on  System 

Damping  for  Least-Damped  Mode  of  ATS-A  and  D . . . . 3-241 

3. 5- 8  Effect  of  Spacecraft  Moment  of  Inertia  on  System 

Damping  for  Leasted -Damped  Mode  of  ATS-A  and  D . . . . 3-242 

3. 5- 9  Effect  of  Damping  Axis  Alignment  on  System,  Damping  for 

Least-Damped  Mode  of  ATS-A  and  D 3-243 

3.5- 10  Gravity  Gradient  Rod  Length  Variations  3-246 

3. 5- 11  Yaw  Error  Caused  by  Principal  Axes  Shift  Resulting 

from  Short  Primary  Rods 3-247 

3. 5- 12  Pitch  Error  Caused  by  Principal  Axes  Shift  Resulting 

from  Short  Primary  Rods 3-248 

3.5- 13  Yaw  Error  Caused  by  Center  of  Mass  Shift  Resulting 

from  Short  Primary  Rods 3-249 

3.5- 14  Pitch  Error  Caused  by  Center  of  Mass  Shift  Resulting 

from  Short  Primary  Rods 3-250 

3.  5-15  Serial  Number  101  Primary  Boom  Profile 3-251 

3.5- 16  Serial  Number  102  Primary  Boom  Profile 3-254 

3.5- 17  Steady  State  Performance  of  ATS-A  Straight  Rod  Simulation  . . 3-255 

3.5- 18  Steady  State  Performance  of  ATS-A  Nominal  Case 

Rod  Angle  = 28.4  Degrees 3-256 

3.5- 19  Steady  State  Performance  of  ATS-A  Curved  Rod  Simulation  . . 3-257 


xii 


LIST  OF  ILLUSTRATIONS  (Cont'd) 


Figure 


Page 


3. 5- 20 

3.5- 21 

3.5- 22 

3.5- 23 

3. 5- 24 

3.5- 25 

3.  5-26 

3.5- 27 

3.5- 28 

3. 5- 29 

3.5- 30 

3.5- 31 

3. 5- 32 

3.6- 1 

3.6- 2 

3.6- 3 

3.6- 4 

3.6- 5 

3. 6- 6 

3.6- 7 

3.6- 8 

3.6- 9 

3.6- 10 

3.6- 11 

>3,6-12 

3.6- 13 

3.6- 14 

3.6- 15 

3. 6- 16 

3.6- 17 


Steady  State  Performance  of  ATS-A  Comparison  of  Rod 

Simulations 

ATS  Standardized  Configuration.  . 

Yaw  Attitude  Error  Due  to  Stationkeeping  Torques 

Caused  by  Rod  Misalignment 

ATS-E  Configuration 

VTHD  No.  007  Post-Vibration  Static  Test  Data  ^ 

Performance  of  ATS-D  with  Variable  Torque  Hysteresis 

Damper 

Performance  of  ATS-D  with  Variable  Torque  Hysteresis 

Damper 

Performance  of  ATS-E  with  Nominal  Spring  and  Eddy 

Current  Damper,  First  200  Hours 

Performance  of  ATS-E  with  Actual  Eddy  Current  Damper 

Characteristics,  Second  200  Hours 

Performance  of  ATS-E  with  Nominal  Spring  and  Eddy  Current 

Damper,  First  200  Hours 

Performance  of  ATS-E  with  actual  Eddy  Current  Damper 

. Characteristics,  Second  200  Hours 

Performance  of  Actual  ATS-E  Damper 

Performance  of  Nominal  ATS-E  Damper 

ATS-A  Response  to  Pitch  Impulse 

ATS-A  Response  to  Roll  Impulse 

ATS-A  Response  to  Yaw  Impulse 

ATS-D  Response  to  Pitch  Impulse 

ATS-D  Response  to  Roil  Impulse 

ATS-D  Response  to  Yaw  Impulse 

Maximum  Pitch  Angle  versus  Thruster  Cutoff  Time  for 

ATS-A  Pitch-up  Maneuver 

Maximum  Pitch  Angle  versus  Thruster  Cutoff  Time  for 

ATS-D  Pitch-up  Maneuver 

Time  Required  to  Reach  Maximum  Pitch  Angle  for  ATS 

Pitch-up  Maneuvers 

ATS-A  Configuration 

Performance  of  ATS-A  in  an  Orbit  of  0.2  Eccentricity 

(No  Aerodynamics  and  No  Solar  Effects) 

Effect  on  ATS-D  of  Thermal  Flutter  of  the  Damper  Boom  . , 

ATS  Thermal  Flutter 

ATS  Thermal  Flutter 

ATS  Thermal  Flutter 

ATS  Thermal  Flutter  

ATS  Thermal  Flutter 


3-258 

3-262 

3-266 

3-270 

3-279 

3-280 

3-281 

3-283 

3-284 

•3-285 

3-286 

3-287 

3-288 

3-298 

3-299 

3-300 

3-301 

3-302 

3-303 

3-305 

3-306 

3-307 

3-312 

3-313 

3-314 

3-317 

3-318 

3-319 

3-320 

3-321 


xiii 


LIST  OF  ILLUSTRATIONS  (Cont’d) 


Figuj^e  Page 


3.6- 18  ATS  Thermal  Flutter 3-322 

3.6- 19  ATS  Thermal  Flutter 3-323 

3.6- 20  ATS  Thermal  Flutter 3-324 

3.6- 21  ATS  Thermal  Flutter  . . . • 3_325 

3.6- 22  ATS  Thermal  Flutter 3-326 

3.6- 23  ATS  Thermal  Flutter 3-327 

3.6- 24  ATS  Thermal  Flutter  3-328 

3.6- 25  Performance  of  ATS-E  with  OAO  Flywheel 3-331 

4. 3- 1  ATS  Telemetry  Configuration 4_5 

4.4- 1  ATS  Data  Processing  System 4-10 


LIST  OF  TABLES 


Table  Page 


1- 1  NAS  5-9042  Composite  Schedule 1-5 

2- 1  Geavity  Gradient  Mission  Objectives.  2-1 

3. 2- 1  Standard  Configuration  Values 3-20 

3. 2- 2  Non-Dimensional  Parameters  for  Initial  Configuration 3-22 

3. 2- 3  Performance  Comparison  Chart,  GSFC  Configuration,  ATS-A  . . . 3-23 

3. 2- 4  Performance  Comparison  Chart,  GSFC  Configuration,  ATS-D  . . . 3-24 

3.2- 5  Non-Dimensional  Parameters  for  Optimum  Configuration 3-25 

3.  2-6  Performance  Comparison  Chart,  Optimum  Configuration, 

ATS-A.  3-26 

3.2- 7  Performance  Comparison  Chart,  Optimum  Configuration 

ATS-D 3-27 

3. 2- 8  ATS-A  Parameters 3-58 

3. 2- 9  Performance  Comparisons  for  ATS-A 3-59 

3. 2- 10  ATS-D/E  Parameters 3-66 

3.2- 11  Performance  Comparison  for  ATS-D 3-71 

3. 2- 12  List  of  hiitial  Spacecraft  Conditions 3-80 

3. 3- 1  Spacecraft  Moment  of  Inertia  Simulations 3-117 

3. 3- 2  Moments  of  Inertia  {SIug-Ft^) . 3-131 

3. 3- 3  Simulation  Deployment  Sequence  3-133 

3.  3-4  Spacecraft  Attitude  and  Rates  Prior  to  Rod  Deployment  . ....  3-136 

3. 3- 5  Time  to  Reach  Capture  (Hours)  . 3-168 

3. 4- 1  Nominal  Timing  Sequences  for  ATS-A  Inversion  Manuever  ....  3-179 

3. 4- 2  Inversion  Maneuver  Failure  Modes 3-179 

3. 4- 3  Factors  in  the  Selection  oiV 3-183 

3.4- 4  Nominal  Timing  Sequences  for  ATS-D/E  Inversion  Maneuver  . . . 3-188 

3.4- 5  Events  Summary 3-202 

3.4- 6  Initial  Conditions 3-207 

3.4- 7  Initial,  Conditions  . 3-220 

3.  5-1  Performance  Estimate  Assumptions 3-224 

3.  5-2  ATS-A  and  ATS-D  Magnetic  Errors 3-226 

3.  5-3  Errors  Due  to  Tip  Targets 3-230 

3. 5- 4  Error  Comparison 3-237 

3. 5- 5  Rod  Tip  Deflections . 3-261 

3. 5- 6  Results  of  Computer  Runs 3-263 

3. 5- 7  ATS-A  Errors  Due  to  Solar  Torques  (A  Absorbtivity  = 1)  . , . . 3-268 

3. 5- 8  ATS-D  Errors  Due  to  Solar  Torques  (A  Absorbtivity  = 1)  . . . . 3-268 

3.  5-9  Error  Budget  for  Steady-State  Conditions  3-269 

3.  5-1 OA  ATS-A  Error  Budget 3-274 

3. 5- lOB  Design  Tolerance  Effects  . 3-275 


XV 


LIST  OF  TABLES  (Gout) 


• Table  Page 


3. 5- llA  ATS-D  Error  Budget 3-276 

3. 5- llB  Design  Tolerance  Effects 3-276 

3. 5- 12A  Error  Budget  . . , 3-277 

3. 5- 12B  Design  Tolerance  Effects 3-277 

3. 5- 13  Results  of  Burns 3-291 

3.  5-14  Sun  in  and  Out  of  Orbit  Plane 3-293 

3. 5- 15  Results  of  Runs 3-295 

3,  5-16  Sun  in  and  Out  of  Orbit  Plane 3-296 

3. 6- 1  Steady  State  Results 3-310 

3. 6- 2  Thermal  Flutter  Parameters 3-315 

3. 6- 3  Computer  Runs 3-316 

3. 6- 4  Initial  Conditions  for  ATS-E/Flywheel  Run 3-319 

4. 5-1  Input/Output  for  ATS  Data  Processing  Programs  . 4-12 


xvi 


SECTION  1 
INTRODUCTION 


SECTION  1 


INTRODUCTION 


1.1  PROGRAM  SUMMARY 

Under  Contract  NAS  5-9042,  the  Space  Systems  Organization  of  the  General  Electric  Company 
provided  the  NASA  Goddard  Space  Plight  Center  with  gravity  gradient  stabilization  systems 
for  three  Applications  Technology  Satellites  and  provided  flight  analysis  and  data  reduction 
support  when  each  system  was  flown.  One  system  (ATS-A)  was  designed  for  flight  in  a 6,  000 
nautical  mile  (nm)  circular  orbit,  inclined  28^  degrees  to  the  earth's  equatorial  plane.  The 
other  two  (ATS-D  and  ATS-E)  were  designed  for  flight  in  synchronous  altitude,  equatorial 
orbits.  ATS-A  was  designed  for  direct  orbit  insertion  by  the  Atlas  SLV-3/Agena  D launch 
vehicle  system,  but  ATS-D  and  E required  an  on-board  apogee  motor  to  circularize  the  orbit 
at  synchronous  altitude.  Injection -into  the  5^ -hour  transfer  orbit  was  accomplished  by  the 
Atlas  SLV-3/Centaur  system.  All  launches  were  from  the  Eastern  Test  Range.  ATS-D  and  E 
required  an  intermediate  spin  stabilization  mode  for  the  period  from  Centaur  separation, 
through  apogee  motor  burn  and  orbit  station-positioning,  to  the  final  yo-yo  despin  maneuver 
on  station.  Each  gravity  gradient  system  included  a set  of  motor-driven,  extendable/ re- 
tractable primary  booms  and  tip  masses  which  could  be  "scissored"  in  orbit  to  change  the 
geometry  of  the  deployed-boom  configuration. 

The  booms  and  tip  masses  provided  the  required  design  flexibility  for  achievement  of  the 
required  moments  of  inertia.  The  gravity  gradient  orienting  torques  tend  to  align  the  axis 
of  minimum  moment  of  inertia  with  the  local  vertical.  After  the  local  vertical  has  been 
established,  orbital  rate  appears  on  the  spacecraft  and  the  maximum  moment  of  inertia 
tends  to  align  with  the  orbit  plane  normal,  thereby  producing  three-axis  control.  The 
orienting  torques  are  all  proportional  to  the  differences  in  the  spacecraft  moments  of  inertia 
and  the  rods  and  tip  masses  are  sized  to  provide  torques  of  sufficient  magnitude  for  attitude 
stability.  The  ability  to  extend  and  retract  (as  well  as  scissor)  the  primary  booms  provided 
the  capability  for  a steady-state  experiment  on  the  sensitivity  of  gravity-gradient  systems 
to  basic  configuration  parameters.  Also  included  was  a combination  passive  damper  which 
provided  the  capabilit3'-  for  in-orbit  selection  of  either  of  two  technical^  competitive  damping 
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schemes:  eddy-cur  rent  damping  or  magnetic  hysteresis  damping.  Both  schemes  were 
designed  to  dissipate  spacecraft  librational  energy  through  the  use  of  permanent  magnets 
only.  The  eddy  current  damper  was  diamagnetically  suspended  and  utilized  a crescent  of 
very  thin  ferromagnetic  material  to  provide  the  torsional  restraint.  The  hysteresis  damper 
was  suspended  by  a torsion  wire  which  inherently  provided  its  own  torsional  restraint. 
Attached  to  the  damping  axis  was  a self-deployable  damper  boom  system  which  was  "detuned" 
from  the  frequency  characteristics  of  the  primary  system  to  ensure  relative  motion  through 
the  damper  for  all  but  ideal  steady-state  conditions.  Damping  of  spacecraft  motion  in  all  axe 
was  achieved  with  a single- axis  damper  by  taking  advantage  of  the  inherent  cross  coupling 
between  axes,  a characteristic  of  this  particular  configuration.  The  basic  configuration 
parameters  (spring  constant,  damping  coefficient,  rod  lengths  and  tip  masses,  etc. ) were 
selected  as  a result  of  an  interchange  of  ideas  and  information  between  NASA/Ames  and  the 
General  Electric  Company  and  adopted  for  use  on  the  Application  Technology  Satellite  progra 
by  NASA/Goddard. 

A TV  camera  system  was  provided  to  observe  motion  of  targets  fastened  to  the  tips  of  the 
primary  booms.  This  was  primarily  for  the  purpose  pf  obtaining  data  on  in-orbit  boom 
dynamics  and  thermal  bending.  A distributed  solar  aspect  sensing  system  was  provided  to 
work  in  conjunction  with  an  earth  IR  sensor  (GEE),  or  antenna  polarization  angle  (POLANG), 
to  provide  sufficient  data  for  a determination  of  three-axis  spacecraft  attitude.  A power 
control  unit  provided  the  electronics  interface  with  the  spacecraft's  telemetry,  command 
and  power  systems.  Two  sets  of  ground  test  equipment  were  also  furnished.  Software 
developments  included  an  ATS  Mathematical  Model  computer  simulation  program,  an  Attitude 
Determination/ Data  Reduction/Data  Analysis  program  for  reduction  and  processing  of  PCM 
data  recorded  on  magnetic  tape,  and  a "quick  look"  data  system  for  quick  turnaround  pro- 
cessing of  PCM  data  bursts  received  by  NASCOM  teletype.  The  in-orbit  spacecraft  configu- 
ration is  depicted  in  Figure  1-1. 

The  first  system  (A  TS-A),:tyaS'  launched  6 April  1967.  Failure  of  the  orbit-circularizing 
Agena  second  burn  left  the  spacecraft  stranded  in  a highly  elliptical  (e  = 0.454)  orbit.  This 
preventedachievementof  earth-pointing  stability  and,  despite  the  fact  that  all  gravity  gradient 
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Figure  1-1.  Spacecraft  Configuratioa 
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systems  were  deployed  and  functioned  normally,  the  prime  gravity  gradient  experiments 
could  not  be  accomplished. 

The  second  system  (ATS-D)  was  launched  10  August  1968.  Failure  of  the  Centaur  second 
burn  left  the  spacecraft  stranded  in  a low  altitude  parking  orbit  and  prevented  separation  of 
the  spacecraft  from  either  the  Centaur  or  the  spacecraft  apogee  engine.  The  gravity 
gradient  hardware  was  successfully  exercised,  but  no  gravity  gradient  experimentation 
could  be  performed.  The  system  reentered  the  earth's  atmosphere  on  17  October  1968. 

The  third  system  (ATS-E)  was  launched  12  August  1969.  Shortly  after  synchronous  orbit 
injection,  and  while  still  in  the  intermediate  spin-stabilized  mode,  the  spacecraft  developed 
uncontrollable  nutations  which  precipitated  a fall  over  into  a flat  tumbling  mode.  Subsequent 
separation  of  the  apogee  motor  casing  caused  the  spacecraft  to  revert  to  a spin  mode,  but 
in  the  wrong  direction  for  system  despin  using  the  yo-yo  despin  system.  Consequently,  the 
spacecraft  cannot  be  despun  and  the  gravity  gradient  system  cannot  be  deployed  without 
catastrophic  consequences.  Hence,  again,  the  gravity  gradient  experiment  can  not  be  per- 
formed. 

In  spite  of  the  inability  to  perform  or  initiate  the  gravity  gradient  experiments,  GE  provided 
active  support  to  the  ATS  Operations  Control  Center  and  the  GSFC  Project  Office  during 
each  of  the  three  periods  of  post-launch  contingency  operations.  Under  separate  contract, 

GE  continues  to  provide  support  in  the  development  of  techniques  for  salvaging  data  from 
the  ATS-E  magnetometer  experiment. 

1.2  SCOPE  AND  ORGANIZATION  OF  REPORT 

This  report  provides  a technical  summary  of  the  design,  development,  test  and  flight 
analysis  for  each  gravity  gradient  stabilization  system.  The  time  period  is  from  29  June  1964 
(contract  inception)  through  31  December  1969  (initiation  of  contract  closeout).  An  overall 
schedule  of  activities  during  this  period  is  presented  in  Table  1-1.  The  report  is  dividied 
into  two  volumes:  Volume  I,  System  Software  and  Analysis,  and  Volume  II,  Hardware 
Development  and  Test.  Volume  I contains  the  background  analysis  which  established  the 
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Table  1-1 


Program  Definition  (Phase  I) 

Work  Statement,  Program  Plans  and 
Schedules,  Integrated  Test  Plan, 

Component  and  System  ^ecs,  Spacecraft 
Interface  Specs,  Drawing  Tree,  Initial 
Breadboards,  Subcontract  Selection,  etc. 

Program  Implementation  (Phase  11) 

Definitive  Test  Planmng  & Documentation 
Component  Thermal  & E)ynanuc  Models 
AGE  Console  Development  and  Checkout 
Engineering  Design  and  Development 
Engineenng  Unit  Testing 
Subsystem  Prototype  Testing  (GE) 

Subsystem  FUght  Unit  Testing  (GE) 

System  Prototype  Testing  (HAC) 

System  Flight  Acceptance  Testing  (HAC) 

Launch  (ATS-A) 

Subsystem  Prototype  and  Flight  Umt 

Testing,  Storage  & Special  Tests  \ ATS-D&E 
at  GE  (Flights  D & E)  J 

Launch  (ATS-D) 

Launch  (ATS-E) 

Flight  Support  & Analysis 
ATS-A 
ATS-D 
ATS-E 

Software  Development  and  Checkout 
(Attitude  Determinanon  Programs, 

Quick- Look  Data  System  & ATS  Math  Model) 
Performance  Simulation  and  Orbit  Test  Planmng 
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•basic  hardware  parameters  and  performance  estimates  and  provided  estimates  of  performance 
variations  due  to  a variety  of  necessary  design  modifications.  Also  included  in  Volume  I is  a 
descriptive  summary  of  software  developments.  Volume  n contains  a comprehensive  summary 
of  the  engineering  effort^associated  with  the  development  and  test  of  each  subsystem  and  in- 
cludes a description  of  the  hardware  requirements  and  assumptions. 
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GRAVITY  GRADIENT  EXPERIMENT 


2.1  EXPERIMENT  OBJECTIVES 

The  basic  objectives  of  the  ATS  gravity  gradient  stabilization  system  ejqperiment  were  to: 


1,  Demonstrate  operational  feasibility  at  medium  and  synchronous  orbit  altitudes 

2,  Demonstrate  compatibility  with  stabilization  requirements  of  long-life,  applica- 
tions-tj^e  satellite  missions 

3,  Obtain  flight  data  for  design  performance  evaluation  and  subsequent  application 
to  the  design  of  gravity  gradient  stabilization  systems  for  compatible  future 
programs. 


These  objectives,  delineated  further  in  Table  2-1  and  as  follows, dictated  die  fundamental 
system  requirements  for  the  stabilization  system  hardware  and  software.  Gravity  gradient 
experiment  orbit  test  and  flight  evaluation  plans,  prepared  for  each  of  the  gravity  gradient 
flints,  delineated  the  specific  tests  to  be  performed  in  orbit  and  provided  all  pertinent  data 
required  for  efficient  on-orbit  operations.  References  to  these  documents  will  be  found  in 
Section  6. 


Table  2-1.  Gravity  Gradient  Mission  Objectives 


Mission  Objectives 


Orbit  Tests 


( 1.  Operational  Peasibility 


TI.  Mission  Compatibility 


m.  Design  Performance  Evaluation 


1 Initial  Capture 

2 Transient  Damping 

3 Steady-State  Performance 

4 Pitch  Inversion 

5 Yaw  Inversion 

1 System  Response  to  Impulse  Functions 

2 Operational  Tests  by  ATS  Experimenters 

3 Life  Test 

1 Performance  Sensitivity  - Moment  of 
Inertia  Ratios  and  Magnitudes 

2 Boom  Thermal  Bending  and  Boom 
D3mamics  Effects 

3 TV  and  POLANG  for  Attitude  Determi- 
nation 

4 Evaluation  of  Mathematical  Model 
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2.1.1  OPERATIONAL  FEASIBILITY 

To  demonstrate  the  operational  feasibility  of  gravity  gradient  stabilization,  it  must  be  shown 
that  the  time  to  capture  and  settle  to  steady-state  (and  the  subsequent  steady-state  perfor- 
mance) are  compatible  with  the  mission  requirements  of  programs  which  would  typically 
utilize  such  systems.  "Capture"  was  defined  to  be  the  point  at  which  pitch  and  roll  tumbling 
have  ceased  (yaw  tumbling,  by  definition,  was  allowed  to  continue  beyond  the  point  of  capture). 
Due  to  the  bi-stable  characteristics  of  gravity  gradient  systems,  spacecraft  motion  was  de- 
scribed as  tumbling  in  pitch,  roll  or  yaw  if  the  attitude  excursions  about  the  respective  axes 
exceeded  90  degrees.  With  increasing  altitude,  capture  without  an  initial  period  of  tumbling 
is  increasingly  difficult.  This  is  primarily  due  to  the  increased  sensitivity  of  capture 
stability  to  body  axis  rates  at  the  time  of  initiation  of  the  gravity  gradient  mode.  Initial 
rates  result  typically  from  launch  vehicle  separation  rates  (ATS- A)  or  yo-yo  despin  residual 
rates  (ATS-D  and  E)  depending  upon  whether  or  not  an  intermediate  spin  stabilization  mode 
is  required.  These  residual  rates,  coupled  with  spacecraft  moment  of  inertia  properties, 
produce  a level  of  initial  angular  momentum  whidi  must  be  controlled  in  order  to  achieve 
c^ture.  This  becomes  more  difficult  with  increased  altitude  due  to  the  weakening  of  the 
gravity  field  gradient.  For  ATS- A,  at  an  altitude  of  6,000  nautical  miles  (nm),  little  or  • 
no  tumbling  was  expected  for  initial  rates  of  up  to  1 degree/second  about  all  axes.  For 
ATS-D  and  E,  however,  an  initial  period  of  tumbling  would  not  have  been  une^ected.  To 
avoid  potential  tumbling  periods  of  400  hours  or  more,  operational  procedures  were  de- 
veloped (and  recommended  in  the  Gravity  Gradient  Orbit  Test  Plans  for  ATS-D  and  E)  to 
achieve  boom  deployment  in  the  vicinity  of  the  local  vertical.  These  procedures  were  ex- 
pected to  minimize  the  initial  capture  problems  on  ATS-D  and  E and  produce  an  initial 
period  of  little  or  no  tumbling  for  these  flights  also.  The  mechanical  sequence  of  capture 
necessitated  a properly  timed  deployment  of  the  primary  booms  followed  by  deployment  of 
the  damper  booms  and  "scissoring"  of  the  primary  boom  system  from  an  initial  deployment 
scissor  angle  of  19  degrees  to  a nominal,  steady-state  scissor  angle  of  25  degrees.  The 
"scissor  angle"  was  defined  as  half  the  acute  angle  of  the  X formed  by  the  fully  deployed 
booms.  Following  the  "scissor"  maneuver,  the  Combination  Passive  Damper  was  to  be 
uncaged  - initially  in  the  eddy  current  mode.  Transient  damping  characteristics  of  the 
eddy  current  damper  were  thereby  to  be  obtained  during  the  initial  period  of  capture  and 
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damping  to  steady  state.  The  design  goal  for  achievement  of  steady  state  was  15  orbit 
periods  from  the  point  of  capture.  This  corresponded  to  4 days  for  ATS-A  and  15  days  for 
ATS-D  and  E.  Transient  damping  data  for  the  hysteresis  damper  was  to  be  obtained  during 
subsequent  tests  requiring  large  angle  perturbations  by  the  pitch  inversion  thrusters.  This 
would  nominally  have  been  accomplished  as  a direct  corollary  to,  the  results  of  the  pitch 
inversion  experiments. 

Once  steady-state  was  achieved,  the  gravity  gradient  tests  were  to  be  concerned  primarily 
with  Mission  Objectives  II  and  m.  However,  as  apart  of  Objective  I,  sufficient  data  was 
required  at  proper  times  in  the  orbit  and  at  proper  times  of  the  year  to  evaluate  the  effects 
on  steady-state  of: 

1.  Sun  in  the  .orbit  plane 

2 . Sun  at  maximum  inclination  .to  orbit  plane  • . 

3.  Eddy-current  damping  versus  passive  hysteresis  damping 

4.  Stationkeeping  thrusters , including  frequency  and  duration  of  pulses 

5.  Combinations  of  Items  1 through  4. 

During  the  initial  capture  period,  if  c^ture  without  an  initial  period  of  tumbling  were 
achieved,  the  spacecraft  would  have  reached  steady- state  in  an  upri^t  orientation.  Un- 
fortunately, unless  optimum  initial  rates  were  obtained  and  attitude  sensing  techniques 
were  utilized  to  ensure  timely  deployment  of  the  primary  booms,  the  more  probable,  situa- 
tion would  have  been  a brief  initial  period  of  tumbling.  Since  the  system  was  stable  in 
either  an  upri^t  or  an  inverted  orientation,  a finite  probability  of  inverted  capture  existed. 
•If  c£^pture  was  inverted,  an  early  operational  requirement  to  turn  the  spacecraft  over  would 
have  arisen.  This  could  have  been  done  in  either  of  two  ways: 

1.  Subliming  rocket  thruster  inversion 

2.  Boom  retraction  and  extension  inversion 
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The  first  system  would  probably  have  been  the  safest  but  offered  the  least  assurance  of 
success  on  the  first  try  due  to  uncertainties  in  the  thrust  levels  of  the  inversion  thrusters. 

The  second  system  offered  a more  certain  systems  approach  but  was  probably  a little 
riskier  because  of  the  catastrophic  consequences  of  a failure  in  the  boom  system  during  the 
retraction  and  extension  phases.  The  recommendation  was  for  the  thruster  system  to  be 
utilized  and,  if  necessary,  the  attempts  be  repeated  until  a successful  inversion  was  obtained. 
Since  some  form  of  an  inversion  system  will  be  required  on  all  eai^-seeking  operational 
spacecraft  (unless  redundant  payloads  are  utilized),  the  pitch  inversion  tests  on  ATS  were 
considered  to  be  some  of  the  most  significant  of  Ihe  gravity  gradient  tests. 

In  addition  to  being  bi-stable  in  pitch,  the  ATS  gravity  gradient  spacecraft  was  bi-stable  in 
yaw.  Althou^  no  ATS  requirements  existed  for  "forward"  versus  "backward"  flight, 
future  missions  may  involve  such  requirements.  Hence,  as  an  additional  gravity  gradient 
test,  a controlled  yaw  inversion  attempt  was  planned.  The  main  effort  was  to  have  been 
concerned  with  the  establishment  of  the  sensitivity  of  che  yaw  transient  to  initial  pitch  dis- 
placements, There  is  a notable  general  tendency  for  a yaw  inversion  to  occur  as  a charac- 
teristic of  the  attitude  dynamics  associated  with  large  pitch  displacements.  If  the  pitch 
inversion  techniques  previously  discussed  could  be  utilized  to  obtain  a pitch  displacement 
of  just  sufficient  amplitude  to  cause  one  inversion  in  yaw  (as  the  spacecraft  settles  back  to 
steady- state),  the  techniques  could  then  be  utilized  not  only  for  pitch  inversion  but  for  yaw 
inversion  as  well. 

2.1.2  MISSION  COMPATIBILITY 

The  second  mission  objective  was  aimed  at  demonstrating  compatibility  with  mission  re- 
quirements of  long-life,  applications-type  satellites.  The  most  significant  measure  of  suc- 
cess, for  this  particular  objective,  would  have  been  the  compatibility  of  steady-state  attitude 
dynamics  with  other  attitude  sensitive  ATS  experiments.  Gravity  gradient  attitude  data 
(provided  NASA  by  GE)  was  to  have  been  added  to  the  ATS  World  Map  (at  NASA/GSFC)  for 
distribution  to  all  ATS  ejq)erimenters  for  use  in  the  evaluation  of  their  own  particular  ex- 
periments. One  ejq)ected  result  of  this  evaluation  would  have  been  an  assessment  of  the 
compatibility  of  gravity  gradient  stabilization  with  the  mission  requirements  of  the  various 


2-4 


^plieatlons-oriented  experiments.  One  particular  measure  of  compatibility  would  have 
been  the  spacecraft  response,  if  any,  to  the  torque  impulses  produced  each  time  the  tape 
recorder  in  the  ATS-A  meteorologicai  experiment  package  was  turned  on  or  off.  The 
characteristics  of  these  impulses  were  known  in  advance  and  the  start  and  stop  times  would 
have  been  available  via  telemetry  from  the  spacecraft.  The  spacecraft  reaction  to  these 
impulses  would  have  been  sou^t  in  the  resultant  attitude  determined  from  telemetered 
attitude  sensor  data. 

Finally,  since  long-life  in  orbit  is  one  of  the  prime  advantages  of  passive  stabilization,  a 
life  test  was  to  have  been  performed.  This  test,  essentially,  called  for  a periodic  monitor- 
ing of  spacecraft  performance  for  the  life  of  the  telemetry  and  attitude- sensing  subsystem. 
The  end  objective  was  to  detect  any  long-term  performance  changes  (such  as  might  occur 
through  degradation  of  surface  properties  with  an  associated  unbalancing  of  solar  pressure 
torques)  and  establish  the  ultimate  cause  of  failure. 

2,1.3  DESIGN  PERFORMANCE  EVALUATION 

The  biggest  uncertainty  in  predicting  the  performance  of  gravity  gradient  satellites  is  the 
effect  of  boom  thermal  bending  and  boom  dynamics.  Full  scale  ground  simulation  and  test- 
ing is  not  practical.  ATS  provided  the  first  opportunity  for  direct  observation  of  these 
phenomena  in  orbit. 

Boom  thermal  bending  results  from  the  temperature  gradientinduced  in  the  booms  through 
solar  heating  on  one  side  of  the  boom  and  radiative  cooling  on  the  opposing  side.  The  ex- 
pansion of  material  on  the  "hot"  side  and  contraction  of  material  on  the  "cold"  side  cause 
the  booms  to  bend  in  much  the  same  manner  as  a bi-metallic  strip.  The  proper  choice  of 
materials  and  surface  coatings  .can  minimize  this  effect  but  not  completely  eliminate  it. 

The  ATS  booms  were  silver-plated  beryllium  copper.  The  bending  phenomena  is  compli- 
cated (for  the  case  of  the  overlapped  configuration  used  on  ATS)  by  the  fact  that  the  maxi- 
mum temperature  gradient  is  not  necessarily  across  the  boom  diameter.  The  "skewed" 
temperature  gradient  results  in  stresses  which  produce  bending  in  a plane  other  than  that 
containing  the  sun  vector. 
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Mathematical  simulation  of  this  phenomenon  was  the  subject  of  considerable  effort  at  GE  and 
included  both  test  and  analysis.  The  results  of  these  efforts  were  formulated  in  semi- 
empirical  equation  form  and  incorporated  into  the  ATS  Mathematical  Model.  The  empirical 
nature  of  the  formulation  was  embodied  in  the  coefficients  of  the  individual  terms  of  the 
thermal  bending  equations  and  were  specified,  along  with  optical  surface  properties,  as 
irputs  to  the  computer  program.  This  allowed  sufficient  flexibility  in  the  thermal  bending 
model  for  updates  based  on  data  obtained  from  orbit  via  the  gravity  gradient  television 
system . 

The  television  data  was  to  be  recorded  by  35  mm  photography  of  the  TV  monitors  at  the 
ground  stations.  The  processed  film  was  then  to  be  transmitted  to  GE -Valley  Forge  for 
analysis.  Nine-inch  diameter  targets,  designed  to  optimize  reflected  lifting  conditions 
over  the  widest  possible  range  of  solar  incidence  angles,  were  mounted  on  each  of  the  pri- 
mary boom  tips.  Reduced  TV  data,  for  correlation  with  the  empirical  thermal  bending 
equation  in  the  Mathematical  Model,  would  have  been  in  the  form  of  boom  tip  deflections 
relative  to  fixed  spacecraft  body  coordinates.  To  get  a "zero"  point  for  these  deflections 
(representing  the  contribution  of  initial  curvature  to  the  observed  total  deflection  due  to 
initial  curvature  plus  thermal  bending),  television  pictures  were  required  at  the  point  of 
exit  from  a solar  eclipse  region.  This  required  a combination  of  ground  station  coverage 
(preferably  Rosman,  NIC.)  and  orbit-eclipse  conditions  which,  for  ATS-A,  may  have  been 
difficult  to  achieve.  Conditions  would  have  been  beyond  control  (other  than  from  a data 
acquisition  scheduling  viewpoint)  once  the  orbit  was  established.  In  addition,  it  was  re- 
quired that  the  time  in  eclipse  preceding  the  exit  point  be  sufficiently  long  for  the  transient 
dynamic  effects  (due  to  thermal  "twang")  to  be  damped  out  before  emergence  from  the 
eclipse  region.  Thermal  bending  data  was  to  be  analyzed  under  a variety  of  solar  incidence 
angles  in  an  attempt  to  obtain  complete  environmental  coverage.  The  results  were  to  be 
correlated  with  predictions  based  on  the  thermal  bending  formulation  within  the  Mathematical 
Model  and,  if  the  quality  of  the  data  warranted,  used  to  update  the  analytical  model  of  the 
thermal  bending. 
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The  thermal  "twang"  phenomena  was  an  example  of  the  boom  d5mamics  effects  to  be  studied. 
The  thermal  time  constant  of  the  ATS  booms  was  estimated  to  be  about  40  seconds.  The 
fundamental  period  of  mechanical  motion  of  the  booms,  however,  was  about  500  seconds. 
Hence,  as  the  spacecraft  entered  an  eclipse  region  with  the  booms  thermally  bent,  the 
temperature  gradient  would  have  been  removed  from  the  booms  faster  than  the  booms  could 
mechanically  respond  to  the  resultant  stresses  of  bending.  The  result  would  have  been 
comparable  to  the  effect  of  deflecting  and  releasing  the  tip  of  a cantilever  spring.  This 
phenomena  is  usually  referred  to  as  the  thermal  "twang"  effect.  It  was  not  ej^jected  to 
produce  an  appreciable  effect  on  the  attitude  of  the  central  body  but  its  observance,  via  the 
gravity  gradient  television  system,  could  have  resulted  in  a significant  contribution  to  the 
body  of  knowledge  required  for  confident  design  of  gravity  gradient  boom  systems.  The 
observance  of  this  effect,  however,  imposed  an  even  tighter  constraint  on  ground- station 
coverage  and  orbit-eclipse  conditions.  It  was  required  that  the  eclipse  period  be  long 
enough  to  ensure  significant  thermal  cooling  but  short  enough  to  preclude  structural  damp- 
ing from  reducing  the  resultant  boom  oscillations  to  a point  where  they  were  no  longer 
observable.  This  type  condition  can  be  achieved  only  at  the  beginning  or  end  of  a continuous 
sunlight  period  as  the  satellite  passes  through  the  edge  of  the  eclipse  region.  This  con- 
straint, plus  the  requirement  for  continuous  thermal  bending  data  throughout  an  orbital 
period  (without  interference  from  the  thermal  twang  effect)  produced  basic  requirements 
for  a period  of  continuous  sunlight.  ATS-A  requirements  could  be  satisfied  only  through 
proper  constraints  on  launch  and  orbit  injection  conditions.  These  constraints  were  speci- 
fied in  the  Gravity  Gradient  Orbit  Test  Plan  for  ATS-A. 

Other  boom  dynamics  phenomena  planned  for  observation  with  the  gravity  gradient  tele- 
vision system  included  scissoring  of  the  booms,  retraction  and  extension  of  the  booms,  the 
effect  of  thruster  torques  during  pitch-up  maneuvers  and  the  deflection  response  of  the 
booms  during  spacecraft  inversion. 

The  primary  boom  system  scissoring  capability  was  included  as  a means  for  ground  control 
of  one  of  the  key  design  parameters  affecting  spacecraft  steady  state  performance.  As 
previously  defined,  the  scissor  angle  is  half  the  acute  angle  formed  by  the  X of  the  fully 
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deployed  rods.  This  angle  could  be  varied  by  ground  command  and  used  to  introduce 
variations  in  the  spacecraft  moment-of-inertia  ratios.  The  angle  could  be  varied  over  a 
range  of  from  11  degrees  to  31  degrees,  with  25  degrees  representing  the  nominal  design 
point  for  optimum  performance.  Off-nominal  scissor  angles  would  have,  most  noticeably, 
introduced  a bias  in  yaw  attitude  called  the  "crab"  angle.  For  ATS-D,  with  the  sun  out  of 
the  orbit  plane,  this  crab  angle  could  have  approached  20  degrees  at  a scissor  angle  of  11 
degrees.  Comparative  evaluation  of  the  two  damping  schemes  (eddy-current  damping  and 
passive  hysteresis  damping)  was  to  be  performed  at  selected  values  of  the  scissor  angle. 
This  would  have  included  a steady-state  performance  evaluation,  as  well  as  a transient  per- 
formance evaluation.  Transient  performance  data  would  have  been  obtained  through  pitch 
displacements  to  approximately  30  degrees  using  short  burns  of  the  inversion  thrusters. 

The  resultant  time  to  settle  to  steady-state  would  have  been  established  as  a function  of  the 
scissor  angle.  The  whole  procedure  was  to  be  repeated  at  shorter  boom  lengths  giving  the 
added  parametric  effect  of  changing  the  moment-of-inertia  magnitudes.  The  main  objective 
of  these  tests  was  to  evaluate  the  performance  sensitivity  to  variations  in  moment-of-inertia 
properties  for  subsequent  correlation  with  predictions  of  the  ATS  Mathematical  Model. 

A Boom  System  Failure  Mode  Simulation  test  was  proposed  for  much  the  same  reason.  The 
objective  was  to  scissor,  for  example,  one  pair  of  booms  to  11  degrees  and  the  other  pair 
to  31  degrees.  This  would  have  introduced  a significant  shift  in  the  system  center  of  radia- 
tion pressure.  The  result  would  have  represented  an  exaggerated  off-nominal  condition  for 
correlation  of  performance  data  with  Math  Model  prediction.  A second  example  was  the 
case  of  shortening  one  pair  of  booms  to,  for  example,  50  feet  while  leaving  the  remaining 
pair  of  booms  at  their  fully-deployed  length.  This  condition  would  have  come  closer  to  a 
true  simulation  of  a failure  mode  than  the  antis3mimetric  scissoring  test.  (Normally, 
scissoring  c^ability  would  not  be  included  in  a gravity  stabilized  system;  however,  full 
deployment  on  one  set  of  booms  and  partial  deployment  on  another  set  of  booms  is  a potential 
mode  of  failure  on  most  gravity  gradient  systems. ) Because  of  the  hazards  associated  with 
this  test,  it  was  not  scheduled  until  the  latter  part  of  the  orbit  test  period. 
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The  gravity  gradient  television  system/  designed  primarily  for  observations  of  boom  thermal 
bending  and  boom  dynamics  phenomena,  also  offered  the  potential  of  a back-up  attitude 
sensing  device.  Its  value,  for  real-time  assessment  of  attitude,  is  unquestionable:  if  the 
earth  is  in  the  field  of  view  and  remains  there  for  any  period  of  time,  a real-time  visual 
proof  of  steady-state  operation  is  obtained.  It  also  provides  the  c^ability  for  estimating 
attitude  rate  if  the  earth  is  seen  to  pass  through  the  field  of  view.  Although  not  planned  for 
use  on  ATS,  templates  and  overlays  could  easily  have  been  designed  for  direct  computa- 
tion of  attitude  from  the  visual  evidence  presented  on  the  TV  monitors  at  the  ground  stations. 
Plans  for  evaluation  of  the  TV  as  an  attitude  sensor  depended  on  data  analysis  of  the  films 
produced  by  photographing  the  TV  monitors.  The  angle  between  the  local  vertical  and  the 
spacecraft's  yaw  axis  could  have  been  determined  if  a sufficiently  large  section  of  the  earth 
had  appeared  in  the  presentation  for  establishment  of  the  direction  of  the  radius  of  curva- 
ture. Once  this  was  known,  knowledge  of  the  size  of  the  earth  from  the  altitude  at  which  the 
pictures  were  taken  would  have  been  sufficient  information  to  compute  the  attitude  angle  in 
question.  If  the  earth's  terminator  (the  division  between  the  sunlit  and  night  portions  of 
the  earth)  was  clearly  enou^  identified,  or  if  land  masses  could  have  been  identified,  there 
was  the  possibility  of  establishing  yaw  attitude.  Once  this  was  known,  complete  3-axis 
attitude  determination  would  have  been  a matter  of  routine.  Attitude  determined  in  this 
manner  would  have  been  correlated  with  attitude  determined  from  the  solar  aspect  and  earth 
IR  sensors  to  assess  the  accuracy  of  attitude  determination  using  the  TV  system. 

POLANG,  an  acronym  for  polarization  angle,  was  also  planned  for  use  in  attitude  deter- 
mination. The  polarization  angle  defined  the  orientation  of  the  incoming  linearly  polarized 
E-vector  radiated  from  the  spacecraft's  antenna  system.  POLANG,  measured  at  the 
ground  stations,  was  to  be  transmitted  to  NASA/GSPC  for  corrections  related  to  antenna 
errors  and  Faraday  rotation  which  occur  at  passage  of  the  E-vector  throu^  the  earth's 
ionosphere.  The  corected  POLANG  was  then  to  be  transmitted  to  GE,  along  with  the  sun 
sensor  and  earth  sensor  data  for  the  computation  of  attitude.  The  corrected  POLANG  data 
would  have  provided  significant  information  on  the  orientation  of  the  spacecraft's  pitch  axis. 
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Finally,  the  last  item  under  Mission  Objective  in  was  the  evaluation  of  the  ATS  Mathematical 
Model.  The  design  of  gravity  gradient  systems  (especially  two-body  coupled  systems  such 
as  ATS)  is  heavily  dependent  upon  the  use  of  the  computer  as  a design  evaluation  tool.  The 
systems  problems  are  too  complex  and  interrelated  to  evaluate  in  any  other  manner.  Com- 
puter programs,  however,  can  be  no  better  than  the  assumptions  and  mathematical  modeling 
techniques  used  in  generating  them.  One  of  the  basic  gravity  gradient  e2q)eriment  objectives, 
therefore,  was  to  check  the  ATS  Mathematical  Model  against  real  data  to  establish  the 
confidence  necessary  for  the  commitment  of  j&xture  ATS-type  programs  to  its  use.  The 
plan  for  accomplishing  this  objective  is  discussed  further  in  Section  2.2.2. 

The  distinction  between  test  plans  for  ATS-A  and  ATS-D/E  was  a matter  of  emphasis.  The 
emphasis  on  ATS-D/E,  however,  was  to  have  been  primarily  in  terms  of  time  to  c^ture 
and  achieve  steady-state  and  the  compatibility  of  steady  state  and  stationkeeping  require- 
ments, Spacecraft  inversion,  for  example,  was  to  have  been  attempted  on  ATS-D/E  only 
if  required  to  achieve  an  upright  orientation.  E3q>eriments  with  scissoring  were  to  be  much 
more  restrictive.  Simulation  of  boom  failure  modes  and  attempts  at  yaw  inversion  were  to 
have  been  eliminated.  Thus,  the  original  test  plan  for  ATS-D/E  was,  in  general,  to  be  a 
simplified  version  of  the  plan  for  ATS-A,  with  emphasis  placed  on  mission  compatibility 
rather  than  gravity  gradient  experimentation.  This  philosophy  changed  somewhat  after  the 
failure  of  ATS-A  and  ATS-D  to  achieve  acceptable  orbits. 


2.2  MATHEMATICAL  MODEL 
2.2.1  DESCRIPTION 

The  ATS  Mathematical  Model  is  a digital  computer  program  designed  to  simulate  the  orbital 
behavior  of  the  two-body  gravity  gradient  configuration  used  for  the  Applications  Technology 
Satellites  A,  D and  E.  The  gravity  gradient  orienting  torques  are,  for  small  angle  devia- 
tions, linear  with  attitude  error.  As  a consequence,  the  spacecraft  behaves  in  a manner 
characteristic  of  a spring-mass  system,  and  will  oscillate  as  a result  of  external  distur- 
bances. The  minimum  error  (peak  of  the  sine  wave)  achieved  by  the  spacecraft  is  defined 
to  be  the  steady  state  error.  The  value  of  steady  state  error  is  a function  of  the  magnitude 
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and  frequency  of  the  external  disturbances  as  related  to  the  magnitude  of  the  orienting 
torques  and  the  frequency  response  of  the  spacecrafto  The  Mathematical  Model  simulates 
the  disturbances,  as  well  as  they  are  known,  and  by  integrating  Euler ^s  dynamical  equa- 

T 

tions,  provides  a time  history  of  the  performance  which  can  be  used  to  determine  the  steady 
state  erroTg  The  program  is  not  limited  to  small  angles,  however,  and  large  angle  tran^ 
sient  behavior  can  also  be  evaluated*  A brief  discussion  of  the  simulated  disturbance 
torques  is  provided  herein.  The  equations  contained  in  the  program,  as  well  as  the  limita- 
tions, are  discussed  in  GE  Document  No.  66SD4214,  Attitude  Equations  for  the  Applications 
Technology  Satellite  , June  1,  1966. 

2.2. 1.1  Magnetic  Errors 

A source  of  attitude  error  at  any  altitude  is  the  torque  due  to  a residual  magnetic  dipole 
within  the  central  body.  Most  spacecraft  have  electric  circuits,  ferromagnetic  materials, 
etc. , which  combine  to  create  a magnetic  dipole  moment.  This  dipole  moment  interacts 
with  the  earth magnetic  field  and  torques  the  spacecraft.  The  magnitude  of  the  torque 
is  a function  of  the  spacecraft  magnetic  moment  (orientation  and  magnitude)  and  the  local 
value  of  the  earth *s  magnetic  field  strength.  The  local  value  of  the  earth ^s  magnetic  field 
strength  is,  of  course,  dependent  upon  the  location  of  the  spacecraft  within  the  magnetic 
field.  The  altitude,  latitude  and  longitude  of  the  spacecraft  all  change  as  the  satellite  re~ 
volves  about  the  earth,  and  as  the  earth  rotates.  Hence,  an  accurate  orbit  model  is  re- 
quired. At  synchronous  and  near- synchronous  altitudes,  the  magnetic  field  is  distorted 
by  the  sun  on  both  a continuous  (solar  wind  effects)  and  intermittent  (solar  storms)  basis. 

This  distortion  is  a function  primarily  of  the  earth ^s  position  with  respect  to  the  sun. 

Hence,  an  accurate  model  of  the  geomagnetic  field  with  solar  effect  modifications  is  re- 
quired. These  effects  have  all  been  considered  in  the  Mathematical  Model.  The  magnetic 
field  model  is  described  in  GE  Document  No.  66SD4567,  Geomagnetic  Field  Simulation  for 
the  ATS,  March  15,  1967. 

2.2«1.2  Orbit  Effects 

The  satellite  is  assumed  to  be  in  orbit  about  the  earth  and  changing  position  relative  to  the 
earth  in  accordance  with  orbit  dynamics.  In  this  connection,  the  secular  precession  of  the 


2-11 


orbit  line  of  apsides,  and  the  secular  regression  of  the  orbit  line  of  nodes  is  included  in 
the  calculation  of  spacecraft  position.  Orbital  dynamics  are  assumed  independent  of  the 
attitude  motions,  except  for  the  effect  of  an  eccentric  orbit.  The  radius  vector  of  an  ec- 
centric orbit  does  not  rotate  at  a constant  rate,  and  the  variation  in  rate  causes  a gravity 
gradient  torque  to  ^pear  on  the  spacecraft  pitch  axis.  For  eccentricities  up  to  about  0. 1, 
the  resulting  errors  are  directly  proportional  to  the  magnitude  of  die  eccentricity,  being  on 
the  order  of  1.2  degrees  (pitch)  per  0. 01  eccentricity.  The  original  version  of  the  Math 
Model  limited  eccentricity  to  0.1  for  simplicity.  After  the  troubles  with  ATS-A,  however, 
the  capability  was  expanded  into  the  non-linear  range  of  eccentricities  up  to  about  0.5.  It 
was  then  possible  to  demonstrate  orbit-eccentricity-induced  tumbling  modes. 

2. 2. 1.3  Solar  Torque 

A significant  disturbance  at  hi^  altitude  is  solar  torque.  The  solar  pressure  of  the  sun 
creates  a force  on  the  spacecraft  as  long  as  the  spacecraft  is  in  sunli^t.  If  this  solar 
force  vector  does  not  pass  through  the  system  center  of  mass,  a torque  will  appear.  This 
solar  torque  is  a function  of  satellite  sh^e,  rod  and  satellite  reflectivity  and  orbit  position 
relative  to  the  sun.  From  the  solar  torque  stant^oint,  the  central  body  is  represented  as 
a cylinder  divided  into  three  sections  with  end  effects  considered.  The  gravity  gradient 
rods  may  either  be  strai^t,  as  an  option,  or  curved  due  to  thermal  bending.  For  a sym- 
metrical spacecraft,  the  greatest  source  of  solar  torque  are  variations  in  gravity  gradient 
rod  reflectivity,  central  body  reflectivity  variations,  center  of  mass  offsets,  etc.  In 
addition,  shadowing  of  the  gravity  gradient  rods  by  the  central  body  will  cause  solar  torques. 
All  of  these  factors,  as  well  as  modeling  of  the  earth's  umbra  (no  sunli^t)  and  penumbra 
(reduced  sunli^t)  are  included  in  the  Mathematical  Model. 

2.2. 1.4  Thermal  Bending 

Thermal  bending  is  a phenomenon  associated  with  solar  heating  of  gravity  gradient  rods. 
Heating  of  one  side  of  the  rod  and  cooling  of  the  opposite  side  of  the  rod  creates  a tempera- 
ture gradient  across  the  rod  diameter.  The  gradient  causes  the  rod  to  bend  because  of 
differential  thermal  ejq)ansion,  much  like  a bi-metallic  strip.  Thermal  bending  has  three 
effects: 
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1.  It  creates  a solar  torque  because  the  symmetry  of  the  vehicle  is  destroyed. 

2.  It  causes  a shift  in  the  center  of  mass. 

3.  It  rotates  the  principal  axes. 

The  last  effects  are  primarily  the  result  of  the  tip  mass  being  displaced  by  the  bent  rod, 
and  are  completely  dependent  on  the  nature  of  the  gravity  gradient  rod.  The  Mathematical 
Model  simulates,  as  realistically  as  possible  the  behavior  of  the  open  section,  overlapped 
rods  used  on  ATS.  These  are  difficult  rods  to  model,  however,  and  simpler  rods  may  be 
simulated  for  comparison  runs  by  ^propriate  selection  of  input.  The  effect  of  movement 
of  the  center  of  mass  as  a result  of  thermal  bending  has  been  considered  both  in  the  solar 
torque  calculation  (along  with  the  curved  rod  effect)  and  the  stationkeeping  torque. 

2.2.1. 5 Stationkeeping 

The  synchronous  gravity- gradient  stabilized  ATS  carries  a thruster  to  act  as  a station- 
keeper.  If  the  thrust  vector  does  not  pass  throu^  the  spacecraft  center  of  mass,  the  sys- 
tem will  be  torqued.  Thermal  bending  will  cause  the  center  of  mass  to  wander,  but  nominal 
misalignments  of  the  gravity  gradient  rods,  thruster  misalignments,  and  uncertainty  in  the 
nominal  center  of  mass  will  also  cause  the  center  of  mass  to  be  other  than  the  predicted 
value.  All  of  these  effects  can  be  included  in  the  Mathematical  Model. 

2.2.1. 6 Maneuvers 

In  addition  to  the  external  disturbance  torques,  several  specialized  spacecraft  maneuvers 
must  be  simulated.  The  maneuver  with  the  widest  applicability  is  rod  retraction  and  ex- 
tension. The  gravity  gradient  rods  are  extendible,  and  are  stowed  during  launch.  Deploy- 
ment occurs  shortly  after  separation  from  the  booster  on  ATS-A  and  after  spacecraft  de- 
spin on  ATS-D  and  E.  During  deployment,  the  moment  of  inertia  of  the  spacecraft  rapidly 
changes,  and  this  change  must  be  considered  in  order  to  determine  the  initial  rates  and 
positions  for  capture  of  the  earth  (i.  e. , the  attainment  of  near  orbital  rate)  and  the  ensuing 
transient.  In  addition,  retraction  of  the  rods  followed  by  re-extension  of  the  rods  after  a 
short  wait  has  been  used  to  invert  a spacecraft  that  has  stabilized  upside  down.  The  principle 


2-13 


of  conservation  of  momentum  is  utilized.  Retraction  of  the  rods  causes  the  vehicle  to 
speed  up  its  rate  of  rotation.  When  sufficient  speed  has  been  obtained,  the  spacecraft  is 
allowed  to  coast  until  it  is  nearly  rightside  up.  At  this  point  the  rods  are  re- extended. 
This  re-extension  captures  the  spacecraft  in  the  correct  attitude.  The  maneuver  has  been 
successfully  demonstrated  in  orbit  and  can  be  simulated  in  the  Mathematical  Model.  The 
Model  can  then  be  used  to  determine  the  inversion  timing  sequence.  The  Mathematical 
Model  also  contains  the  capability  for  simulating  spacecraft  inversion  by  application  of 
thruster  torques.  The  thrusters  are  mounted  so  that  their  thrust  vectors  do  not  pass 
through  the  system  center  of  mass.  The  torque  produced  by  each  thruster  is  enou^  to  in- 
vert the  spacecraft.  A retro  thruster  is  provided  to  stop  the  vehicle  after  it  has  inverted. 
The  rise  and  decay  times  of  these  thrusters  are  considered  to  be  exponential.  Another 
Math  Model  routine  provides  the  capability  for  simulating  performance  before  and  after 
damper  boom  unclamping.  During  launch,  the  damper  boom  assembly  is  rigidly  mounted 
to  the  spacecraft.  After  spacecraft  deployment,  the  damper  boom  is  uncaged  and  begins 
to  operate.  Before  this  uncaging,  the  spacecraft  acts  as  a rigid  body.  The  ability  to  per- 
form this  unclamping  maneuver  has  been  included  in  the  Mathematical  Model,  Damping  of 
the  transient  motion  of  the  spacecraft  after  damper  boom  deployment  is  achieved  either  by 
rate  damping  (eddy  current  damper)  or  amplitude  damping  (hysteresis  damper).  The 
actual  spacecraft  can  physically  have  only  one  damper  engaged  at  a time,  but  in  the  Mathe- 
matical Model  simultaneous  combinations  of  both  are  possible. 

2.2.2  EVALUATION  PLAN 

The  ATS  Mathematical  Model  was  developed  primarily  for  use  in  system  design  evaluation, 

but  its  potential  value  as  an  operational  device  for  time  extrapolation  of  attitude  and  per- 

\ 

formance  data  was  an  important  element  in  plans  for  Math  Model  evaluation.  The  degree 
of  correlation  between  measured  satellite  performance  and  predicted  satellite  performance 
was  to  have  been  the  measure  of  success  in  the  accomplishement  of  the  Math  Model  goals. 
Unfortunately,  poor  correlation  could  have  been  obtained  through  no  fault  of  the  Math  Model 
and  carefully  considered  judgements  would  have  been  required  at  each  step  of  the  way  to 
ensure  that  deviations  labeled  as  being  due  to  Math  Model  imperfections  were  real  Math 
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Model  imperfections  and  not  simple  errors  in  input.  Measured  satellite  performance  would 
have  been  represented  by  the  output  from  GE's  ATS  Attitude  Determination  Program  (ADP) 
and  would  have  contained  (as  inherent  measurement  system  inaccuracies)  errors  due  to 
both  hardware  and  software  tolerances  in  the  data  loop  from  the  spacecraft  attitude  sensors 
through  spacecraft  telemetry,  ground  recording  and  processing,  to  final  computation  of 
attitude.  Predicted  satellite  performance  would  have  been  a direct  output  of  the  ATS  Mathe- 
matical Model  computer  program  but  would  have  contained  (as  inherent  performance  pre- 
diction uncertainties)  errors  due  to  the  inability  to  exactly  simulate  the  spacecraft  or  its 
environment  or  to  specify  exact  initial  performance  conditions.  The  combined  effect  of 
measurement  system  inaccuracies  and  performance  prediction  uncertainties  would  have  in- 
fluenced and  modified  the  conclusions  of  the  evaluation  effort.  To  minimize  differences  due 
to  these  effects,  predicted  satellite  performance  was  to  have  been  based  on  a final  set  of 
performance  predictions  made  after  establishment  of  the  orbit  and  measurement  (via  telem- 
etry and  attitude  determination)  of  initial  conditions  associated  with  the  various  phases  of 
the  Orbital  Operations  Plan.  If  observed  deviations  between  measured  and  predicted  data 
had  been  judged  to  be  attributable  primarily  to  uncertainties  in  hardware  parameters,  ini- 
tial conditions,  or  the  effect  of  orbit  eccentricity,  a valid  argument  for  verification  of  the 
Math  Model  system  design  evaluation  capability  could  and  would  have  been  presented.  On 
the  other  hand,  if  deviations  were  explainable  only  in  terms  of  basic  Haws  in  the  mathe- 
matical modeling,  recommendations  for  Math  Model  improvements  and/or  studies  to  de- 
lineate modification  requirements  would  have  been  made.  Specific  correlation  parameters 
for  use  in  this  endeavor  were  to  be  transient  decay  time  and  steady-state  performance  en- 
velope. Transient  decay  time  was  defined  as  the  time  from  a 30-degree  or  larger  pitch 
displacement  angle  (negligible  roll  and  yaw  displacements)  to  steady-state.  The  steady- 
state  performance  envelope  was  defined  to  be  a statement  of  pitch,  roll,  yaw  and  pointing 
angle  bias  and  oxcillatory  components  encompassing  the  excursions  of  the  respective  axes 
for  a period  of  three  or  more  orbits. 

As  a secondary  objective,  the  c^abilities  of  the  Math  Model  were  to  be  examined  in  terms 
of  the  basic  feasibility  and  accuracy  of  time  extr^olation  of  attitude  and  performance  data. 
The  potential  ^plication  to  the  problem  of  missing  data  (for  example)  was  to  be  investigated 
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by  generating  Math  Model  extrapolations  through  an  area  of  no  data  and  comparing  the 
continuance  of  predicted  data  with  measured  data  in  the  next  coverage  period.  If  feasible, 
time-extr^olated  attitude  and  performance  data  had  application  to  the  advanced  planning 
of  attitude  sensitive  e3q>eriments  and/or  operations.  One  of  the  criteria  of  feasibility  for 
such  applications  was  the  sensitivity  of  time-extrapolated  data  to  .variations  and/or  uncer- 
tainties in  the  specification  of  Math  Model  initial  conditions.  The  specific  correlation 
parameters  for  use  in  this  endeavor  were: 

1.  Amplitude 

2.  Frequency 

3.  Phase  shift. 

Only  steady-state  conditions  were  to  be  considered  and  the  sensitivity  of  initial  conditions 
was  to  be  established  by  a limited  series  of  iterative  runs,  varying  initial  attitudes  and 
rates  over  the  range  of  prevailing  uncertainties.  This  effort  was  to  have  continued  only 
as  long  as  engineering  judgement  suggested  that  reasonable  progress  towards  an  assess- 
ment of  time  extrapolation  feasibility  was  being  made. 

The  general  task  of  Math  Model  evaluation  required  performance  simulation  runs  and  was 
organized  on  an  experiment  package  basis  to  ensure  compatibility  between  evaluation  re- 
quirements and  measured  data  availability.  For  example,  evaluation  of  Math  Model 
capability  for  prediction  of  initial  capture  performance  would  have  awaited  completion  of 
ail  fli^t  analysis  associated  with  initial  capture. 

The  sequence  of  tasks  associated  with  each  e2q>eriment  package  was  as  follows: 

1.  Establish  requirements  for  the  performance  simulation  run(s)  necessary  to  the 
evaluation  of  Math  Model  capability  in  the  experiment  package  category  under 
consideration.  This  will  be  based  primarily  on  a review  of  available  measured 
data  and  will  ensure  the  adequacy  of  measured  data  for  a reasonable  correlation 
effort  with  predicted  data.  The  adequacy  of  data  for  specification  of  realistic 
initial  conditions  in  performance  simulation  runs  will  also  be  considered. 


2-16 


2.  Generate  required  performance  simulation  runs  and  plot  results. 

3.  Extract  from  simulation  runs  and  measured  data  listings  or  plots,  the  parameters 
for  comparative  evaluation. 

4.  Provide  quantitative  and/or  qualitative  assessment  (as  the  data  warrants)  of  the 
Math  ModePs  ^plicability  to  the  stated  ^plication  goals. 

Additional  tasks  associated  with  Math  Model  evaluation  were  an  assessment  of  the  validity 
of  the  thermal  bending  model  (employed  as  a subroutine  of  the  Math  Model  computer  pro- 
gram) and  an  assessment  of  the  validity  of  the  assumption  that  boom  dynamics  can  be  safely 
considered  as  a separate  and  distinct  phenomena  in  the  simulation  of  spacecraft  system 
performance.  This  latter  assumption  was  to  be  examined,  primarily,  in  terms  of  the 
presence  or  absence  of  "high”  frequency  (greater  than  0.003  cycle/second)  components  in 
measured  attitude  data.  Of  special  interest  was  data  to  be  taken  at  entry  and  exit  from 
solar  eclipse  regions  for  evaluation  in  conjunction  with  television  data  on  dynamics  of  boom 
tip  motion. 

2.3  GRAVITY  GRADIENT  DATA  SYSTEMS 
2, 3. 1 "QUICK-LOOK"  SYSTEM 

The  Quick-Look  data  system  was  established  for  the  e:sT>ress  purpose  of  providing  a near-to- 
real-time  data  link  between  GE- Valley  Foi^e,  the  ATS  Operations  Control  Center  (ATSOCC) 
at  NASA/GSFC  and  the  ATS  ground  stations.  The  basic  intent  of  the  system  was  to  support 
operations  at  ATSOCC  throu^  a rapid  determination  of  attitude  performance  and  an  assess- 
ment of  gravity  gradient  system  health.  This  was  accomplished  by  utilizing  the  existing 
NASCOM  teletype  communications  network  and  interfacing  with  the  GE  Desk  Side  Computer 
Service  (DSCS)  at  GE-Penn  Park.  The  general  flow  of  data  is  illustrated  in  Figure  2.3-1. 
Data  for  action  and/or  information,  GE/VFSTC,  is  originated  at  the  appropriate  ATS 
ground  tracking  station  in  response  to  requests  from  the  ATS  Operations  Control  Center 
(ATSOCC)  at  NASA/GSFC.  Data  messages  are  routed  through  the  Communications  Control 
Center  at  GSFC  and  may  take  either  of  two  foixns  — the  form  to  be  specified  by  ATSOCC  at 
time  of  request:  (1)  the  "GE  Special"  Message  or  (2)  Gravity  Gradient  Class  II  data.  The 
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Figure  2.3-1.  Quick  Look  System  Hardware  Configuration 
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"GE  fecial”  message  required  a response  by  GE  as  soon  as  possible  after  receipt.  The 
Gravity  Gradient  Class  n message  was  for  information  only  and  required  no  response.  All 
quick-look  data  except  POLANG  was  in  octal  format. 

The  "GE  Special"  Message  contained  the  telemetry  data  necessary  to  the  calculation  of 
spacecraft  attitude  and  included  an  antenna  polarization  word  and  X,  Y data  for  antenna 
coordinate  corrections  when  available.  For  consistency  with  TTY  transmission  rate  con- 
straints, only  every  third  frame  of  available  spacecraft  telemetry  data  was  actually  sent. 
Thus,  one  complete  data  frame  was  to  be  received  each  9 seconds,  ^proximately,  after 
initiation  of  special  message  transmission.  No  more  than  5 orbit-minutes  of  data  were  to 
be  sent  in  any  given  "burst.  " Upon  notification  by  ATSOCC  of  a forthcoming  GE  special 
message, GE  was  to  prepare  for  receipt.  Following  receipt  of  the  special  message,  GE 
was  to  respond  with  a statement  of  gravity  gradient  attitude  including  computed  values  for 
PITCH,  ROLL,  YAW  and  GAMA.  (GAMA  was  the  angle  of  rotation  of  the  damper  boom.) 

If  data  smoothing  was  used  (i.  e. , more  than  one  frame  of  data  per  attitude  point),  both 
means  and  standard  deviations  of  PITCH,  ROLL,  and  YAW  were  to  be  provided.  After 
sufficient  accumulation  of  data,  rates  were  to  be  derived  manually  from  hand-plots  and 
added  to  the  quick- look  attitude  format. 

Damper  boom  angles  and  rates  were  to  be  based  on  manual  conversion  and  computation. 
The  system  was  to  provide  one  of  the  few  techniques  available  for  an  early  assessment 
of  initial  c^ture  performance  and  would  have  proven  invaluable  during  dynamic  operations 
required  by  the  Gravity  Gradient  Orbit  Test  Plan.  It  was  to  be  used  extensively  as  a means 
of  verifying  steady-state  operation  at  completion  and  initiation  of  gravity  gradient  orbital 
experiments.  It  actually  was  used  extensively  on  ATS-4  and  ATS-5  in  a manner  not 
visualized  before  the  launches.  Quick  modifications  to  a variety  of  peripheral  deskside 
computer  programs  allowed  direct  support  of  ATSOCC  operations  in  the  determination 
of  spacecraft  spin  attitude  and  rate  using  data  from  the  gravity  gradient  system's  solar 
aspect  sensor.  These  activities  are  fully  reported  in  the  final  flight  reports  referenced  in 
Section  6. 
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The  Gravity- Gradient  Class  n Message  consisted  of  three  lines  of  16  words  each  including 
most  of  the  data  pertinent  to  a gravity  gradient  status  and/or  "health"  assessment.  Class  H 
messages  are  distinguished  from  Class  I and  Class  III  messages  as  follows: 

Class  I - Data  displayed  in  real  time  at  tracking  stations 

Class  II  - Data  transmitted  in  real  time  to  ATSOCC  (by  teletype) 

Class  in  - Data  recorded  on  magnetic  t^e  for  processing  and  shipment  with  no 
critical  time  requirement 

The  "GE  Special"  Message  was  also  a Class  II  message  but  was  referenced  in  a different 
manner  because  of  its  unique  characterics  and  requirements.  POLANG  data,  though  not 
required  in  real  time  was  transmitted  as  a Class  II  message.  The  Gra-vity  Gradient  Class 
II  message  was  to  be  received  by  GE  at  each  new  ground  station  acquisition  on  ATS-A  and 
once  per  orbit  on  ATS-D  and  E.  Programs  were  developed  at  GE  for  the  automatic  con- 
version of  the  Gravity  Gradient  Class  n data  messages  from  actual  data  to  engineering 
units. 


2.3,2  "LONG-TERM"  SYSTEM 

The  remainder  of  the  GE  data  was  handled  as  Class  III  data.  All  PCM  data  received  at 
ATS  ground  stations  was  recorded  on  magnetic  tape  and  shipped  airmail  to  NASA/GSFC. 

The  GE  data  was  stripped  and  formatted,  at  GSFC,  to  produce  the  GE  Raw  Telemetiy  Data 
Tape  (RTDT).  POLANG  data  was  provided  GE  on  a GE-POLANG  tape  which  was  also  pro- 
duced at  GSFC.  These  two  tapes  were  556  characters  per  inch,  high  density  magnetic 
data  tapes  and  were  provided  at  weekly  intervals  for  what  was  referred  to  as  "long-term" 
data  processing  using  the  GE-developed  Attitude  Determination  Program.  The  ATS  Attitude 
Determination  Program  (ADP)  is  a generic  title  used  to  reference  a group  of  large-scale 
digital  computer  programs  developed  for  ATS  attitude  computations  and  smoothing;  pre- 
liminary processing  of  "raw"  PCM  telemetry  data  and  merger  with  data  relative  to  space- 
craft antenna  polarization,  reduction  and  computation  of  statistical  parameters  associated, 
with  diagnostic  data,  reduction  and  processing  of  data  extracted  from  filmed  television 
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pictures,  production  of  data  lists  for  selected  gravity  gradient  telemetry  functions,  pro- 
duction of  summary  data  reports,  and  finally  the  production  of  spacecraft  attitude  and  raw 
data  plots. 


Along  with  the  RTDT  and  POLANG  tapes,  GE  was  to  receive  the  week's  accumulation  of 
developed  TV  data  film  strips.  Figure  2. 3-2  illustrates  the  procedure  that  was  to  be 
followed  upon  receipt  of  this  data.  The  RTDT  and  POLANG  tapes  were  first  merged  to 
produce  two  new  tapes,  the  Telemetry  Data  Tape  (TDT)  and  the  Data  Analysis  Module 
Telemetry/POLANG  tape  (DAMTP).  In  the  process  of  merging  the  RTDT  and  POLANG 
tapes,  special  data  list  reports,  attitude  sensor  plots,  and  summary  printouts  were  to  be 
generated.  This  preliminary  processing  pass  also  converted  all  "raw"  telemetry  data  into 
appropriate  engineering  units.  The  DAMTP  was  then  to  be  used  in  the  computation  of 
spacecraft  attitude  and  the  subsequent  production  of  attitude  plots,  the  NASA  Attitude  Data 
Tape  (NADT)  and  the  GE  Attitude  Data  Tape  (GEADT).  The  NADT  was  to  be  transmitted 


Figure  2.3-2.  ATS  Data  System 


to  GSFC  on  a 24-hour  turnaround  basis.  Computed  values  for  spacecraft  pitch,  roll,  yaw, 
body-axis  rates  and  damper  boom  angle  and  rate  were  to  be  provided  at  5-minute  intervals. 
Data  from  the  spacecraft  sun  sensors,  earth  IR  sensors  and  antenna  polarization  measure- 
ments provided  the  necessary  inputs  for  computation  of  these  parameters.  The  GEADT 
was  to  contain  data  at  1-minute  intervals  for  use  in  GE  flight  analysis  activities. 

The  data  provided  NASA  was  to  be  incorporated  into  a NASA  world  m^  program  for  sub- 
sequent distribution  to  all  ATS  experimenters.  It  was  from  this  data  that  the  ATS  ejiperi- 
menter  would  have  obtained  the  time  history  of  orbital  position  and  attitude  for  his  particular 
experiment.  Following  production  of  the  NADT  and  GEADT,  the  TDT  was  to  be  utilized 
in  the  generation  of  summary  reports  providing  event  conditions,  event  levels,  mean  and 
standard  deviations  of  selected  functions,  and  point-by-point  listings  of  selected  functions. 
The  television  data  was  to  be  utilized  in  the  evaluation  of  boom  thermal  bending  and  boom 
djmamics  phenomena,  as  well  as  a separate  and  distinct  method  of  computing  spacecraft 
attitude.  Plots  of  the  NADT  and/or  GEADT  were  to  be  utilized  in  analyses  associated 
with  the  verification  of  the  ATS  Mathematicai  Model.  Needless  to  say,  due  to  the  succes- 
sive failures  to  achieve  an  orbital  condition  compatible  with  the  gravity  gradient  ejq)eriment 
requirements,  there  was  no  real  opportunity  to  exercise  or  prove  out  the  capabilities  of 
these  programs.  Developmental  efforts  on  the  programs  are  fully  reported  in  the  refer- 
ences of  Section  6 and  a descriptive  summary  of  the  programs  is  contained  in  Section  4. 
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SYSTEM-ANALYSIS 

The  stabilization  subsystem  for  ATS  A,  D,  and  E,  is  a three-axis  passive  stabilization  sub- 
system employing  gravity  gradient  torques  as  control  torques.  The  stabilization  subsystem 
consists  of  six  major  components:  two  rod  deployment  mechanisms  (each  of  which  has  two 
gravity  gradient  rods) , a combination  passive  damper  (including  two  secondary  rod  deploy- 
ment mechanisms),  two  inversion  thrusters,  and  a power  control  unit.  Stabilization  is  pro- 
vided by  the  four  gravity  gradient  rods  and  their  tip  masses,  with  damping  of  the  spacecraft 
provided  by  the  combination  passive  damper.  The  performance  of  the  stabilization  subsys- 
tem is  largely  determined  by  the  characteristics  of  these  components.  The  inversion 
thrusters  provide  spacecraft  inversion  capability  and  the  power  control  unit  acts  as  an 
electronics  interface  between  the  attitude  stabilization  subsystem  and  the  spacecraft's 
power,  telemetry  and  command  subsystems. 

Selection  of  the  stabilization  subsystem  parameters  required  analysis  and  optimization  of 
the  gravity  gradient  subsystem.  This  section  describes  the  analyses  and  studies  performed 
to  select  the  spacecraft,  determine  its  performance,  and  evaluate  and  select  specialized 
maneuvers.  Section  3.1  describes  the  fundamentals  of  gravity  gradient  stabilization  and  the 
logic  behind  the  design.  The  equations  of  motion  are  not  presented  in  detail;  the  discussion 
is  primarily  qualitative  with  only  occasional  use  of  basic  equations  to  illustrate  or  empha- 
size. The  complete  equations  are  available  in  open  literature  and  can  also  be  found  in  the 
Attitude  Equations  for  the  Applications  Technology  Satellite,  GE  Document  No.  66SD4214, 

1 June  1966, 

The  general  parameters  which  affect  the  spacecraft  design  and  the  general  nature  of  the 
external  torques  are  discussed  in  Section  3.2,  and  the  procedure  which  was  used  to  obtain 
the  optimum  spacecraft  presented.  Again,  the  discussion  is  primarily  qualitative,  with 
detailed  analyses  contained  in  the  appendixes.  Results  of  the  analyses,  particularly  where 
they  affect  spacecraft  selection  are,  of  course,  presented. 
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The  analysis  of  capture  (sometimes  called  acquisition)  is  presented  in  Section  3.3,  Because 
capture  involves  large  angular  motions  of  the  spacecraft,  the  equations  of  motion  are  trans- 
cendental and  typically  require  computer  simulation.  Most  of  the  results  were  obtained 
using  a General  Electric  computer  simulation,  available  at  the  start  of  the  analysis,  and  the 
ATS  Mathematical  Model,  a computer  program  developed  for  NASA  by  GE  as  a part  of  the 
ATS  contract.  The  results  of  the  simulations  are  typically  presented  as  time  histories  of 
the  motion  of  the  spacecraft. 

Section  3.4  contains  inversion  analyses  of  the  spacecraft.  A gravity  gradient  spacecraft  is 
stable  rightside  up  or  upside  down  (Section  3. 1)  and  ATS  is  required  to  be  rightside  up. 
Consequently,  inversion  maneuvers  were  developed  and  specified  in  the  event  of  inverted 
capture.  The  maneuvers  calculated  were  a rod  retraction/extension  inversion  maneuver 
and  a microthruster  inversion  maneuver.  The  evaluation  was  done  both  analytically  and  by 
computer  simulation  because  spacecraft  inversion  is  nonlinear  in  nature. 

Section  3.5  contains  performance  estimates  and  error  analyses  of  the  actual  spacecraft. 
These  are  used  to  predict  pointing  and  stabilization  capability  as  accurately  as  possible. 

Both  analysis  and  simulation  were  employed. 

Section  3,6  is  a ’’catch-all"  section  containing  analyses  and  studies  performed  for  ATS, but 
not  falling  directly  into  any  of  the  categories  specified  earlier.  The  individual  analyses  are 
contained  under  separate  subheadings. 

3. 1 GRAVITY  GRADIENT  STABILIZATION  THEORY 

A gravitational  field  of  a solid  body  is  a conservative  force  field,  and  can  be  represented  by 
a potential  function  of  the  form 


where  r is  the  distance  from  tne  center  of  the  body,  and  ^ is  the  gravitational  constant  and 
M is  the  mass  of  the  body. 
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The  gradient  of  the  potential  field  is 
-»  UM 

f = - grad  V = ^ r 3, 1-2 

r ^ 

where  r^  is  the  unit  vector  along  a line  radially  away  from  the  primary  body,  and  f is  the 
force  per  unit  mass.  The  expression  indicates  that  the  force  per  unit  mass  acting  on  an 
object  in  the  potential  field  is  a function  of  distance  from  the  origin  and  changes  smoothly 
with  the  distance.  Along  a local  radius  (from  the  primary  body),  the  differential  force  is 

dF  = 2^^  dr  3.1-3 

r 

small  distance,  dr,  along  the  local 
For  a general  analysis,  Equation 

for  f 

3. 1-4 

The  gravity  gradient  torques  are  obtained  from  Equation  3, 1-4  by  calculating  the  differential 
torque  about  the  spacecraft  center  of  mass  (caused  by  the  force  on  the  differential  mass)  and 
integrating  over  the  entire  mass. 

The  torques  can  be  visualized  by  referring  to  Figure  3. 1-1  which  illustrates  a spacecraft 
consisting  of  two  point  masses  separated  by  a weightless  rod  (a  dumbbell  configuration). 

The  center  of  mass  of  the  spacecraft  is  at  a distance  r from  the  center  of  the  earth,  and 
each  tip  mass  is  a distance  dr  from  the  support.  Assuming  the  gravity  field  to  be  parallel 
(not  radial)  and  assuming  dr  is  small  compared  to  r,  differential  calculus  may  be  applied 
and  the  differential  force  calculated.  Because  of  the  symmetry  of  the  dumbbell,  the  sum 
of  the  differential  forces  is  zero,  but  the  torque  about  the  center  of  mass  is  not. 


Hence,  two  identical  point  masses  separated  by  even  a 
radius  will  have  slightly  different  gravitational  forces, 

dF 


3. 1-2  is  put  in  differential  form  by  substituting 


dm 


dF  = - dm  r 

r2  M 
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Using  the  geometry  of  the  vehicle,  as  shown  in  Figure  3. 1-1,  the  torque  for  a parallel  gravity 
field  is  calculated  to  be 


Where  K = gravitational  constant  multiplied  by  the  mass  of  the  earth 
m = tip  mass 
1 = half  rod  length 

6 = angle  between  local  vertical  and  the  rod 
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For  the  configuration  presented,  2 ml  is  the  moment  of  inertia  of  the  dumbbell  indicating 
a relationship  between  gravity  gradient  torque  and  moments  of  inertia.  The  exact  gravity 
gradient  torques  must  be  calculated  for  a continuous  body  in  a radial  gravitational  field, 
rather  than  a parallel  field;  but  the  torques  are  similarly  dependent  upon  the  moments  of 
inertia  of  the  spacecraft. 


TOTAL  TORQUE 


T = (F  + dF)/  SIN  0 - (F  - dF) /SIN  0 

{/COS0) 

T = ^ (M/^)  sin  20 

r 

Figure  3.1-1,  Origin  of  Gravity  Gradient  Torques 


T = 2 (dF) /SIN0  =2/SIN0  ^ 


-2KM 

3 
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The  direction  of  the  exact  gravity  gradient  torques  is  such  that  they  tend  to  align  the  space- 
craft's axis  of  minimum  moment  of  inertia  with  the  local  vertical,  as  indicated  in  Equation 
3.1~5„  For  small  departures  from  this  orientation,  the  torques  are  proportional  to  the 
sine  of  the  angle  between  the  minimum  axes  of  inertia  and  the  local  vertical,  and  to  the  dif- 
ferences in  the  moments  of  inertia. 

The  spacecraft  coordinate  system  is  shown  in  Figure  3. 1-2,  and  the  torque  equations  are 
shown  in  approximate  form  in  Figure  3.1-3.  Gravity  gradient  provides  pitch  and  roll  con- 
trol torques,  but  there  is  no  torque  about  yaw  (for  small  angle  motions  of  pitch  and  roll). 
Gravity  gradient  torques  will  not  provide  direct  yaw  control. 

Yaw  control  is  obtained  for  a gravity  gradient  stabilized  spacecraft  through  dynamic  coupling. 
With  proper  .spacecraft  configuration  (and  damping),  pitch  and  roll  control  will  be  maintained 
and  the  axis  of  minimum  moment  of  inertia  of  the  spacecraft  will  orient  to  the  local  vertical 
at  all  times.  The  spacecraft  will,  therefore,  make  one  rotation  in  inertial  space  for  every 

^ ^ ^ - OEIIU  TA  L COORDIMA  TE  S\STEM 


Figure  3. 1-2,  Spacecraft  Coordinate  System 
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r 

Ty  « 0 

I_  = SPACECRAFT  ROLL  MOMENT  OF  INERTIA 
xt 

Ip  = SPACECRAFT  PITCH  MOMENT  OF  INERTIA 
1^  = SPACECRAFT  YAW  MOMENT  OF  INERTIA 

Figure  3.  l-3„  Simplified  Gravity  Gradient  Torques 

orbit  revolution.  This  rotation  is  always  about  an  axis  normal  to  the  orbit  plane.  Because 
the  spacecraft  is  rotating  at  orbital  rate,  it  will  assume  characteristics  similar  to  those  of 
a spinmng  spacecraft,  and  will  prefer  to  spin  about  its  axis  of  maximum  moment  of  inertia. 
With  effective  pitch  and  roll  control,  the  spacecraft  is  forced  to  spin  about  the  normal  to 
the  orbit  plane,  and  will  therefore  attempt  to  orient  its  axis  of  maximum  moment  of  inertia 
with  that  axis.  This  preference  provides  the  yaw  control  characteristics  of  three-axis 
gravity  gradient  stabilized  spacecraft. 

In  addition  to  providing  yaw  control,  dynamic  coupling  improves  roll  control,  because  the 
"preference"  attempts  to  align  a spacecraft  axis  (nominally  the  pitch  axis)  with  the  orbit 
normal  which  is  two-axis  control  (roll-yaw). 


The  linearized  equations  of  motion -for  a single  rigid  body  spacecraft  operating  in  a gravity 
gradient  mode  are  shown  in  Figure  .3. 1-4'and  derived  in  appendix  A,  The  orbit  is  assumed 
to  be  nearly  circular,  and  the  parameter  k is  replaced  by  (from  orbit  dynamic 
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LIMITATIONS  ON  MOMENT  OF  INERTIA 


Figure  3.1-4.  Rigid  Body' Equations  of  Motion  (Linearlized  and  Small  Angles,  Undamaged) 

considerations)  and  added  to  Eulers  dynamical  equations.  The  equations  of  Figure  3,1-4 
have  been  divided  into  four  sets  of  terms.  The  first  terms  are  the  acceleration  terms  and 
need  no  further  explanation.  The  second  terms  are  the  coupling  torques  which  arise  be- 
cause of  the  rotation  of  spacecraft  at  orbital  rate  (i.  e, , one  rotation  per  revolution).  Note 
that  a yaw  term  appears  whenever  the  roll  axis  is  moving  and  vice  versa.  As  a consequence, 
sinusoidal  oscillations  in  roll  produce  sinusoidal  oscillations  in  yaw,  even  though  there  is 
no  externally  applied  torque  on  yaw.  Pitch,  however,  is  not  affected  by,  nor  does  it  affect 
roll  and  yaw,  and  is  said  to  be  "decoupled, " 


The  restoring  torques,  as  mentioned  earlier,  are  the  combined  gravity  gradient  and  dy- 
namical torques.  Because  the  "gravity  gradient  torques"  are  linear  with  angular  displace- 
ment, a gravity  gradient  spacecraft  behaves  as  a spring  mass  system.  The  system  will 
therefore  oscillate  under  the  influence  of  disturbance  torques  (the  last  set  of  terms  in  Figure 
3, 1-4).  The  magnitude  of  the  oscillation  is  dependent  upon  the  magnitude  and  frequency  of 
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the  disturbance  torques,  the  natural  frequencies  of  the  spacecraft,  and  the  damping  charac- 
teristics of  the  spacecraft. 


For  stability  and  proper  control,  the  momemts  of  inertia  must  have  the  relationship 

I > I > I . Thus,  I must  be  the  minimum  moment  of  inertia  and  will  orient  along  the  - 

P R y y 

local  vertical.  Similarly  I must  be  the  maximum  moment  of  inertia,  and  will  orient  along 

P 

the  orbit  normal.  These  observations  are,  of  course,  obvious  from  discussions  presented 
earlier. 


To  obtain  good  pointing  accuracy,  it  is  necessary  to  obtain  the. proper  relationship  of  all 
the  factors.  T3rpically,  this  requires  low  disturbance  torques  and  large  restoring  torques. 
The  restoring  torques  are  made  large  by  providing  the  spacecraft  with  large  amounts 
moments  of  inertia.  Even  with  large  moments  of  inertia,  however,  the  orienting  torques 

2 

are  extremely  small.  At  500  nm  (altitude)  for  example,  a spacecraft  with  I = 1000  slug-ft  , 
= 900  slug-ft  , and  = 200  slug-ft  , will  have  a torque  on  the  pitch  axis  of  3,57  x 10 
Ib-ft  for  a 1 degree  attitude  error.  At  higher  altitudes,  the  gravity  gradient  torques  are 
even -smaller  because  the  torques  are  proportional  to  the  inverse  cube  of  the  orbit  radius 
(or  the  square  of  the  orbital  rate) . At  synchronous  altitude,  for  example,  the  gravity  gradi- 
ent torque  is  reduced  by  a factor  of  nearly  200  below  that  obtained  at  500  nm. 


As  indicated  by  the  equations  in  Figure  3. 1-4,  the  restoring  torques  are  not  all  equal.  Roll 
has  the  highest  coefficient  (four)  in  the  equations,  and  because  pitch  has  the  largest  moment 
of  inertia,  and  yaw  the  smallest,  the  difference  of  the  two  will  be  greater  than  any  of  the 
other  moment  of  inertia  differences.  The  result  is  that  roll  has  the  largest  restoring  torque. 

The  smallest  restoring  torque  is  on  yaw,  which  has  one  as  a coefficient,  and  depends  upon 
the  difference  between  the  largest  and  intermediate  (roll)  moment  of  inertia.  Because  of 
natural  physical  constraints,  the  maximum  difference  between  pitch  and  roll  is  the  yaw 
moment  of  inertia  itself  (this  type  configuration  is  defined  as  a planar  configuration) ^ A 
quick  perusal  of  the  equations  indicates  that  if  the  vehicle  were  a planar  configuration,  the 
coupling  terms  would  vanish,  and  the  roll  and  yaw  restoring  torques  would  be  maximized. 
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However,  a calculation  of  the  natural  frequencies  shows  that  under  these  conditions,  the 
yaw  axis  has  a natural  frequency  of  orbital.  Since  yaw  is  forced  by  a large  number  of 
orbital  frequency  external  torques,  the  resonant  condition  would  cause  lai^e  oscillations, 
rendering  the  satellite  useless.  To  avoid  this  condition,  the  difference  between  the  pitch 
and  roll  moments  of  inertia  is  made  to  be  less  than  yaw  which  "detunes"  the  axis,  but  reduces 
its  strength.  In  general,  it  is  more  difficult  to  obtain  good  performance  on  the  yaw  axis 
than  any  other  axis. 


Adjusting  the  natural  frequencies  of  the  spacecraft  is  another  approach  to  improving  the 
performance  of  the  spacecraft.  The  spacecraft  behaves  as  a three— axis  spring  mass  sys- 
tem, and  has  three  natural  frequencies.  Because  the  disturbance  torques  which  cause 
pointing  errors  typically  occur  at  frequencies  which  are  harmonics  of  orbital,  resonant 
conditions  on  the  spacecraft  can  be  avoided  only  if  the  spacecraft  natural  frequencies  are  - 
not  integral  values  of  orbital  frequency.  Hence  the  moment  of  inertia  relationships  of  the 
spacecraft  must  be  selected  to  provide  non-integral  values  of  natural  frequency. 

The -natural  frequencies  of  the  spacecraft  are  constrained,  however,  by  the  moment  of 
inertia  relationships  discussed  earlier  and  fall  within  very  narrow  limits.  These  limits 
can  be  approximately  determined  from  the  equations  in  Figure  3.1-4  by  applying 


where  K = spring  restoring  torque 
I = moment  of  inertia 

Using  this  equation,  the  absolute  moments  of  inertia  disappear  and  the  frequencies  become 
dependent  only  upon  moment  of  inertia  relationships  and  orbital  rate.  From  the  physical 
limitations  on  moments  of  inertia  (indicated  on  Figure  3, 1-4),  the  pitch  natural  frequency 
is  equal  to  or  less  than  3 ic  , the  roll  natural  frequency  is  equal  to  or  less  than  2 ic  and 

o o 

the  yaw  natural  frequency  is  equal  or  less  than  to  . 
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A third  way  of  obtaining  good  overall  pointing  accuracy  is  to  reduce  the  magnitude  of  the 
external  torques.  The  nature  of  the  disturbance  torques,  as  well  as  the  methods  of  re- 
ducing their  magnitude  is  discussed  in  Section’  3. 2. 2. 1,  In  general,  minimization  of  the 
external  torques  is  essential  for  good  pointing  accuracy,  and  is  practiced  during  the  design 
phase  of  most  gravity  gradient  spacecraft. 

The  remaining  parameter  to  be  determined  is  the  damping  parameter.  The  achievement 
of  this  damping  defines  the  gravity  gradient  configuration.  The  damping  approach  which 
has  been  favored  by  a large  mnnber  of  agencies  is  "dividing"  the  spacecraft  into  several 
bodies,  hinged  with  respect  to  each  other  through  a spring  and  damper.  The  underlying 
principle  of  operation  of  these  "multi-body"  configurations  is  to  make  each  body  gravity 
gradient  controlled,  but  adjust  the  frequencies  so  that  each  body  has  a different  frequency 
(within  the  limits  of  gravity  gradient  natural  frequencies).  By  damping  the  relative  motion 
between  the  bodies,  the  stabilization  subsystem  as  a whole  is  damped. 

There  are  several  multi-body  gravity  gradient  stabilization  subsystems  in  operation,  all 
of  which  have  the  same  general  characteristics  and  design  approaches.  The  orientation  of 
the  spacecraft,  for  example,  is  determined  by  the  principal  moments  of  inertia  of  the 
combined  bodies  when  they  are  in  the  nominal  position.  Therefore,  it  is  possible  to 
utilize  the  gravity  gradient  torques  of  all  the  bodies  for  stabilization  and  control.  All  the 
bodies  are  controlled  by  gravity  gradient,  but  one  (or  more)  of  the  secondary  bodies  (i.  e. , 
the  bodies  which  do  not  contain  the  spacecraft  and  payload)  is  usually  placed  in  the  unstable 
gravity  gradient  equilibrium  and  stabilized  by  a spring.  The  spring  is  sized  to  induce  large 
secondary  body  oscillations  for  small  primary  body  oscillations,  thereby  damping  the 
complete  system  rapidly.  Too  "stiff"  a spring  or  damper  would  cause  the  system  to  "lock 
up"  and  prevent  good  system  damping.  A light  spring  would  be  unstable  (because  of  gravity’ 
gradient),  and  light  damping  would  require  a long  time  for  the  system  to  damp.  Part  of  the 
design  study  for  these  vehicles  is  to  select  the  proper  spring  and  damper. 

The  gravity  gradient  stabilization  subsystem'  of  ATS-A,  D,  and  E spacecraft  is  of  the  multi- 
body type,  but  consists  of  only  two  bodies.  The  configuration  is  shown  in  Figure  3. 1-5,  and 
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the  optimization  of  the  design  is  discussed  in  Section  3. 2.  Basically,  the  primary  body 
provides  the  majority  of  the  orienting  torques  for  control,  and  the  secondary  body  provides 
damping  and  assists  in  adjusting  the  spacecraft  natural  frequency. 

One  facet  of  gravity  gradient  stabilization  which  must  be  mentioned  is  the  uncertainty 
associated  with  nominal  orientation.  Because  moments  of  inertia  have  an  axis  but  no 
direction  (i.  e. , they  are  not  vectors),  the  spacecraft  can  be  rotated  180  degrees  in  any 
direction  without  altering  the  torques.  Consequently,  the  vehicle  is  bi-stable  and  may  orient 
rightside  up  or  upside  down,  and  forwards  or  backwards.  Because  rightside  up  orientation 
is  required  for  ATS,  inversion  maneuvers  must  be  performed  or  some  method  of  assuring 
rightside  up  capture  used.  The  methods  are  discussed  in  Section  3,4. 
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3.2  DESIGN  OPTIMIZATION 

Optimization  of  the  Applications  Technology  Satellite  gravity  gradient  stabilization  subsystem 
was  performed  in  two  distinct  phases : 

1.  Optimization  of  the  transient  damping  characteristics 

2.  Optimization  of  the  steady  state  performance 

Ideally,  only  one  optimization,  which  simultaneously  optimizes  steady  state  performance  and 
transient  damping,  should  be  required,  but  such  an  optimization  appears  to  be  beyond  the 
state  of  the  art,  and  was  well  beyond  the  scope  of  the  optimization  analysis  performed  for 
ATS.  Consequently,  the  optimization  was  performed  in  two  stages. 

3. 2. 1 OPTIMIZATION  FOR  MAXIMUM  DAMPING 

The  Applications  Technology  Satellite  gravity  gradient  stabilization,  subsystem  is  shown  in 
general  form  in  Figure  3. 1-5.  It  consists  of  a primary  body,  with  three  different  moments 
of  inertia  to  which  the  spacecraft  proper  (central  body)  is  attached,  and  secondary  body 
consisting  largely  of  two  gravity  gradient  rods  and  tip  masses  rigidly  connected  to  each- 
other.  The  secondary  body  is  spring  mounted,  with  rate  damping,  to  the  primary  body. 

The  secondary  body  (also  called  the  damper  boom)  is  free  to  pivot  about  one  axis  (the  damping 
axis)  which  is  peirpendicular  to  the  damper  boom  and  nominally  in  the  horizontal  plane.  It  is 
constrained  to  follow  the  spacecraft  in  the  other  two  axes. 

The  orientation  of  the  damping  axis  with  respect  to  the  primary  body  was  selected  to  provide 
damping  in  all  three  spacecraft  axes.  To  do  this  with  a single-axis  damper,  the  damping 
axis  must  be  oriented  such  that  the  damper  boom  is  sensitive  to  primary  body  motions  about 
the  pitch  and  roll  or  yaw  axes.  Roll  and  yaw  are  dynamically  coupled  (as  discussed  for  a 
rigid  body  in  Section  3.1)  and  damping  of  one  axis  automatically  damps  the  other.  Pitch, 
however,  is  decoupled-  from  the  roll  and  yaw  axes,  and  must  be  damped  separately.  The 
approach  taken,  as  indicated  in  Figure  3. 1-5.  was  to  position  the  damping  axis  of  the  secon- 
dary body  at  an  angle  to  the  pitch  axis  of  the  spacecraft  so  that  components  of  the  damping 
torque  appeared  on-  both  pitch  and  roll.  Consequently,  both  axes  are  damped  and  the  yaw 
axis  is  damped  throi^h  dynamic  coupling. 
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"Skewing"  of  the  damping  axis  provides  complete  subsystem  damping  but  changes  the  dynamics 
of  the  stabilization  subsystem  and  couples  aU  axes.  Motion  of  the  primary  body  in  pitch  is 
"sensed"  by  the  damper  boom  which  reacts  to  motion.  In  responding  to  the  pitch  motion,  the 
damper  couples  its  motion  into  the  roll  and  yaw  axes , and  causes  them  to  oscillate.  As  a 
consequence,  oscillations  on  any  axis  are  sensed  by  every  other  axis,  and  they  respond  as  a 
function  of  their  coupling  "gains,  " Oscillations  of  the  damper  due  to  external  torques  applied 
directly  to  the  damper  also  excite  the  spacecraft.  Hence,  analysis  of  the  ATS  gravity  gradi- 
ent subsystem  requires  that  all  axes,  including  the  "damping  axis,"  be  analyzed  simul- 
taneously. The  original  optimization  on  the  ATS  type  configuration  was  performed  and 
published  by  B.  Tinling  and  V.  Merrick  of  NASA/Ames,  Subsequent  analyses  by  General 
Electric  confirmed  their  results. 

Optimization  for  maximum  damping  is  a mathematical  technique  which  makes  use  of  the 
linearized  (in  this  case)  equations  of  motion.  The  ATS  stabilization  subsystem  consists  fun- 
damentally of  two  bodies  each  of  which  has  three  degrees  of  freedom  (maximum).  Trans- 
lation of  the  center  of  mass  of  the  spacecraft  and  secondary  body  is  ignored- in  this  t3q)e 
analysis  and  the  three  "extra"  degrees  of  freedom  associated  with  translation  can  be  ignored. 
Each  rotational  degree  of  freedom  requires  a second  order  differential  equation,  and  initially 
there  are  six  equations.  The  damper  boom  is  constrained  in  two  axes  on  the  spacecraft, 
however,  and  by  using  the  equations  of  constraint,  assuming  a rigid  connection  to  the  space- 
craft in  two  axes,  two  of  the  equations  can  be  eliminated.  Hence,  only  four  dynamic  equations 
of  motion  need  be  considered.  These  equations  linearized  for  small  angles  are  derived  in 
Appendix  B and  shown  in  Figure  3. 2-1,  and  the  coordinate  systems  are  shown  in  Figure  3. 1-2. 

Solution  to  these  equations  is  straightforward,  but  because  of  the  number  (four)  and  order 
(i.e. , second)  it  cannot  be  solved  in  general  form.  Hence,  numerical  techniques  are  required. 
The  problem  is  essentially  an  eigenvalue  problem  which  can  be  solved  easily  on  a digital 
computer.  Since  there  are  four  second  order  equations,  there  will  be  eight  eigenvalues.  In 
general,  the  eigenvalues  will  be  four  sets  of  complex  conjugates  which  correspond  to  the 
natural  frequencies  and  time  constants  of  the  stabilization  subsystem.  The  time  constant  of 
particular  concern  in  the  optimization  procedure  is  the  longest  one,  since  oscillations  which 
have  this  time  constant  will  persist  after  the  other  oscillation  modes  have  disappeared.  It 
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is  necessary  to  identify  this  mode  (numerically)  and  adjust  the  spacecraft  parameters  in 
order  to  reduce  this  time  constant  to  the  lowest  possible  value.  The  mimerical  approach 
is  usually  to  obtain  the  partial  derivatives  of  the  longest  time  constant  with  respect  to  the  sub- 
system parameters , and  change  the  parameters  in  the  direction  to  cause  the  greatest  change 
in  time  constant  (the  method  of  steepest  descent).  When  the  partial  derivatives  are  zero,  the 
optimum  has  been  reached. 

For  the  ATS  analysis,  optimums  can  be  reached  without  the  partial  derivatives  being  zero. 
The  parameter  being  optimized  is  the  longest  time  constant,  which  is  a parameter  defined 
in  terms  of  the  problem,  not  a specific  mathematical  parameter. 

As  a consequence,  the  longest  time  constant  is  not  associated  with  any  one  particular  fre- 
quency. Hence,  at  one  point  in  the  optimization,  the  longest  time  constant  may  be  associa- 
ted with  one  frequency,  and  at  a different  point  with  another  frequency.  Therefore  it  is 
possible  to  obtain  an  optimmn  damping  which  is  a "spike"  due  to  the  longest  time  constant 
changing  frequency.  A generalized  presentation  of  a spike  is  shown  in  Figure  3.2-2.  The 
difficulty  with  this  spike  type  of  optimum  is  the  sensitivity  of  the  damping  time  constant  to 
variations  in  subsystem  parameters.  The  actual  ATS  gravity  gradient  stabilization  sub- 
system has  this  type  optimum. 

The  number  of  spacecraft  parameters  which  must  be  varied  in  order  to  obtain  an  optimum  is 
seven;  the  pitch,  roll  and  yaw  moments  of  inertia  of  the  primary  body,  the  moment  of  inertia 
of  the  damper  boom,  the  orientation  of  the  damping  axis,  the  spring  constant,  and  the  damping 
coefficient.  It  is  possible  to  nondimens ionalize  the  parameters  to  six,  however,  as  shown 
in  Figure  3.  2-3.  This  makes  the  results  useful  for  all  altitudes,  and  removes  the  absolute 
moment  of  inertia  from  the  problem. 

The  nature  of  the  configurations  under  consideration  allows  one  additional  parameter  to  be 
removed  in  the  final  optimization  analysis.  The  moment  of  inertia  of  the  ATS  spacecraft 
proper  is  small  compared  to  the  moment  of  inertia  of  the  deployed  stabilization  subsystem. 
Because  all  four  primary  rods  are  in  the  same  plane,  the  configuration  is  essentially  planar, 
and  the  relationship 
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Figure  3.  2-2.  "Spike"  Optimum,  Generalized  Representation 
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Figure  3.2-3.  Optimization  Parameters 
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is  reached.  Rearranging, 
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As  a convenience  in  the  nondimens ionalization,  the  half  angle  between  the  yaw  axis  and  the 
rod  axis  (symmetry  is  assumed  for  the  rods),  denoted  as  was  selected.  With  this 
parameter 


Sin^  ^ 


— = Cos  ^ 
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The  angle  ^ is  the  physical  mounting  angle  of  the  rods.  Note  that  for  a rigid  body,  this 
arrangement  would  be  resonant  in  yaw  at  orbital  frequency,  as  discussed  in  Section  3. 1. 
The  presence  of  the  damper  and  damper  boom  alters  the  yaw  natural  frequency,  however, 
and  prevents  the  resonance  from  occurring. 

Optimization  performed  strictly  on  the  basis  of  damping  would  be  performed  by  allowing  all 
six  parameters  to  be  varied.  Configurations  derived  in  this  manner,  however,  typically 
exhbit  very  poor  steadj'’  state  performance  and  are  generally  unsatisfactory  from  an  overall 
performance  standpoint.  Asa  consequence,  optimization  of  subsystem  damping  must  be 
performed  with  some  Imowledge  of  the  steady  state  characteristics  ■ and  restrictions  on 
specific  parameters  of  the  proposed  configuration.  For  the  ATS  damping  optimization,  this 
was  achieved  by  selecting  a standard  configuration  (rod  lengths,  tip  masses,  etc. ),  and  a 
standard  set  of  disturbances  (see  Section  3. 2. 2. 1)  for  each  "damping  configuration"  and 


simulating  the  performance  of  the  spacecraft.  The  simulation  was  a GE  digital  computer 
program  developed  for  simulating  gravity  gradient  stabilized  spacecraft.  The  standard 
values  used  for  the  simulation  are  shown  in  Table  3. 2-1  and  were  developed  jointly  by  GE 
and  Ames  Research  Center. 


Table  3. 2-1.  Standard  Configuration  Values 


1.  The  magnetic  dipole  {Section  3. 2. 2. 1. 1)  of  the  spacecraft  is  assumed  to  be 
1,000  pole  centimeters  located  along  the  spacecraft  roll  axis. 

2.  The  center  of  solar  pressure/center  of  mass  offset  (see  Section  3.  2. 2. 1. 2)  of 
the  entire  spacecraft  assuming  the  basic  rod  straightness  tolerances  (due  to 
manufacturing  only)  will  be  within  a 1-inch  radius  circle  of  uncertainty. 
(Assume  rigid  body. ) 

3.  The  center  of  mass/center  of  thrust  misalignment  will  be  assumed  to  be 
1/2-inch  and  the  stationkeeping  thruster  (see  Section  3.  2. 2. 1,  5 ) will  have  a 
continuous  thrust  of  1/2  x 10"5  pounds. 

4.  NASA  will  use  a thermal  bending  (see  Section  3. 2.  2. 1,  3)  radius  of  curvature 
of  1, 825  feet.  GE  will  continue  to  input  basic  rod  parameters  into  their  com- 
puter program,  with  an  absorptivity  (a)  of  0, 15. 

5.  The  present  nominal  ATS  configuration  will  be  used  with  the  100-foot  primary 
rods  and  2.  5 pound  tip  weights  for  the  ATS-A  and  10.  0-pound  tip  weights  for 
ATS-D/E.  The  diameter  of  the  primary  rods  is  0.  500  + 0.  020  inch,  and 
weighs  0.  01565  pound/foot. 

6.  The  present  nominal  damper  rod  length  is  45-feet,  root  to  tip,  with  1.  9-pound 
tip  weights  for  ATS-A  and  7. 15-pound  tip  weights  for  ATS-D/E.  For  the 
optimization  study  the  45-foot  length  will  be  considered  as  fixed,  and  the  mini- 
mum tip  weight  will  be  1. 1 pounds  each.  If  the  damper  boom  moment  of  inertia 
had  to  be  reduced  further  than  the  above  minimums,  the  boom  length  would  be 
changed.  The  nominal  dainper  rod  diameter  is  0.  560  + 0.  020-inch,  and  weighs 
0.  01565  pound/foot.  The  radius  of  curvature  of  the  damper  boom  is  1630  feet. 
The  damping  axis  will  be  assumed  to  pass  through  the  center  of  mass  of  the 
spacecraft,  and  the  distance  from  the  damper  boom  center  line  to  the  space- 
craft center  or  mass  is  30. 2 inches. 

7.  The  orbit  eccentricity  (see  Section  3.  2.  2. 1.4)  for  the  ATS-A  satellite  is  con- 
sidered to  be  0.01. 
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Asa  starting  point  in,  the  optimization,  the  configuration  originally  developed  by  Tinling  and 
Merrick  and  suggested  by  NASA/Goddard  was  selected.  The  nondimensional  parameters  of 
this  system  are  shown  in  Table  3.2-2  and  the  standard  "dimensional"  parameters  are  shown 
in  Table  3.  2-1.  The  results  of  simulations  and  analyses  using  these  parameters  were  com- 
bined into  an  error  budget  which  is  shown  for  ATS-A  in  Table  3. 2-3,  and  ATS-D  on 
Table  3. 2-4.  For  convenience,  the  error  sources  have  been  broken  down  into  bias  errors 
and  oscillation  errors.  Bias  errors  are  those  which  are  relatively  fixed  in  time  and  do  not 
change  appreciably  in  one  orbit.  Sinusoidal  errors  are  those  which  are  sinusoidal  at  near 
orbital  frequencies,  and  the  peak  amplitudes  are  shown  on  the  table  irrespective  of  the 
presence  of  multiple  frequencies.  Direct  addition  of  the  two  error  t3rpes  should  produce  a 
complete  error  estimate.  The  total  error  shown  in  the  chart  was  obtained  by  computer 
simulation  with  the  torques  phased  to  produce  the  worst  attitude  errors.  Combining  the 
individual  errors  to  produce  an  overall  error  estimate  is  also  a method  of  calculating  total 
error,  but  the  manner  in  which  the  errors  should  be  combined  is  uncertain.  Direct  addition 
is  one  possibility,  as  is  root  sum  squaring,  or  possibly  a combination  of  the  two.  From  the 
Table,  it  is  not  obvious,  however,  that  either  of  these  approaches  would  have  produced  the 
same  results  as  the  computer  simulation  which  included  all  the  disturbance  torques. 

From  the  error  budgets,  it  is  evident  that  ATS-A  has  different  problems  than  ATS-D,  and 
the  error  breakdowns  are  much  different.  The  difference  in  orbit  altitude  {6,  000  nm  for 
ATS-A  versus  synchronous  for  ATS-D)  and  the  stationkeeping  requirement  on  ATS-D  are 
largely  responsible  for  the  performance  differences.  Ideally,  the  subsystem  should  be 
optimized  for  each  altitude,  but  a "commonality"  requirement  was  placed  on  the  spacecraft 
and  a set  of  nondimensional  parameters  adequate  for  both  spaecraft  was  required. 

The  primary  difficulty  with  the  configuration  shown  in  Tables  3.  2-3  and  3. 2-4  was  the  station- 
keeping error  on  ATS-D.  To  reduce  this  error,  it  was  necessary  to  increase  the  stiffness  of 
the  yaw  axis,  which  is  done  (in  this  case)  by  decreasing  the  roll  moment  of  inertia.  Hence 
the  parameter  ^ , which  affects  the  roll  to  pitch  moment  of  inertia  ratio  had  to  be  increased. 
Several  larger  values  of  ^ were  selected  and  additional  optimum  damping  configurations 
obtained  both  by  GE  and  Ames  Research  Center.  Their  steady  state  performance  was 
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evaliiated  using  the  standard  configuration.  The  configuration  which  indicated  the  best  over- 
all performance  was  obtained  by  Ames  Research  Center.  The  non-dimensional  parameters 
for  this  configuration  are  shown  iu  Table  3.  2-5  and  the  error  budgets  are  shown  in  Tables  3. 2-( 
and  3. 2-7  for  ATS-A  and  ATS-D,  respectively. 


Table  3. 2-2.  Non-Dimensional  Parameters  for  Initial  Configuration 
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= Pitch,  roll  and  yaw  moments  of  inertia  of  the  X-booms  about  their 
own  coordinate  system  - slug-ft2 
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= Damper  boom  moment  of  inertia  about  the  damper  axis  - slug-ft 

b 

= Damping  constant  - lb-sec 
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= Angle  between  the  nominal  damper  boom  position  and  the  plane 
of  the  X-booms 
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Table  3,2-4.  Performance  Comparison  Chart,  GSFC  Configuration,  ATS-D 
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Table  3.  2-5.  Noa-Dimensional  Parameters  for  Optimum  Configuratioa 
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There  is  a larger  pitch  error  on  ATS-A  with  the  new  configuration  than  with  the  old,  but  the 
yaw  improvement  for  ATS-D  was  felt  to  more  than  compensate  for  the  slight  ATS-A  degra- 
dation. The  non-dimensional  paramters  shown  on  Table  3. 2-5  were  therefore  taken  for  the 
nominal  configuration. 

3.  2.  2 OPTIMIZATION  FOR  STEADY  STATE 

It  was  pointed  out  in  Section  3. 1 that  a gravity  gradient  subsystem  behaves  as  a spring  mass 
system,  and  responds  to  external  torques  by  oscillating  at  an  amplitude  dependent  upon  the 
frequency  and  magnitude  of  the  external  torques.  The  absolute  magnitude  of  the  external 
torques  is  of  less  importance  than  the  magnitude  of  these  torques  compared  to  the  magnitude 
of  the  gravity  gradient  torques.  From  the  nondimensionalization  procedure  of  Section  3.  2. 1, 
used  to  facilitate  optimization,  a nondimensional  torque  term  appears  in  the  form 
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Table  3.2-7.  Performance  Comparison  Chart,  Optimum  Configuration,  ATS-D 
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where 


T = any  external  torque 

Ip  = pitch  moment  of  inertia 

CO  = orbital  rate 
0 

Hence,  the  attitude  error  is  proportional  to  the  ratio  of  the  external  torques  to  the  pitch 
moment  of  inertia  (or  any  other  convenient  moment  of  inertia).  The  frequency  of  the  dis- 
turbance torque  is  also  of  importance,  because  the  gravity  gradient  subsystem  has  gains 
which  are  dependent  upon  frequency-  The  gain  can  be  found  from  the  linear  equations  of 
motion  by  rewriting  them  in  operator  notation  (or  Laplace  notation  with  no  initiation  con- 
ditions) and  using  Cramers  rule  to  solve  for  the  variable.  By  substituting  frequencies  in 
the  form  of  jco,  the  gain  and  phase  at  a particular  frequency  can  be  determined.  Because 
the  ATS  gravity  gradient  subsystem  is  coupled  in  all  axes  (see  Section  3. 2. 1)  a torque  about 
one  axis  will  produce  errors  in  all  axes;  hence,  there  will  be  four  outputs  Q>itch,  roll,  yaw 
and  damper)  for  every  input.  Figures  3. 2-4,  3. 2-5,  3. 2-6  and  3.  2-7  show  these  outputs  as 
a fonction  of  frequency  for  torques  applied  on  each  axis.  For  convencience,  the  non-dimen- 
sional torque  terms  contain  the  moment  of  inertia  of  the  axis  being  torqued. 

Once  the  frequency  response  of  the  subsystem  has  been  determined,  the  equations  indicate 
that  by  increasing  the  moment  of  inertia  of  the  spacecraft  any  desired  pointing  accuracy  can 
be  achieved.  Although  this  is  true  in  general,  the  approach  assumes  that  the  disturbance 
torques  are  unaffected  by  the  manner  in  which  the  required  gravity  gradient  configuration  is 
achieved.  For  the  Applications  Technology  Satellite,  whose  moment  of  inertia  is  inadequate 
for  gravity  gradient  control,  the  required  moments  of  inertia  are  achieved  by  the  use  of  long 
rods  and  tip  masses.  The  rods  are  extendable  and  are  generally  known  as  gravity  gradient  rods 
because  they  are  used  extensively  in  the  design  of  gravity  gradient  subsystems.  The  rods 
and  tip  masses  do  provide  the  required  moments  of  inertia,  but  also  introduce  disturbance 
torques,  particularly  solar  torque  (Section  3.  2.  2. 1.  2)  and  thermal  bending  (Section  3.  2.  2. 1.  3). 
Hence,  an  optimization  study  is  required  to  determine  the  best  combination  of  rod  length  and 
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Figure  3.2-7.  ATS  Spacecraft  Response  to  Damper  Excitation 


tip  mass  to  minimize  pointing  error.  This  is  the  second  optimization  mentioned  in  the 
opening  paragraph  of  Section  3.  2. 

3. 2. 2. 1 Disturbance  Torques  and  Error  Sources 

To  optimize  effectively,  all  the  disturbance  torques  which  affect  the  spacecraft  must  be 
identified  and  analyzed.  For  convenience,  a brief  description  of  the  disturbance  torques 
and  their  effect  on  the  spacecraft  is  presented  in  the  following  paragraphs.  The  analytical 
approach  used  for  the  error  calculations  was  a simple  scaling  procedure  derived  from  a 
knowledge  of  the  external  distrubances  and  a reference  point  obtained  from  the  computer 
simulation.  This  technique  is  not  the  type  normally  employed  for  optimization,  but  is 
equally  good,  although  not  as  comprehensive,  as  the  standard  technique.  Its  advantage 
is  speed,  and  the  optimization  was  completed  within  a short  period  of  time. 

The  key  to  scaling  is  the  parameter  T/I^w^  . From  the  non-dimensional  analysis  of 
Section  3. 1,  a relationship  of  the  form 

3.2-6 

where  0 = attitude  error, 
can  be  derived.  This  can  be  rewritten  as 


P 


where  K is  a constant  dependent  upon  the  nature  of  the  disturbance  torque  and  the  orbital 
angular  rate.  Ignoring  offsets  of  the  base  of  the  rod  which  exist  on  the  actual  spacecraft, 
the  pitch  moment  of  inertia  is  dependent  upon  the  length  of  the  rods  and  the  tip  masses.  Hence 

Ip  = 4 iMs^+  I P 3.  2-8 
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where 


M = mass  of  the  primary  rod  tip  weights 
i - primary  rod  length 

p = rod  mass  per  unit  length  = 0.  000485  slug/ft. 
The  attitude  error  can  therefore  be  determined  by 
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K, 


+ 1/3  p/ 
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Scaling  is  done  by  determining  the  nature  of  T from  analysis,  and  (plus  other  multi- 
plier constants)  from  the  computer  simulation.  The  optimization  of  the  configuration  is 
presented  in  Section  3. 2. 2. 2. 


3. 2. 2. 1. 1 Magnetic  Torques 

The.  earth  possesses  not  only  a gravitational  field  but  a magnetic  field.  Any  magnetic 
dipole,  caused  by  magnetic  materials  or  electrical  "loops^'  contained  within  the  space- 
craft, will  attempt  to  align  itself  with  the  earth’s  magnetic  field  and  will  torque  the  space- 
C2raft.  The  magnitude  of  the  torque  is  proportional  to  *the  strength  of  the  magnetic  dipole 
moment,  the  orientation  of  the  dipole  within  the  spacecraft,  and  the  location  of  the  space- 
craft with  respect  to  the  earth.  The  magnetic  field  strength  decreases  with  the  cube  of 
the  orbit  radius  (exactly  the  same  as  gravity  gradient),  and  is  twice  as  strong  at  the 
poles  (north  and  south)  as  at  the  equator.  Hence  a spacecraft  in  a high  inclination  orbit 
has  more  torque  on  it  than  a spacecraft  in  a low  inclination  orbit,  A spacecraft  at  a high 
altitude  has  less  torque  on  it  than  a spacecraft  in  a low  altitude  orbit,  but  it  has  correspond 
l^ss  gravity  gradient  torque  by  exactly  the  same  ratio;  The  attitude  error  resulting 
from  magnetics  is  therefore,  virtually,  independent  of  altitude.  The  exception  to  this  is 
at  near-synchronous  altitudes  the  magnetic  field  is  significantly  affected  by  the  sun,  and 
earth’s  field  can  be  reinforced  or  replaced  by  magnetic  fields  created  by  sun-generated 
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atomic  particles  interacting  with  the  earth’s  field.  The  effect  is  on  the  order  of  a five 
to  one  increase  in  magnitude,  and  a change  in  the  stationary  characteristic  (when  viewed 
from  the  spacecraft)  of  the  field.  This  information  was  not  available  at  the  time  of  the 
optimization,  and  only  the  "stationary"  earth's  field  was  considered.  The  effect  of  field 
variation  is  not  severe  for  ATS -D/E,  however. 

At  high  inclinations  and  low  altitudes,  the  local  magnetic  field  changes  as  the  spacecraft 
moves  in  orbit.  Asa  consequence,  the  magnetic  torque  changes  as  a function  of  time. 

For  orbit  periods  short  compared  to  earth’s  period,  the  torques  (pitch,  roll  and  yaw)  are 
largely  constant  (zero  frequency)  and  sinusoidal  at  orbital  frequency.  At  high  altitudes, 
the  differences  between  earth’s  rate  and  orbital  rate  must  be  evaluated  in  conjunction  with 
the  inclination.  As  previously  mentioned  at  synchronous  altitude,  the  field  is  stationary 
because  the  difference  in  rates  and  the  inclination  is  zero. 

Decause  the  altitude  is  not  a factor  in  the  magnetic  attitude  errors,  the  non-dimensional 
error  term  indicates  that  the  attitude  error  is  dependent  only  upon  the  strength  of  the 
magnetic  dipole  compared  to  the  spacecraft  pitch  moment  of  inertia.  Hence,  a small 
magnetic  moment  and  a large  pitch  moment  of  inertia  are  required  for  small  attitude  ' 
errors.  Neither  the  gravity  gradient  rods  nor  the  tip  masses  (if  properly  designed)  have 
magnetic  moments.  The  moment  of  inertia  can  therefore  be  increased  without  increasing 
the  disturbance  torques.  As  a consequence,  the 'magnetic  attitude  errors  decrease  with 
increasing  rod  length  and  tip  mass. 

From  the  computer  simulation,  the  expressions  for  the  error  due  to  the  magnetic  moment 
on  ATS -A  are: 
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Similarly  for  ATS-D, 
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The  roll  error  has  not  been  considered  here,  nor  will  it  be  considered  for  the  other 
disturbance  torques  because  its  amplitude  of  oscillation  is  usually  very  low.  Pitch  and 
yaw  are  the  two  axes  of  greatest  concern. 

The  effect  on  ATS-A  is  shown  in  Figures  3. 2-8  and  3. 2-9,  and  the  effect  on  ATS-D  is 
shown  in  Figure  3. 2-10.  The  attitude  error  curves  decrease  rapidly  with  rod  length 
because  "moment  of  inertia  increases  as  the  square  of  the  rod  length  (and  directly  with 
tip  mass). 

3. 2.  2. 1.  2 Solar  Torques 

—8  2 

Sunlight  striking  a body  exerts  a pressure  on  that  body  of  9.  6 x 10~  Ib/ft  . The  total  force 
exerted  on  the  body  as  well  as  its  direction  is  a function  of  the  total  area  of  the  body,  the 

surface  shape,  and  the  surface  characteristics.  If  the  surfe.ce  has  purely  specular  reflec- 

/ 

tion  (i.  e. , a perfect  mirror),  the  force  can  be  as  much  as  double  that  of  pressure 
multiplied  by  cross  sectional  area.  A diffusely  reflecting  surface  (white  like  a piece  of 
paper,  but  no  image)  can  also  increase  the  force  above  pressure  times  area.  For  a 
spacecraft  in  orbit,  the  total  force  is  the  result  of  the  aggregate  of  all  the  surfeces  which 
comprise  the  spacecraft  (including  the  gravity  gradient  rods).  If  the  total  force  does  not 
pass  through  the  spacecraft  center  of  mass,  a torque  will  be  exerted  on  the  spacecraft. 

The  magnitude  of  this  torque  is  a function  of  the  total  force  on  the  spacecraft  and  the  misalign 
ment  between  the  solar  force  vector  and  the  center  of  mass.  The  nominal  design  of  the 
ATS  spacecraft  is  such  that  the  center  of  mass  and  center  or  pressure  are  coincident. 
However,  tolerances  and  uncertainties  on  the  spacecraft  prevents  the  two  from  being 
coincident.  To  allow  for  this,  the  nominal  center  of  pressure/center  of  mass  offset  was 
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Figure  3.  2-8.  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on  ATS-A  Pitch  Error  Caused  by 

1000  Pole-Cm  Dipole  Along  the  Roll  Axis 
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Figure  3. 2-9.  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on  ATS-A  Yaw  Error  Caused  by 

1000  Pole-Cm  Dipole  Along  the  Roll  Axis 
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Figure  3.  2-10.  Effect  of  Primary  Rod  Length  on  Yaw  Error  Caused  by  1000  Pole-Cm  Dipole  Along 

the  Roll  Axis,  ATS-D  Spacecraft 


estimated  to  be  1 inch.  Because  the  rods  are  nominally  symmetrical,  they  do  not  con- 
tribute to  the  solar  torque  (except  for  rod  reflectivity  variations  which  are  discussed  in 
Section  3.  5. 1. 2, 2. 2)  and  the  solar  torque  error  would  decrease  with  increasing  rod 
length.  A chart  for  solar  torque  has  not  been  included  for  this  variation  since  thermal 
bending  (Section  3. 2. 2. 1.  3)  contributes  a similar  center  of  mass/center  of  pressure 
misalignment  and  the  overall  effect  is  included  with  thermal  bending. 

3.  2.  2. 1.  3 Thermal  Bending  Torques 

Thermal  bending  is  a phenomenon  peculiar  to  gravity  gradient  rods.  The  sun  shining  on 
the  gravity  gradient  rod  heats  the  side  of  the  rod  facing  the  sun  to  a temperature  hi^er 
than  that  of  the  shaded  side,  and  the  rod  bends  due  to  differential  thermal  expansion.  For 
a closed  tube,  the  rod  would  form  rou^ly  a "horseshoe"  shape,  which  is  symmetrical 
about  the  sun  line.  For  short  rod  lengths  (short  is  defined  later),  the  rod  can  be  assumed 
to  bend  along  an  arc  of  a circle.  The  radius  of  the  circle  depends  upon  the  reflectivity  of 
the  rod,  the  amount  of  heat  that  can  be  conducted  from  the  sunlit  side  to  the  shaded  side, 
and  the  coefficient  of  expansion  of  the  material.  The  radius  of  curvature  can  be  approxi- 
mated by  the  expression 
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for  silver  plated  beryllium-copper  rods 
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For  the  original  analysis,  the  rods  were  estimated  to  have  an  1800-foot  radius  of  curvature 
(based  on  the  characteristics  of  beryllium  copper  and  the  reflectivity  of  stiver).  By  defi- 
nition, therefore,  a short  rod  length  is  a rod  which  is  short  compared  to  the  thermal  radius 
of  curvature. 

Thermal  bending  has  three  effects  on  the  spacecraft. 

1.  It  destroys  the  basic  symmetry  of  the  spacecraft  and  produces  a solar  torque. 

2.  It  rotates  the  principal  axes  of  the  configuration  causing  a gravity  gradient  torque. 

3.  It  causes  the  center  of  mass  to  wander  resulting  in  a station  keeper  error  (if 
applicable). 

The  second  effect  shown  above  is  relatively  minor  for  a symmetrical  spacecraft  and  is  not 
considered  herein.  The  third  effect  is  considered  in  the  section  discussing  stationkeeping 
(Section  3.  2.  2. 1.  6)  and  is  also  not  discussed  herein.  The  first  effect  is  significant  for  high 
altitude  spacecraft,  particularly  in  pitch  and  yaw.  Solar  pressure  does  not  change  with 
altitude;  whereas,  the  gravity  gradient  torque  decreases  with  increasing  altitude.  Conse- 
quently, the  error  for  a given  solar  torque  increases  with  increasing  altitude.  ATS-D  is 
therefore  more  sensitive  to  this  type  disturbance  than  ATS-A.  Solar  torque  caused  by 
thermal  bending  is  proportional  to  the  cube  of  the  rod  length.  The  cubic  relationship 
between  thermal  bending  solar  torque  and  rod  length  is  relatively  easy  to  visualize.  Refer- 
ring to  Figure  3.  2-11,  the  deflection  of  any  point  on  a rod  thermally  bending  along  an  arc  of 
a circle  is  proportional  to  the  square  of  the  rod  length.  The  total  area  of  the  rod,  and  hence 
its  total  solar  force  is  proportional  to  its  length.  The  overall  solar  torque  is  proportional 
to  the  force  multiplied  by  its  leverage,  and  is,  therefore,  proportional  to  the  cube  of  the  rod 
length.  As  with  the  other  error  sources  the  proportionality  factor  was  determined  from  a 
computer  simulation.  For  ATS-A,  the  errors  were  calculated  from 
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And  for  ATS-D,  with  the  sun  in  the  orbit  plane  (Equinox) 
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For  ATS-D  with  the  sua  iaclined  23.45  degrees  to  the  orbit  plane  (solstice) 
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The  effect  of  orbit  position  with  respect  to  the  sunline  is  important  because  it  changes  the 
magnitude  and  frequency  of  the  heat  input.  For  ATS-A,  however,  the  overall  effect  of 
thermal  bending  is  small  and  only  one  orbit  position  (sun  in  the  orbit  plane)  was  considered. 
For  ATS-D,  the  effect  is  large,  and  the  two  extremes  of  sun  position  (solstice  and  equinox) 
were  considered. 


The  results  of  the  analytical  studies  and  scaling  are  shown  for  ATS-A  in  Figures  3.2-12  and 
2-13,  and  for  ATS-D  in  Figures  3.  2-14,  3.  2-15,  3.  2-16  and  3.  2-17.  As  indicated  in  the 
figures,  the  attitude  error  from  thermal  bending  increases  linearly  with  rod  length  and 
decreases  with  increasing  tip  mass.  As  indicated  earlier,  the  errors  for  ATS-D  are  higher 
than  those  of  ATS-A. 
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Figure  3.  2-11.  Thermal  Bending 


3.  2.  2, 1. 4 Orbit  Eccentricity  Torques 

One  of  the  characteristics  of  a circular  orbit  is  the  constant  rate  of  rotation  of  the  radius 
vector  (a  vector  from  the  center  of  the  primary  body  to  the  orbiting  body).  For  a spherical 
earth,  the  radius  vector  is  parallel  to  the  local  vertical,  and  a gravity  gradient  spacecraft 
will  align  itself  w'ith  the  local  vertical  and  acquire  the  average  rate  of  rotation. 


The  rate  of  rotation  of  the  radius  vector  is  not  uniform  for  an  eccentric  orbit,  however,  but 
varies  from  a minimum  at  apogee  to  a maximum  at  perigee.  The  spacecraft  will  therefore 
acquire  the  average  rate  of  rotation  of  the  orbit,  but  will  be  torqued  by  gravity  gradient  due 
to  offsets  between  the  axis  of  the  minimum  moment  of  inertia  and  the  local  vertical.  Because 
the  disturbance  torque  is  a gravity  gradient  torque,  moment  of  inertia  scaling  is  irrelevant, 
and  the  non-dimensional  torque  parameter  reduces  to  a constant  depending  upon  moment  of 
inertia  relationships.  Consequently,  the  response  of  the  spacecraft  to  an  eccentric  orbit  is 
determined  solely  by  the  non-dimensional  spacecraft  parameters,  without  regard  to  rod  length 
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Figure  3.  2-12.  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on  ATS-A  Pitch  Error  Caused 

by  Rod  Thermal  Bending  and  Solar  Pressure  Torque 
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Figure  3.  2-13.  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight  on  ATS-A  Yaw  Error 
Caused  by  Rod  Thermal  Bending  and  Solar  Pressure  Torque 
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Figure  3.  2-14.  Effect  of  Primary  Rod  Length  on  Pitch  Error  Caused  by  Rod  Thermal  Bending 

and  Solar  Pressure  Torque,  ATS-D  Spacecraft 
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Figure  3.2-15.  Effect  of  Primary  Rod  Length  on  Yaw  Error  Caused  by  Rod  Thermal  Bending 

and  Solar  Pressure,  ATS-D  Spacecraft 
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Figure  3.  2-16.  Effect  of  Rod  Length  on  Pitch  Error  Caused  by  Rod  Thermal  Bending 
and  Solar  Pressure  Torque,  ATS-D  Spacecraft 


3-49 


Figure  3.2-17.  Effect  of  Primary  Rod  Length  on  Yaw  Error  Caused  by  Rod  Thermal  Bending 

and  Solar  Pressure  Torque,  ATS-D  Spacecraft 


and  tip  mass.  It  cannot,  therefore,  be  optimized  because  these  parameters  have  been 
selected.  An  indication  of  the  effect  of  these  parameters  on  the  eccentricity  response  can 
be  observed  by  noting  the  errors  resulting  from  orbit  eccentricity  in  Tables  3.2-3  and  3.  2-5. 
For  the  optimum  spacecraft  design,  the  pitch  eccentricity  response  is  1.  5 degree,  the  roll 
response  is  0. 1 degree  and  the  yaw  response  is  2.  0 degree  per  0.  01  orbit  eccentricity. 

3.  2.  2. 1.  5 Stationkeeping  Torques 

ATS-D  has  a stationkeeping  thruster  on  board  to  provide  east-west  stationkeeping.  The 

“5 

thruster  is  a microthruster  with  a peak  force  output  of  10  pounds.  The  thrust  required 
for  stationkeeping  is  approximately  half  that  value,  however,  indicating  a fifty  percent  duty 
cycle  is  required. 

At  the  time  of  the  optimization,  the  pulse  rate  of  the  microthruster  had  not  been  determined, 
and  it  was  assumed  for  convenience  that  the  pulsing  frequency  would  be  too  fast  for  the  space- 
craft to  respond  to,  and  would  appear  to  be  a constant.  For  the  optimization,  therefore,  the 

“6 

thrust  level  was  assumed  constant  at  0.  5 x 10  pounds. 

The  stationkeeping  thruster  is  a large  disturbance  torque,  and  the  effects  of  manufacturing 
misalignments  and  tolerances  significantly  affect  the  selection  of  rod  length  and  tip  mass. 

As  a consequence,  they  were  included  in  this  portion  of  the  design  study. 

The  stationkeeping  thruster  creates  a disturbance  torque  to  the  spacecraft  only  when  the 
thrust  vector  does  not  pass  through  the  spacecraft  center  of  mass.  For  the  ATS-D  space- 
craft, there  are  several  reasons  why  this  will  be  true.  The  primary  reason  is  thermal 
bending,  discussed  in  Section  3.  2. 2. 1.  3.  The  bending  of  the  rod  displaces  the  tip  mass  and 
causes  the  center  of  mass  of  the  spacecraft  to  move.  The  torque  created  by  the  station- 
keeper  is  the  force  multipled  by  the  center  of  mass  offset.  The  expression  for  tip  deflection 
as  a function  of  thermal  bending  rod  radius  is  shown  in  Figure  3.2-11.  The  expression  for 
the  radius  of  curvature  of  the  rod  is  given  by  Equation  3.  2-14.  From  system  geometry  pre- 
sented in  Figure  3.  2-18,  the  maximum  tip  deflection  occurs  on  the  z axis  when 
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\ = sin 


cos 


-1 


(cos  I 


cos  X ) 
o' 


where 


3.2-21 


^ = half  angle  of  rods-referred  to  axis 

= 25.66° 

X^  = angle  between  axis  and  solar  flux  with  Sun  in  x^,  plane 
= 23.45° 


For  worst  case  (shortest  radius) 


R 


+ 2 Tk 
443  par 


sin  cos 


1 


(cos  ^ cos  X^) 


R = 3243.  9 feet 
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3. 2-23 


From  Figure  3.2-11 


3.  2-24 


The  center  of  mass  offset  is  therefore  proportional  to  the  square  of  the  rod  length,  and  the 
tip  mass.  Hence,  ignoring  the  weight  of  the  rods 


T 


4M^^ 

Mfc2R 
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IXTiere  = total  spacecraft  mass  18.  2 slugs. 
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Figure  3.  2-18.  Sua- Rod  Geometry 


Substituting  into  Equation  3.2-9  and  dropping  the  second  order  * term  from  the  denominator, 
the  attitude  error  becomes  a constant,  independent  of  rod  length  or  tip  mass.  The  constant 
is  dependent  upon  the  rod  thermal  characteristics,  reflectivity,  etc. , and  once  the  rod  has 
been  selected,  represents  the  minimum  possible  error.  For  ATS-D  this  error  is  4.6  degrees. 

At  short  rod  lengths,  secondary  center  of  mass  offsets  due  to  manufacturing  tolerances  be- 
come important.  There  are  four  tolerance  effects  which  must  be  considered  in  the  station- 
keeping analysis;  rod  straightness,  rod  alignment,  thruster  alignment,  and  spacecraft 
center  of  mass  uncertainty.  All  the  error  sources  are  obvious,  except  the  rod  straightness 
effect.  The  gravity  gradient  rods  are  not  straight  when  manufactured;  and  at  the  time  of  the 
optimization,  there  was  not  an  effective  means  of  straightening  them.  As  a result,  an  acceptance 
specification  was  placed  on  the  rods  which  limited  their  allowable  curvature.  The  permissi- 
ble rod  envelope  is  shown  in  Figure  3.  2-19,  and  was  used  to  determine  the  attitude  error. 

The  remaining  error  sources  were  assumed  to  be  a center  of  mass  uncertainty  of  0.  3 inch, 
a rod  misalignment  of  0.  5 degree,  and  a thrust  vector  misalignment  of  1 degree. 
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AG  IMATED,  POLISHED  r>  0.  1 TOO.  15 

0.  500  DIAMETER  (98°  OVERLAP-NOMINAL) 

M/G -132.3  FT  LENGTH.  0.002- INCH  THICK 
TIP  MASS:  ATS  "A”  - 2.50  LH 

ATS  "D”  AND  •*£'•  - 8.00  LB 
ERECTION  RATE  - 1.  5 TO  0.  9 FT/SEC 
SCISSORING  RATE  - l/8°/SEC_»_  1/16/SEC 

Figure  3.2-19.  Primary  Boom  Envelope  Specification 


Of  the  four  tolerances,  the  simplest  source  of  torque  to  analyse  is  the  center  of  mass 
uncertainty;  the  torque  for  the  error  equation  is  of  the  form 


T = 0.  025  X F 3.  2-26 

where  F is  the  thruster  force.  Since  the  torque  is  constant,  the  attitude  error  resulting 
from  this  torque  will  decrease  with  increasing  rod  length  approximately  as  the  inverse 
square  of  the  rod  length. 


The  torque  resulting  from  the  rod  misalignment  is 


F 

T = — [ AM.  I Sin  p + 4 p — Sin  v ] 


where  v = rod  mounting  error. 
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Substituting  into  Equation  3.  2-9,  the  attitude  error  resulting  from  this  disturbance  torque 
will  decrease  approximately  linearly  as  the  length  increases,  because  the  numerator  con- 
tains both  linear  and  square  length  terms,  similar  to  those  in  the  denominator. 

The  torque  resulting  from  rod  curvature  is  of  the  form 


T 


[ 4Mf).5  + 0.005  I') 


+ 4 p i (0.  5)  ] 


3.2-28 


where  V = rod  length  in  excess  of  100  feet. 


The  Z'  term  is  required  because  of  the  "break"  in  the  rod  envelope  at  100  feet  (see 
Figure  3.  2-19).  The  effect  is  significant  for  the  tip  mass,  but  second  order  for  the  rod  it- 
self, and  the  rod  was  therefore  ignored.  The  error  resulting  from  this  torque  decreases 
generally  as  the  square  of  the  rod  length,  the  term  adding  slightly  at  long  rod  lengths. 

The  final  torque  is  the  thruster  misalignment  torque,  which  is 

T = F X d Sin  ^ 3.  2-29 


where 


^ = thruster  misalignment  = 1 degree 
d = distance  of  thruster  from  geometric  center. 

The  error  resulting  from  this  torque  decreases  as  the  inverse  square  of  the  rod  length. 

The  total  stationkeeper  error  is  a function  of  all  these  torques  acting  simultaneously.  As 
a worst  case,  the  errors  were  assumed  to  be  additive  on  the  yaw  axis  (the  weakest  axis). 
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The  results  are  shown  in  Figure  3. 2-20.  It  is  evident  that  the  tolerance  effects  vanish 
quickly,  and  the  thruster  error  becomes  constant  due  entirely  to  thermal  bending.  There 
is  some  improvement  associated  with  heavy  tip  masses,  but  it  is  limited  to  short  rod 
lengths. 
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Figure  3.  2-20.  Thruster  Induced  Yaw  Error 
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3.  2. 2. 2 Optimization  of  Nominal  Spacecraft 

To  determine  the  optimum  spacecraft  design,  it  is  necessary  to  combine  the  errors  pro- 
duced by  the  disturbance  torques  and  "pick-off"  the  point  of  minimum  attitude  error.  One 
difficulty  which  arises  when  the  errors  are  combined  is  the  manner  in  which  they  shovild  be 
combined.  Because  the  phasing  of  the  torques  with  respect  to  one  another  is  arbitrary, 
and  changes  with  time,  direct  addition  appears  to  be  pessimistic.  On  the  other  hand,  root 
sum  squaring  has  been  shown  in  previous  work  to  be  optimistic.  The  actual  case  is  imdoubt- 
ely  some  place  in  between.  For  this  optimization,  the  direct  addition  approach  was  taken, 
because  it  was  convenient,  and  provided  results  which  were  known  to  be  pessimistic. 

3. 2. 2. 2. 1 ATS-A  Optimization 

The  attitude  errors  resulting  from  solar  torque  and  thermal  bending  (Figure  3.2-12  and 
3.2-13)  and  magnetic  (Figures  3.  2-8  and  3.  2-10)  were  combined  into  the  two  plots  (pitch 
and  yaw)  shown  in  Figures  3. 2-21  and  3.  2-23.  It  is  obvious  from  these  graphs  that  long 
rod  lengths  and  heavy  tip  masses  produce  good  performance  (note  that  orbit  eccentricity 
error  is  not  included  since  it  cannot  be  optimized  in  this  manner).  It  is  a basic  fact  of 
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Figure  3.2-21.  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight 
on  ATS-A  Pitch  Error  Caused  by  Magnetic  and  Solar  Effects 


Pr»mar^  ^Od  Len^"f-y>- 


Figure  3.2-22.  Effect  of  Primary  Rod  Length  and  Tip  Mass  Weight 
on  ATS-A  Yaw  Error  Caused  by  Magnetic  and  Solar  Effects 


gravity  gradient  spacecraft  that  heavy  tip  masses,  which  provide  large  moments  of  inertia 
with  no  disturbance  torque,  almost  invariably  provide  good  performance. 

The  choice  of  system  parameters  for  ATS-A  was  strongly  influenced  by  hardware  designs, 
program  schedules,  and  budgets  which  existed  at  the  time  of  optimization.  The  primary 
limiting  item  was  the  spring  constant  of  21  dyne-cm/deg  designed  for  the  original  ATS  Con- 
figuration. Increasing  this  constant  would  require  a complete  redesign  of  the  damper 
component,  which  was  undesirable  from  the  cost  and  schedule  standpoint.  With  the  spring 

constant  that  existed  at  the  time  of  optimization,  the  pitch  moment  of  inertia  (from  the  non- 

2 

dimensional  parameters)  had  to  be  7107  slug-ft  , and  the  damping  coefficient  15,800  dyne- 

cm-sec.  Since  the  change  in  damping  coefficient  could  be  achieved  with  only  slight  modifi- 

2 

cation,  the  pitch  moment  of  inertia  of  7107  slug-ft  was  selected  based  primarily  on  the 
spring  constant. 
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Table  3.  2-8  ATS-A  Parameters 


Parameter 

Optimum 

Configuration 

X Rod  Length  (ft) 

133.75 

Damper  Rod  Length  (ft) 

45.0 

X Rod  Tip  Mass  (lb) 

2.50 

Damper  Rod  Tip  Mass  (lb) 

1.60 

X Rod  Half  Angle  (deg) 

«26.0 

Angle  Between  X Rod 
Plane  and  Roll  Axis  (deg) 

4.8 

Angle  Between  Damping 
Axis  and  Pitch  Axis  (deg) 

53.4 

Spring  Constant  (dyne-cm)/deg 

21.0 

Damping  Constant  (dyne-cm) 
iieg/  sec) 

15,800.0 

2 

Moments  of  Inertial  (slug-ft  ) 

Pitch 

7,107.0 

Roll 

5,774.0 

Yaw 

1,333.0 

Damper 

231.0 
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Figure  3. 2-23  is  a plot  of  pitch  moment  of  inertia  as  a function  of  rod  length  and  tip  mass. 

It  is  apparent  that  several  combinations  of  rod  length  and  tip  weight  can  be  selected  to  pro- 
2 

vide  7107  slug- ft  . Figures  3. 2-21  and  3. 2-22  show  that  the  best  rod  length  is  150  feet  and 
the  best  performance  is  obtained  from  the  heaviest  tip  mass.  While  ATS-A  did  not  have  a 
weight  problem,  it  was  felt  to  be  more  profitable  to  utilize  as  much  of  the  150  feet  of  avail- 
able rod  length  as  possible.  Because  it  was  imdesirable  to  reduce  the  tip  masses  below  the 
level  originally  anticipated,  the  recommended  system  was  primary  rod  lengths  of  133.  75 
feet  with  2. 5-pound  tip  masses. 

The  damper  rod  is  45  feet  with  a 1.  60-pound  tip  mass.  The  remaining  parameters  are 
shown  in  Table  3.2-8  and  the  hardware  location  and  orientations  are  shown  in  Figure  3.2-24., 

Two  computer  simulations  were  made  to  compare  the  recommended  system  with  the  pre- 
vious standard  configuration  (Table  3.2-1  in  Section  3.2.1).  For  each  simulation,  the 
orbit  eccentricity  was  0.01,  the  CP-CM  displacement  was  1 inch  along  the  pitch  axis,  the 
magnetic  dipole  moment  was  1000  pole-cm  along  the  roll  axis,  and  the  sun  was  in  the  orbit 
plane.  The  other  factors  are  as  defined  in  Section  3.2. 1.  The  improvement  in  performance 
shown  in  Table  3. 2-9  agrees  well  with  the  values  predicted  by  Figures  3.  2-21  and  3.2-22. 
The  simulations  are  shown  in  Figures  3.2-25  and  3.2-26. 


Table  3.  2-9.  Performance  Comparisons  for  ATS-A 


»P 

«R 

(deg) 

(deg) 

(deg) 

Previous  Configuration 

1.9 

0.3 

4.3 

Recommended  Configuration 

1.8 

0.3 

3.3 

Increase  in  Accuracy 

0.1 

— 

1.0 
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Figure  3.2-23.  vs  Rod  Length  for  ATS-A 
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Figure  3. 2-24.  ATS-A  Standard  Configuration 
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PERFORMANCE  OF  ATS  - A VEHICLE  (MEDIUM  ALTITUDE) 
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Figure  3.  2-25,  Performance  of  ATS-A  Vehicle  (Medium  Altitude) 
with  100-Foot  Primary  Rods  and  2.  5-Pound  Tip  Weight 
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PERFORMANCE  OF  ATS  - A VEHICLE  (MEDIUM  ALTITUDE) 
WITH  133. 75- FOOT  PRIMARY  RODS  AND  2.5  LB. 

TIP  WEIGHTS. 


NOTES: 

1.  SUN  IN  THE  ORBIT  PLANE 

2.  1000  POLE-CM  DIPOLE  ALONG  ROLL  AXIS 


TIME  (HOURS) 

Figure  3-26.  Performance  of  ATS-A  Vehicle  (Mechanism  Altitude)  with  33.  75- Foot 

Primary  Rod  and  25  Tip  Weighed 


3 . 2.  2 . 2 . 2 A TS-D/E  Optimization 

I 

The  yaw  errors  resulting  from  solar  tortiue  and  thermal  bendmg((Figure  3.2-15),  magnetic 
torques  (Figure  3.2-10),  and  thruster  torques  (Figure  3.2-20)  were  combined  into  a single 
plot  representing  the  yaw  error  as  a function  of  rod  length.  Because  the  pitch  axis  has  only 
one  major  disturbance  torque,  solar  torque,  a tradeoff  plot  for  pitch,  is  not  possible. 

The  resultant  plot.  Figure  3.2-27  indicates  that  long  rod  lengths  are  practical  for  ATS-D/E 
in  order  to  obtain  good  pointing  accuracy.  As  with  ATS-A,  heavy  tip  masses  produce  better 
performance  than  light  tip  masses,  but  the  tip  masses  on  ATS-D/E  were  already  heavy  (10 
poimds)  and  additional  weight  was  undesireable.  The  results  of  optimization  (Figure  3. 2-27) 
indicated  that  rod  lengths  in  excess  of  125  feet  were  not  very  beneficial  in  yaw.  Since  there 
is  some  degradation  in  pitch  with  increasing  rod  length  (the  primary  error  source  in  pitch  is 
thermal  bending),  longer  rod  lengths  should  be  avoided, 

A limiting  hardware  item  for  ATS-D/E  was  the  torsion  wire  of  the  hysteresis  damper  (Sec- 
tion 3.2.3).  The  originally  specified  5 dyne-cm/deg  required  a large  moment  of  inertia 


Figure  3. 2-27.  Total  Pointing  Error 
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system  and  virtually  eliminated  the  possibility  of  reducing  the  attitude  control  weight. 
Discussions  with  TRW,  the  manufacturer  of  the  hysteresis  damper,  indicated  a probable 
lower  limit  of  3. 5 dyne-cm/deg.  This  was  used  for  the  optimum  spring  constant  and  the 
system  was  sized  accordingly.  At  a small  sacrifice  in  performance,  a weight  savmgs  of 
approximately  14  poxmds  (over  the  original  configuration)  was  accomplished  by  reducing  the 
tip  masses.  The  resultant  configuration  utilizes  8-poxmd  tip  masses  and  124.  33-foot  rods. 
Parameters  selected  are  shown  in  Table  3. 2-10.  The  hardware  location  and  orientation  is 
shown  in  Figure  3. 2-28. 

Four  computer  simulations  were  made  to  check  the  optimization.  Two  of  these  were  for  the 
standard  comparison  configurations  with  100-foot  rods  and  10- pound  tip  weights,  and  two 
were  for  the  new  configuration.  Cases  with  the  sun  in  and  out  of  the  orbit  plane  were  checked. 

Figure  3.  2-29  and  3. 2-30  simulate  the  standard  configuration  and  optimum  configuration, 
respectively,  at  the  summer  solstice.  In  this  orbit,  a large  large  yaw  bias  error  would  be 
expected  because  the  CM  moves  its  greatest  distance  along  the  vehicle  Z axis  (pitch)  due  to 
thermal  bending.  The  yaw  bias  is  evident  in  both  figures,  but  the  new  configuration  has  a 
smaller  oscillation  amplitude  than  the  old  configuration.  This  reduced  amplitude  results 
in  a yaw  performance  improvement  for  the  new  configuration,  as  well  as  a we^ht  improve- 
ment, although  the  other  axes  are  slightly  degraded.  The  performance  results  are  summarizec 
on  Table  3. 2-11. 


At  the  time  of  the  spacecraft  optimization  studies,  no  distinction  was  drawn  between  the 
ATS-D  and  ATS-E  configurations.  The  term  "ATS-D/E"  was  used  to  designate  the  fact  that 
statements  about  either  applied  to  both.  However,  as  time  progressed,  there  were  more 
and  more  distinctions  between  the  two,  A new  gravity-gradient  boom  system  was  developed 
for  ATS-E  (with  half  the  deploy ment/retraction  rate  of  those  on  ATS-D),  new  spacecraft 
experiments  were  added  which  had  significant  effects  on  central  body  moments  of  inertia  and 
center  of  pressure/center  of  mass  relationships,  etc.  These  changes  were  reflected  in 
revised  performance  estimates  only  (see  Section  3. 5),  ATS-E  characteristics  are  shown  in 
Figure  3.  2-31. 
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Table  3. 2-10. 

ATS-D/E  Parameters 

Optimum 

Parameter 

Configuration 

X-Rod  Length  (ft) 

Damper  Rod  Length  (ft) 

X-Rod  Tip  Mass  (lbs) 

Damper  Rod  Tip  Mass  (lbs) 

X-Rod  Half  Angle  (deg) 

Angle  Between  X-Rod 
Plane  and  Roll  Axis  (deg) 

Angle  Between  Damping 
Axis  and  Pitch  Axis  (deg) 

Spring  Constant 


Damping  Constant 

2 

Moments  of  Inertia  (slug-ft  ) 
Pitch 
Roll 
Yaw 
Damper 


- 124. 33 

45.0 
8.0 
4.  06 

26.0 
4.8 


986.7 


16, 617.  8 
13,498.7 
3,115.5 
540.2 
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Figure  3.  2-28.  ATS-D  Standard  Configuration 
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Figure  3.2-31.  ATS-E  Nominal  Configuration 


Table  3. 2-11.  Performance  Comparison  for  ATS- D/E 


0p 

(degree) 

(degree) 

(degree) 

Previous  Configuration 

1.0 

1.5 

7.8 

Recommended  Configuration 

1.2 

1.8 

7.4 

Increase  in  Accuracy 

-0.2 

-0.3 

+0.4 

3.  2.  3 OPTIMIZATION  OF  HYSTERESIS  DAMPING 

The  ATS  spacecraft,  as  originally  conceived,  was  based  upon  rate  damping  in  the  damper.  The 
use  of  rate  damping  facilitated  the  linear  analysis  and  permitted  the  optimization  of  the  non- 
dimensional  parameters.  From  the  standpoint  of  hardware  implementation  however,  rate 
damping  is  cumbersome  and  heavy  for  this  particular  damper  design.  As  a consequence,  due  to 
its  light  weight,  magnetic  hysteresis  damping  was  considered  and  ultimately  added  as  an 
experimental  damping  mechanism.  Hysteresis  damping  is  not  a linear  phonomenon  however, 
and  optimization  using  standard  optimization  techniques  is  not  possible.  To  determine  the 
optimum  value  of  hysteresis  torque,  a computer  study  was  undertaken.  To  provide  the  proper 
base  for  a computer  study,  an  accurate  model  of  the  hysteresis  phenomenon  was  necessary. 

No  good  theoretical  models  (of  general  form)  exist,  however,  and  an  empirical  relationship, 
based  on  data  supplied  by  TRW,  was  derived.  The  data  is  shown  in  Figures  3. 2-32  and 
3.  2-33,  and  uses  the  constant  torque  hysteresis  damper.  To  effectively  utilize  this  informa- 
tion, it  was  necessary  to  remove  the  spring  constant  which  was  included  in  the  data.  The 
"pure”  hysteresis  torques  obtained  from  this  data  are  shown  in  Figure  3.  2-34. 


For  convenience  in  the  following  discussion,  several  terms  will  be  defined. 


1*  Hysteresis  torque  is  the  torque  exerted  on  the  boom  by  the  hysteresis  damper  and 
may  be  less  than  or  equal  to  the  saturation  torque. 

2.  Saturation  torque  is  the  maximum  hysteresis  torque  the- damper  is  capable  of 
producing. 
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Mai  or  loops  describe  the  curve  of  hysteresis  torque  versus  angle  when  the  torque 
starts  from  positive  (or  negative)  saturation  torque. 

4.  Minor  loops  are  loops  which  do  not  start  from  saturation. 


This  terminology  will  be  used  throughout  the  section. 


After  several  curve  fitting  attempts  on  Figure  3. 2-34,  it  was  found  that  an  exponential 
curve  would  fit  a major  loop  with  good  accuracy.  Figure  3.  2-35  is  a plot  of  a major  loop 

from  the  data  of  Figure  3, 2-33  with  an  exponential  curve  of  the  form 
/ . Ac?  \ 


T 


e 


ce 

rise 


3.2-30 


(indicated  by  dots)  superimposed.  For  this  plot,  1/a  . = 60  and  the  exponential  equation 

fits  well  within  the  limits  of  the  reduction  of  the  data.  To  ensure  that  this  was  not  a chance 
fit,  additional  data  (not  presented)  was  obtained  and  another  exponential  fit  attempted.  The 
exponent  of  the  equation  had  to  be  increased  to  77,  but  the  fit  was  as  good  as  that  of 
Figure  3. 2-35.  It  is  probable  that  manufacturing  tolerances  produce  a slight  difference  in 
damper  characteristic. 

Minor  loop  simulation  is  also  achieved  by  curve  fitting.  Theory  and  data  indicate  that  after 
a reversal,  the  torque  will  change  as  a function  of  the  angle  from  reversal  in  such  a manner 
as  to  pass  through  a point  of  previous  reversal.  Figxrre  3. 2-33  clearly  shows  this  phenomenon 
in  the  appearance  of  the  closed  minor  loops.  After  passing  this  point  of  reversal,  the 
hysteresis  torque  changes  in  the  same  manner  it  was  changing  before  the  reversal  occurred. 

Figure  3. 2-36  is  a hypothetical  case  involving  minor  loop  construction.  At  the  start,  the 
hysteresis  torque  is  changing  in  a manner  indicated  by  Curve  1.  After  reversing  at  point 
CK,  the  torque  follows  Curve  2 which  passes  through  the  point  of  previous  reversal  (not 
shown).  Reversing  again  at  ^ produces  Curve  3 which  passes  through  reversal  point  a. 

If  it  passes  point  o;,  the  torque  reverts  to  Curve  1 and  continues.  This  process  is  followed 
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for  all  minor  loops.  The  torque  changing  as  shown  on  Curve  5,  for  example,  would  revert 
to  the  Curve  3 after  passing  reversal  point  y and  to  Curve  1 after  passing  reversal  point  a. 

Mathematical  simulation  of  minor  loops  is  achieved  by  using  major  loops  which  have  their 
origin  at  the  point  of  reversal.  The  results  of  this  assumption  are  shown  in  Figure  3. 2-37. 
Each,  major  loop  was  initiated  at  the  point  of  data  reversal.  Closer  agreement  could  be 
obtained  in  most  cases  if  the  calculated  curve  was  initiated  at  its  calculated  point  of 
reversal  (i.  e. , reversal  would  occur  at  the  measured  value  of  rotation  angle,  but  the 
calculated  value  of  hysteresis  torque).  However,  correlation  was  good  for  the  case  show 
with  the  maximum  percentage  error  less  than  2.  7 percent  for  the  small  loops. 

This  formulation  of  the  minor  loops  and  major  loops  was  implemented  within  the  digital 
simulation,  and  numerous  simulations  were  made  to  determine  the  optimum  hysteresis 
design.  Two  basic  hysteresis  designs  were  considered  in  the  analysis,  a constant  torque 
hysteresis  damper  known  as  the  passive  hysteresis  damper,  (PHD),  and  a "bow  tie" 
hysteresis  damper  known  as  the  variable  torque  hysteresis  damper  (VTHD). 

3. 2. 3. 1 Passive  Hysteresis  Damper 

Inahysteresis  damped  system  utilizing  a damper  with  a constant  value  of  hysteresis  saturg 
tion  torque,  the  optimum  hysteresis  value  is  selected  based  upon  two  factors.  Firj 

sufficient  damping  must  be  provided  to  minimize  the  time  required  to  reduce  the  vehicle 
pointing  error  to  a level  where  the  vehicle  can  perform  "its  mission.  Second, T must 
be  high  enough  to  provide  reasonable  damping  when  the  spacecraft  is  undergoing  large 
oscillations.  Steady-state  pointing  accuracy  is  virtually  independent  of  T „,  and  is  not 
a factor  in  determining  its  value. 

Figures  3, 2-38  and  3. 2-39  show  the  time  required  to  settle  to  various  levels  of  earth- 
pointing  error  as  a function  of  Tg^^  for  the  ATS-A  and  ATS-D  spacecraft,  respectively. 
These  curves  are  based  upon  data  obtained  from  a series  of  computer  simulations. 
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HYSTERESIS  TORQUE  (MICRO  FT-LB) 


ROTATION  ANGLE  (MILLIRADIANS) 

Figure  3.  2-37.  Minor  Loop  Simulation  of  Hysteresis  Data  Using  Major  Loop  Shape 
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Figure  3.  2-38.  ATS-A  with  Constant  Saturation  Torque  Hysteresis  Damper  Time  to 
Damp  Various  Earth  Pointing  Errors  as  a Function  of  Hysteresis  Saturation  Torque 
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Figure  3.  2-39.  ATS-D  with  Constant  Saturation  Torque  Hysteresis  Damper  Time  to 
Damp  Various  Earth  Pointing  Errors  as  a Function  of  Hysteresis  Saturation  Torque 
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The  spacecraft  initial  conditions  listed  in  Table  3.  2-12  define  a standard  transient  which 
was  used  throughout  the  system  analysis  effort  to  provide  meaningful  comparisons  of  data. 
This  standard  transient  was  taken  from  an  ATS-A  capture  study  (Section  3.  3. 1)  with  the 
vehicle  rates  scaled  down  for  use  with  ATS-D. 


Table  3.  2-12.  Spacecraft  Initial  Conditions 


ATS-A 

ATS-D 

1.  Vehicle  initial  attitude  (Deg) 

Pitch 

-35.  9 

-35.  9 

Roll 

8.1 

8.1 

Yaw 

180.5 

180.5 

Damper  Room 

0 

0 

2.  Vehicle  initial  attitude  rate 

deg 

sec 

Pitch 

-0.  0175 

-0.  00467 

Roll 

- 0.  01408 

-0.  00376 

Yaw 

0.  005993 

0.  0016 

Damper  Boom 

0 

0 

3.  Orbit  Eccentricity 

0.  01 

0 

4.  Magnetic  Dipole  Along 

1000 

1000 

Roll  axis  (pole-cm) 

5.  Solar  Effects 

None 

None 

Immediately  evident  in  Figures  3.  2-38  and  3.  2-39  is  the  amount  of  scattering  of  the  data. 
There  are  several  reaons  for  this.  Initially,  the  spacecraft  is  spinning  in  yaw.  In  some 
runs  the  spacecraft  steady-state  yaw  angle  is  0 degrees,  in  other  runs  it  is  180  degrees. 
This  difference  in  rotating  through  half  a revolution  will  materially  affect  settling  times. 
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Another  factor  that  contributes  to  the  data  scatter  in  the  Figures  is  the  use  of  arbitrary 
levels  of  earth- pointing  errors.  For  example,  consider  the  following  hypothetical  case. 
At  150  hours,  two  runs  yield  the  following  data: 

T 

SAT 

150 
175 


4.  9 
5.1 


The  first  run  has  already  settled  to  5 degrees.  The  second  has  not,  and  may  not  reach 
5 degrees  or  less  for  another  30  or  40  hours.  This  yields  scattered  data  points  although 
it  is  apparent  that  these  two  runs  are  very  similar. 

Despite  the  data  scatter  there  are  obvious  trends  to  be  seen.  Based  upon  this  data,  the 
following  nominal  values  of  were  chosen  to  minimize  damping  time  to  low  values 

of  pointing  error. 

ATS-A  ATS-D 

175  d5me-cm  50  dyne-cm 

These  values  were  checked  with  additional  digital  simulations  with  solar  effects  included. 

For  ATS-A,  three  600-hour  runs  were  made  with  T = 150,  173,  and  200  dyne-cm. 

A 1 

For  ATS-D,  three  2250-hour  runs  were  made  with  T = 40,50  and  60  dyne-cm.  The 

D A 1 

resulting  damping  characteristics  are  plotted  in  Figures  3. 2-40  and  3. 2-41.  Scattering  of 
the  data  is  not  present  in  these  curves  because  settling  times  to  arbitrary  values  of  error 
are  not  used.  The  curves  shown  are  the  envelopes  of  the  earth- pointing  error  oscillations, 
and  show  similar  damping  performance  for  all  the  values  of  T used  for  each  space- 
craft.  As  time  increases  the  effect  of  the  value  of  T . on  damping  performance  decreases. 
All  the  value  used  provide  satisfactory  damping  performance,  and  this  was  used  to  select 
the  tolerances  values  of  +25  dyne-cm  for  ATS-A  and  +10  dyne-cm  for  ATS-D. 
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Figure  3.  2-40.  ATS-A  Damping  Performance 
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Figure  3.  2-41.  ATS-D  Damping  Performance 


Figures  3.  2-42  through  3.  2-45  show  the  performance  with  the  nominal  values  of  T 

o A 1 

for  both  ATS-A  and  ATS-D.  The  30-hour  gap  in  the  ATS-A  curves  between  190  and  220 
hoiu*s  was  necessary  to  provide  a convenient  large  scale  plot  for  both  transient  and 
steady-state  conditions.  Steady  state  performance  is  virtually  identical  to  that  achieved 
by  the  rate  damper. 

3. 2.  3.  2 Variable  Torque  Hysteresis  Damper 

The  passive  hysteresis  damper,  even  at  its  optimum,  produces  very  long  time  constants  as 
evidenced  by  Figures  3.  2-42  and  3.  2-43.  The  problem  is  particularly  severe  for  ATS-D, 
where  steady  state  may  not  be  reached  for  1200  hours.  The  value  of  T determined  in 
Section  3.  2. 3. 1 represents  a compromise  between  good  damping  of  large  and  small  dis- 
turbances. If  T . is  high,  there  is  good  damping  of  large  transients  and  the  damper  boom 

o A 1 

motion  is  not  excessive.  However,  when  the  disturbance  errors  are  small  the  damper  boom 
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Figure  3.  2-42.  ATS-A  Dampint  Performance 
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Figure  3.2-43.  ATS-A  Damping  Performance 
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Figure  3.  2-44.  ATS-D  Damping  Performance 
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Figure  3. 2-45.  ATS-D  Damping  Performance 
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motion  is  too  limited  to  provide  good  damping.  Conversely,  low  values  of  provide 

good  damping  for  small  disturbances,  but  damping  the  presence  of  large  disturbances  is 
completely  inadequate  and  damper  boom  motion  is  excessive,  to  an  attempt  to  improve 
hysteresis  damper  performance,  a damper  was  designed  in  which  Tg^^  is  a function  of 
damper  boom  angular  rotation,  y.  This  has  been  called  the  "bowtie"  concept.  The  approach 
permits  the  utilization  of  a small  lightweight  hysteresis  damper  without  the  penalty  of  long 
damping  times. 


To  improve  hysteresis  damper  performance,  it  is  necessary  to  provide  low  values  of  T 

SAT 

for  small  spacecraft  disturbances,  and  large  values  for  large  disturbances.  This  is 

accomplished  by  making  T^^^  a function  of  y.  The  model  used  is  shown  in  Figure  3. 2-46 

for  the  first  quadrant.  The  other  three  quadrants  are  similar.  To  determine  T a series 

MIN 

of  computer  runs  were  made  for  a 5 degree  pitch  displacement  of  ATS-A  and  constant  values 


of  The  time  to  damp  to  a 2.  8 degree  earth-pointing  error  as  a function  of  T, 

^MIN 


SAT 


IS 


shown  in  Figure  3. 2-47.  From  this  data  T,„^,  was  chosen  to  be  20  dyne-cm  (for  ATS-A). 


was  originally  set  at  the  value  of  the  steady-state  damper  boom  oscillation  amplitude 

from  the  above  runs.  This  was  y,  = 4 degrees.  Using  T,,_..  = 20  dyne-cm  and  y = 4 

1 MIN  1 

degrees,  a series  of  runs  was  made  with  values  of  SLOPE  1 from  15  to  35  dyne-cm/deg. 
Initial  conditions  were  a large  transient  taken  from  an  ATS-A  capture  run  (Section  3.  3. 1). 
This  transient,  often  called  the  standard  transient,  has  been  used  in  many  computer  runs 
to  permit  meaningful  comparisons  of  data.  Its  values  are  (from  Table  3. 2-12): 


Attitude  (degrees) 

Attitude  Rate 

sec 

Pitch 

-35.9 

-0.  0175 

Roll 

8.1 

-0.  01408 

Yaw 

180.5 

0.  005993 

Damper  Boom 

0 

0 
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Figure  3.2-46.  Typical  "Bow  Tie"  Configuration  for  One  Quadrant 


Figure  3. 2-47.  Time  to  Settle  2. 8 Degrees  from  an  Initial 
5 Degree  Pitch  Error  as  a Function  of  T for  ATS- A 

oA  1 


Initial  conditions  also  include  0.  01  orbit  eccentricity,  and  a 1000  pole-cm  magnetic  dipole 
along  the  vehicle  roll  axis. 


Figure  3.  2-48  shows  the  time  to  damp  to  an  earth-pointing  error  of  4 degrees  for  various 
values  of  SLOPE  1.  From  Figure  3.  2-48  SLOPE  1 was  chosen  to  be  20  dyne-cm/deg. 

Another  series  of  rims  was  made  to  confirm  the  value  of  Using  = 20  dyne-cm 

and  SLOPE  1 = 20  dyne-cm/de&  values  ofy^^  from  1-10  degrees  were  used.  Initial  condi- 
tions were  the  standard  transient.  Figure  3. 2-49  is  a plot  of  the  earth-pointing  error  at 
200  hours  as  a function  of  y^.  There  is  some  data  scatter  beyond  y^  = 5°  but  a trend  is 
evident,  y^^  was  chosen  to  be  5 degrees. 


This  set  of  parameters  provided  relatively  good  damping  for  moderate  and  small  disturbances. 
To  improve  large  disturbance  damping  SLOPE  2 was  set  at  30  dyne-cm/deg  and  y at  15 
degrees.  No  additional  runs  were  made  to  confirm  these  values.  They  were  based  upon 
the  data  already  obtained,  combined  with  engineering  judgment. 


Figure  3.2-48.  Time  to  Settle  to  4 Degrees  Figure  3.2-49.  Maximum  Earth- Pointing 
from  the  Standard  Transient  as  a at  200  Hours  as  a Function  ofyj^  for 

Function  of  Slope  1 for  ATS-A  ATS-A 
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The  recommended  set  of  parameters  and  tolerances  for  ATS-A  are  listed  below: 


T 

MIN 

20  + 5 

d5me-cm 

1 

5 + 1 

deg 

2 

15 

deg 

SLOPE  1 

20 

d5me-cm/deg 

SLOPE  2 

30 

dyne-cm/deg 

Figure  3. 2-50  is  a plot  of  the  ATS-A  system  response  to  the  standard  transient  using  the 
nominal  hysteresis  damper  parameters,  and  including  solar  effects.  Figure  3. 2-51  shows 
the  damping  performance  compared  to  the  performance  of:  (1)  the  present  hysteresis  damper 
in  ATS-A,  in  which  is  constant  at  175  dyne-cm,  and  (2)  the  present  eddy  current 

damper. 


Time  - HOuES 


Figure  3.  2-50.  Response  of  ATS-A  Vehicle  with  a ”Bow  Tie" 
Hysteresis  Damper  to  the  Standard  Transient 
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Figure  3.  2-51.  ATS-A  Damping  Characteristics 


Several  runs  were  made  to  determine  the  effects  of  the  parameter  tolerances.  Figure 
3.  2-52  is  a comparison  of  damping  performance  of  the  nominal  hysteresis  torque 
characteristic  and  the  upper  and  lower  boundary  characteristics.  The  upper  boimdary  is 
defined  as  the  T_  . _ - y curve  in  which  SLOPE  1 and  SLOPE  2 are  at  their  upper 

limits.  The  lower  boundary  is  defined  in  a corresponding  manner. 


The  parameters  for  the  ATS-D  bow-tie  hysteresis  damper  are  scaled  from  the  ATS-A  values. 
The  scale  factor  is: 


3. 2-31 
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Figure  3.2-52.  Effects  of  Parameter  Tolerance  of  ”Bow  Tie"  Hystersis 
Danger  Upon  Damping  Performance 


where 


= damper  moment  of  inertia 

o)  = orbital  rate 
o 

Tmin»  slope  1 and  SLOPE  2 in  ATS-A  must  be  divided  by  6.  00  to  obtain  the  equivalent 

values  for  ATS- D.  y andy  remain  unchanged. 

1 2 

Studies  on  the  problem  of  capture  of  ATS-D  (see  Section  3.  3, 2)  have  indicated  that  great 
care  must  be  exercised  in  the  selection  of  a hysteresis  contour.  The  studies  have  shown 
that  a significant  increase  in  damping  time  can  result  if  high  separation  rates  are 
encountered.  The  cause  of  this  phenomenon  is  the  increased  restriction  of  the  boom  at 
high  spacecraft  angular  rates.  It  was  felt,  after  completion  of  the  capture  study  that  a 
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high  value  of  hysteresis  torque  such  as  that  associated  with  the  optimized  hysteresis 
damper  would  result  in  even  more  restriction  of  the  boom,  and  consequently  less  damping. 
To  prevent  this  condition,  a hysteresis  contour  was  selected  that  had  a low  hysteresis 
value  near  the  spring  null,  and  a hysteresis  torque  that  increased  with  damper  angle,  but 
always  remained  less  than  or  equal  to  the  spring  torque  (see  Figure  3.2-53).  The  best 
contour  within  this  range  was  estimated,  and  it  was  decided  to  evaluate  the  spacecraft 
performance  for  the  limits  of  the  range,  and  compare  it  to  the  results  obtained  using  the 
constant  torque  hysteresis  damper. 

The  initial  conditions  selected  for  the  evaluation  of  the  dangers  were  those  originally 
selected  for  the  capture  study  employing  the  eddy  current  damper  (see  Section  3.  3.  2). 

The  conditions  prior  to  rod  extension  are  shown  in  Table  3. 2-12. 
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Figure  3.  2-53.  Range  of  Hysteresis  Damping  Torque  for  Varying 
Torque  Hysteresis  Damper  ATS-D  and  E 


Figures  3.2-54,  3.2-55,  3.2-56,  3.2-57,  and  3.2-58  are  the  results  of  the  computer 
simulations.  Figure  3.  2-54  is  the  first  160  hours  of  capture  time  with  the  constant 
hysteresis  torque  damper  (50  dyne-cm).  Figure  3.2-55  is  an  extension  of  this  run  to 
400  hours  plotted  to  a larger  scale.  The  pitch,  roll,  and  yaw  errors  are  plotted,  as  well 
as  the  damper  angle.  Figures  3.2-5  and  3.2-57  are  the  same  curves,  but  utilizing  the 
minimum  contour  (Figure  3.  2-53)  of  the  varying  torque  hysteresis  damper  range.  The 
improvement  in  damping  time  (and  to  some  extent  steady  state)  is  clearly  evident  by  the 
graphs.  At  the  end  of  400  hours,  the  constant  torque  hysteresis  damper  shows  10.  7 degrees 
of  pitch  error,  7.  0 degrees  of  roll  error,  and  8. 4 degrees  of  yaw  error.  At  the  same  time, 
the  varying  torque  hysteresis  damper  shows  2. 8 degrees  of  pitch  error,  1.  0 degrees  of 
roll  error,  and  3.  6 degrees  of  yaw  error,  indicating  a significant  improvement.  F^ure 
3.2-53  is  the  first  160  hours  of  capture  for  the  maximum  contour  of  the  varying  torque 
hysteresis  damper.  At  this  point,  the  effective  damping  was  less  than  that  of  the  constant 
torque  hysteresis  damper  and  the  rim  was  terminated.  As  a consequence  the  minimum 
contour  was  selected  as  the  nominal  (Figure  3.2-53),  with  a permissible  variation  of 
+10%. 
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Figure  3.  2-54.  Nominal  Constant  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E 
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Figure  3.2-55.  Nominal  Constant  Torque  Hysteresis  Damper  for 

ATS-D  and  ATS-E 
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Figure  3. 2-56.  Varying  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E 
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Figure  3.  2-57.  Varying  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E 
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Figure  3.  2-58. 


Varying  Torque  Hysteresis  Damper  for  ATS-D  and  ATS-E 
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3.3  INITIAL  CAPTURE  ANALYSIS 

The  optimization  analyses  described  in  Section  3. 2 were  performed  assuming  small  ampli- 
tude motion.  Even  the  optimization  for  maximTom  damping  was  done  on  a linear  small  angle 
basis.  In  actual  practice,  however,  the  spacecrafts  are  rarely  placed  in  orb't  at  the  pro- 
per orientation  with  appropriately  low  rates.  In  this  regard,  ATS  is  no  exception.  ATS-A, 
for  example,  is  separated  from  the  booster  stage  with  tip-off  rates  on  the  order  of  one 
degree  per  second.  Residual  rates  as  high  as  2 degrees  per  second  were  considered  pos- 
sible for  ATS-D  and  ATS-E.  At  the  instant  of  separation  (ATS-A)  or  completion  of  despin 
(ATS-D  and  ATS-E) , the  gravity  gradient  rods  are  in  the  stowed  position,  and  the  space- 
craft moment  of  inertia  is  at  its  maximum.  When  the  rods  are  deployed,  the  total  moment 
of  inertia  of  the  spacecraft  increases,  and  by  conservation  of  angular  momentum,  the 
spacecraft  angular  rate  decreases.  The  final  spacecraft  rate  is  a fimction  of  the  initial 
rates,  the  axis  the  rates  are  on,  the  moment  of  inertia  growth  of  the  configuration,  and  to 
a lesser  extent,  the  initial  spacecraft  orientation  of  rod  deployment. 

The  spacecraft  rates  and  position  following  rod  deployment  exert  a considerable  influence 
on  the  nature  of  the  capture.  If  the  initial  spacecraft  orientation  is  favorable,  and  the 
angular  rates  low  enough,  the  spacecraft  may  not  invert,  and  will  quickly  stabilize.  When 
initial  conditions  are  controllable,  it  is  possible  to  attain  a ri^tside  up  capture.  This 
type  capture  is  termed  "upright  capture"  and,  as  indicated  in  Section  3. 3. 1,  was  a goal  for 
ATS-A.  With  angular  rates  slightly  higher  than  the  maximum  allowable  for  upright  cap- 
ture, the  spacecraft  will  tumble  until  the  damping  reduces  the  angular  rate  below  the 
tumble  limit,  and  the  spacecraft  captures,  and  settles  to  steady  state.  In  general,  the 
final  position  for  this  mode  of  capture  (i.  e. , rightside  up  or  upside  down)  cannot  be  deter- 
mined in  advance  with  any  degree  of  assurance.  Capture,  however,  is  usually  achieved 
within  a few  orbits  for  low  initial  rates. 

With  initial  rates  much  higher  than  the  tumble  limit,  the  capture  problem  becomes  very 
complex,  and  the  dynamic  interaction  between  the  spacecraft  and  the  damper  boom  can 
result  in  the  damper  boom  being  "locked"  in  some  position  with  very  low  amplitude  oscil- 
lation. As  a result,  the  effective  damping  is  reduced  and  the  tumble  time  prolonged.  A 
dynamic  analysis  was  performed  which  indicated  that  a critical  rate  exists  about  the 
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spacecraft  (roll)  and  (pitch.)  axes,  which  will  cause  the  damper  to  touch  the  stop. 

The  analysis  used  to  derive  the  equations  of  motion  is  given  in  Appendix  C,  and  essentially 
parallels  the  work  of  T.  Garber.  The  results  of  the  analysis  are  given  in  Figures  3.3-1, 

3.  3-2,  3. 3-3,  and  3. 3-4.  Figure  3. 3-1  represents  the  equilibrium  position  the  damper 
will  assume  as  a function  of  rates  about  the  y^  (roll)  and  z^  (pitch)  axes.  This  equilibrium 
position  is  the  result  of  the  "gyroscopic"  torques  (which  tend  to  rotate  the  damper  boom 
until  it  is  along  the  x^  axis)  opposing  the  spring  torque.  At  a samper  deflection  angle  of 
45  degrees  the  stop  will  be  encountered  and  the  basic  equations  no  longer  hold.  As  is 
shown  by  Figure  3. 3-1,  a motion  rate  of  3.  54  times  orbital  about  the  pitch  axis  causes  the 
damper  to  strike  the  stop.  A similar  motion  rate  of  4,  77  times  orbital  about  the  roll  axis 
has  the  same  effect.  In  this  condition,  the  damper  is  effective'  only  for  that  half  of  the  dis- 
turbance torque  cycle  which  deflects  the  damper  boom  away  from  the  stop.  At  rates  higher 
than  the  critical  rates,  the  gyroscopic  torques  tend  to  "push"  the  boom  into  the  stop. 

Figure  3,3-2  is  a plot  of  the  dynamic  torques  holding  the  damper  boom  against  the  stop. 

2 

The  line  at  ecpial  to  three  is  the  gravity  gradient  torque  actir^  on  the  damper 

boom.  If  the  dynamical  torques  exceed  this  value  the  damper  will  probably  remain 
stationary  and,  therefore,  inoperative.-  In  this  condition,  the  vehicle  will  have  a long 
period  of  tumbling  before  stabilization  occurs.  As  a guideline,  therefore,  a maximum 
rate  of  five  times  orbital  is  placed  on  rates  about  the  pitch  and  roll  axis.  In  spite  of  the 
slight  difference  in  approach,  these  results  agree  reasonably  well  with  Garber. 

There  is  no  critical  rate  on  the  x^^  (yaw)  axis  because  these  rates  tend  to  hold  the  damper 
on  null.  However,  there  is  an  increase  in  the  effective  spring  constant  due  to  yaw  rates 
as  shown  in  Figure  3.  3-3.  To  estimate  the  effect  of  this  spring  constant,  0^  and  9^  were 
assumed  small,  and  a linear  time  constant  was  calculated  (by  computer)  as  a function  of 
spring  constant.  This  allowed  the  representation  shown  in  Figure  3.  3-4.  As  an  estimate, 
a maximum  allowable  rate  of  six  orbital  was  permitted,  corresponding  to  a time  constant 
of  36  orbits.  Note  that  each  of  the  rates  about  the  x^,  y^  and  z^  axes  is  assumed  inde- 
pendent on  each  other  and  thus  the  dynamics  of  the  main  body  was  ignored. 
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Because  of  the  large  angles  and  nonlineaxities  involved,  capture  is  not  readily  amenable 
to  analysis,  except  for  the  foregoing  analysis  and  the  problem  of  upright  capture  (see 
Section  3.  3. 1).  Conse(5piently,  the  time  to  capture,  the  behavior  during  large  angle  tran- 
sients, and  the  time  to  damp  to  steady  state  were  determined  by  digital  simulation.  In 
connection  with  the  capture  study,  one  aspect  of  the  spacecraft  must  be  mentioned.  Much 
of  die  hardware  for  the  gravity  gradient  subsystem  was  developed  using  the  GSBC  original 
parameters  as  guides.  When  the  optimization  was  complete,  the  nominal  halt  argle  of  the 
rods  (Figures  3. 2-24  and  3.  2-28)  was  changed  from  the  original  19  degrees  to  the  opti- 
mum 25  degrees.  The  rod  deployment  units  had  variable  rod  angle  capability  (for  in- 
flight experimentation)  and  were  capable  of  accommodating  the  change,  except  during  rod 
deployment.  All  initial  rod  deployments  occur  at  rod  angles  of  19  degrees.  "Scissoring" 
to  25  degrees  can  be  performed  an3dlme  after  the  initial  deployment  (even  if  the  rod  length 
is  only  a few  feet).' 

3.  3. 1 ATS-A  CAPTURE 

As  a performance  goal,  ATS-A  was  required  to  capture  rightside  up.  The  orbital  rate 
associated  with  a 6,  000  nm  orbit  is  high  enough  (0.  0156  deg/sec),  and  separation  tip  off 
rates  low  enough  (on  the  order  of  one  degree  per  second)  that  with  appropriate  initial 
spacecraft  orientation,  upright  capture  can  be  achieved.  The  initial  conditions  required 
for  upright  capture  can  be  determined  analytically  by  emplo3dng  conservation  of  energy 
approaches.  The  "gravity  gradient  field"  is  a conservative  field,  and  the  potential  energy 
of  the  spacecraft  is  a function  of  its  orientation  only.  The  position  of  minimum  energy  is 
when  the  yaw  axis  (axis  of  minimum  moment  of  inertia)  is  along  the  local  vertical.  The 
position  of  maximum  potential  energy  is  when  the  yaw  axis  is  horizontal,  and  the  yaw  angle 
is  90  degrees.  (The  analysis  deriving  gravity  gradient  potential  energy  is  found  in  Appendix 
D. ) For  upright  capture,  the  total  energy  of  the  spacecraft  (kinetic  energy  plus  potential 
energy)  must  be  less  than  the  maximum  gravity  gradient  potential  energy.  To  be  on  the 
safe  side,  the  maximum  gravity  gradient  potential  energy  should  be  calculated  for  a yaw 
angle  of  zero  degrees. 
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By  definition,  kinetic  energy  is  calculated- with  respect  to  an  inertial  frame  of  reference. 

If  the  kinetic  energy  is  used  directly,  it  causes  large  variations  in  the  total  energy  because 
oscillations  about  the  local  vertical  are  unsymmetrical  in  inertial  space.  Bor  example,  if 
the  spacecraft  is  oscillating  sinusoidally,  the  kinetic  energy  when  the  spacecraft  is  travel- 
ling in  the  plus  pitch  direction  is 


KE  = 1/2 


I 

zz 


2 1 

(a>o  + 0°) 


(3.3-1) 


' where 


(o  = orbital  rate 
o 

9*^  = spacecraft  angular  rate  with  respect  to  the  local  vertical 


When  the  spacecraft  is  rotating  in  the  negative  direction,  the  kinetic  energy  is 


KE  = 1/2 


I (w  - 0°)^ 
zz  o 


(3.  3-2) 


and  the  total  energy  will  be  sinusoidal  with  time  since  the  terms  are  not  equal. 


Whittaker,  however,  indicates  that  if  the  reference  frame  is  rotating  at  a constant  rate 
(orbital  rate),  and  the  rotational  coordinate  is  ignorable  (i.  e. , appears  only  as  a rate), 
it  can  be  removed  from  the  kinetic  energy  (see  Appendix  E),  A correction  must  be  added 
to  the  potential  energy,  however,  and  Appendix  D performs  this  analysis.  '\^Tien  the  total 
energy  is  calculated  on  this  "relative"  basis  for  a circular  orbit,  the  energy  will  remain 
nearly  constant  during  steady  state  oscillation,  and  will  decrease  during  the  decay  of  large 
oscillations. 

With  this  relative  approach,  the  equations  indicate  that  upright  capture  is  symmetrical 
about  orbital  rate  (after  rod  deployment).  The  ideal  situation,  therefore,  is  when  the 
initial  conditions  of  the  spacecraft  are  at  zero  attitude  error,  with  orbital  rate  about  pitch. 
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The  position  of  ATS-A  on  the  Agena  booster  was  such  that  the  pitch  axis  of  the  spacecraft 

was  aligned  with  the  roll  axis  of  the  Agena.  The  initial  yaw  error  is  therefore  90  degrees. 

The  3a  separation  rate  tolerance  for  the  Agena  was  1 degree/second  on  the  Agena  pitch 

and  yaw  axes,  and  1/4  degree/second  rate  on  the  Agena  roll  axis.  The  calcui,:  ions  indicated 

'2 

that  for  an  initial  spacecraft  moment  of  inertia  of. 67.  5 slug-ft  (the  value  at  the  time  of 
the  analysis)  and  100 -foot  rod  lengths  (the  original  standard  configuration),  the  spacecraft 
would  tumble  in  pitch  if  the  pitch  rate  were  1 degree/second  in  the  negative  pitch  direction. 
To  verify  this  conclusion  a computer  run  was  made  with  this  condition,  and  the  vehicle  did 
tumble  in  pitch  (Figure  3. 3-5).  Yaw  also  "tumbled",  a condition  which  is  normal  and 
makes  the  "forward"  capture  of  yaw  virtually  impossible.  If  the  initial  rate  were  forward 
in  the  pitch  direction,  the  total  energy  is  less  than  that  required  to  tumble  and  the  vehicle 
captures  (Figure  3.  3-6).  The  roll  rate  for  both  these  runs  was  1/4  deg/sec.  Note  that  the 

time  to  erect  the  rod  is  short  compared  to  the  printout  interval,  and  the  vehicle  appears 
to  "jump"  to  an  initial  position. 

If  the  separation  rate  occurs  on  the  yaw  axis,  the  final  yaw  rate  will  be  high  (because 
of  the  small  moment  of  inertia  growth),  and  the  total  energy  content  of  the  vehicle  is 
greater  than  that  required  to  tumble.  Figure  3.3-7,  however,  indicates  that  the  vehicle 
did  not  tumble,  but  is  precessing  about  an  axis  slightly  offset  from  the  local  vertical. 

It  is  expected  that  the  introduction  of  the  damper  boom  into  this,  situation  will  cause  signi- 
ficant oscillations,  and  tumble  may  occur.  Damping  has  not  previously  been  considered 
because  it  does  not  affect  upright  capture  if  the  energy  content  is  sufficiently  low. 

To  circumvent  the  tumble  problem  indicated  in  Figure  3.3-5,  two  approaches  were  possible. 
The  first  approach  required  the  Agena  to  be  yawed  90  degrees  such  that  the  1/4  deg/sec 
roll  rate  appears  on  the  orbital  pitch  axis.  This  case  should  capture  whether  the  rate  is 
positive  or  negative,  and  Figures  3.3-8  and  3.3-9  indicate  that  capture  does  occur  (note 
that  the  growth  of  the  roll  amplitude  is  accompanied  by  a decrease  in  pitch  amplitude  as 
would  be  expected  from  the  conservation  of  energy  law).  As  a result  of  this  preliminary 
study,  the  Agena  was  programmed  to  execute  a yaw  maneuver  of  90  degrees  before  space- 
craft separation. 
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Figure  3.3-6.  ATS  Capture  Phase,  Normal  Agena  Position, 
Positive  Spacecraft  Pitch  Rate  ■ . 
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Figure  3.3-7.  ATS  Capture  Phase,  Normal  Agena  Position, 
Separation  Rate  in  Spacecraft  Yaw 


After  the  oonfiguration  was  optimized  (see  Section  3.2),  the  rod  length  and  moments  of 
inertia  changed,  tolerances-  were  specified,  and  additional  Agena  information  was  avail- 
able. The  factors  used  in  the  subsequent  capture  study  are  shown  as  follows: 

1.  The  initial  moments  of  inertia  were: 

2 

a.  Roll  (I^^)  54, 60  slug-ft  (Spacecraft  Pitch  Axis) 

2 

b.  Pitch  (Maximum)  47,94  slug-ft  (Spacecraft  Roll- Yaw  Plane) 

2 

c.  Pitch  (Minimum)  44. 22  slug-ft  (Spacecraft  RoE-Yaw  Plane) 

The  maximum  pitch  moment  of  inertia  was  used  as  a conservative  estimate, 

2.  The  rod  erection  rates  per  Specification  SVS  7316  were: 

a,  X-Rods  2 ^^^2 

b.  Damper  Rod  4 ft/ sec  maximum 

3.  The  separation  rates  (Agena  plus  tip-off  rates)  were: 

a.  Roll  Rate  (After  Separation)  + 1 degree/second 

b.  Pitch  Rate  (After  Separation)  +0,4  degree/second 
o.  Yaw  Rate  (After  Separation)  + 1 degree/second 

These  are  the  satellite’s  separation  rates  about  the  satellite  coordinate  system. 

4.  Additional  factors  considered  in  the  study  were; 

a.  Delay  time  of  3 seconds  (maximum)  before  rod  deployment. 

b.  Tolerance  onX-Rod  Length  -2  feet  maximum  on  two  rods 

e.  hiitial  Pitch  and  Roll  +1  degree 

Position  Error 

d.  Agena  Yaw  Tolei-ance  + 5 defines 
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5,  Because  the  vehicle  structure  was  designed  to  accommodate  the  rod  erection 
when  the  half  angle  was  19  degrees,  the  half  angle  during  capture  must  be 
19  degrees  in  spite  of  its  nominal  value  of  25  degrees. 


Several  series  of  computer  simulations  were  made  to  determine  the  ability  of  ATS-A  to 
capture  upright  under  a variety  of  initial  conditions  and  spacecraft  parameters.  The  first 
series  of  simulations  varied  the  initial  rates  and  positions.  Approximately  eight  simu- 
lations were  made,  two  of  which  were  considered  to  be  worst  case.  The  worst  case  con- 
ditions are  defined  to  be: 


1.  Maximum  negative  initial  pitch  angle  and  pitch  rate,  and  maximum  values 
of  roll  and  yaw  attitudes  and  rates.  The  roll  and  yaw  polarities  have  been 
assigned  to  maximize  body  rates  about  the  and  axis  on  one  simulation 
and  the  and  Yi  axis  on  the  other.  The  nominal  vehicle  state  is  with  zero 
angular  errors,  zero  roll  and  yaw  rates,  and  positive  pitch  rate  equal  to 
orbital  rate.  These  conditions  represent  the  maximum  departure  from 
nominal  conditions. 

2.  Minimum  rod  extension  rate.  This  provides  the  minimum  rate  of  moment  of 
inertia  growth. 

3.  One  rod  in  both  rod  pairs  two  feet  short.  This  provides  the  minimum  values 
of  final  moments  of  inertia. 


The  simulations  are  shown  in  Figures  3. 3-10  and  3, 3-11,  The  remainder  of  the  simu- 
lations varied  the  rod  extension  rates  within  the  limits  imposed  by  the  component,  and 
varied  the  initial  conditions  with  the  Agena  tolerances. 


Right-side  up  capture  was  achieved  in  all  the  simulations.  As  expected,  the  maximum 
pitch  and  roll  angles  occurred  in  the  worst-case  runs.  Also,  the  spacecraft  was  spinning 

in  yaw  because  of  the  initial  yaw  rate  (see  Figures  3. 3-10  and  3. 3-11).  To  determine 

/ 

the  spacecraft  performance  after  the  damper  is  uncaged,  the  final  values  of  angles  and 
rates  from  the  first  worst  case  condition  were  simulated.  The  plot  of  this  run  is  shown 
in  Figure  3.  3-12.  The  19-degree  X-rod  half  angle,  was  used  in  this  simulation  to  duplicate 
the  planned  orbit  conditions.  It  had  the  effect  of  reducing  the  subsystem  damping,  and 
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Figure  3. 3.-10.  Computer  Simulation 
ATS-A  Capture  Worst  Case  I) 
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Figure  3.3-H.  Computer  Simulation,  ATS-A  Capture  (Worst  Case 
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Figure  3.3-12.  ATS- A Performance  Following  Initial  Capture  (Worst  Case  Conditions) 


steady  state  conditions  were  not  reached  even  after  150  hours  of  orbit  time.  This  is  not 
apparent  on  the  plot  because  of  the  large  scale  used  to  accommodate  the  initial  transient. 

It  was  recommended  therefore,  that  the  X-rod  half  angle  be  changed  from  19  degrees  to 
the  nominal  value  of  25  degrees  immediately  after  completing  rod  extension. 

Three  additional  series  of  computer  simulations  were  made.  The  first  series  was  made 
to  determine  the  minimum  allowable  rod  extension  rate,  the  second  series  was  made  to 
determine  the  allowable  increase  in  moment  of  inertia  of  the  central  body,  and  the 
third  series  was  made  to  determine  the  maximum  allowable  initial  orientation.  The  first 
series  consisted  of  sixteen  simulations  employing  the  worst  case  initial  conditions  (identi- 
cal to  those  of  Figure  3. 3-10), but  with  rod  extension  rates  of  0.  5,  0. 75,  0.  8,  0. 85,  0. 9, 

1.  0 and  1. 2 ft/sec. 

The  spacecraft  tumbled  when  the  rod  extension  rate  was  reduced  to  0. 75  ft/sec  and  the 
minimum  value  for  rightside  up  capture  was  place  at  0.  80  ft/sec. 

The  second  series  consisted  of  sixteen  simulations  employing  the  worst  case  initial 
conditions,  but  gradually  increasing  the  initial  spacecraft  moment  of  inertia.  The  space- 
craft moment  of  inertia  had  been  gradually  increasing  as  time  progressed,  and  by  the 
time. this  series  was  performed,  the  moments  of  inertia  were 

2 

1.1=  51.  99  slug-ft 

XX 

2.  1 = 56.  86  slug-ft 

yy 

2 

3.1=  65.  51  slug-ft 
zz 

Using  these  values  as  nominal,  the  simulations  were  performed  and  the  results  are 
shown  in  Table  3. 3-1. 

There  is  a significant  amount  of  scatter  in  the  data  presented  in  Table  3. 3-1.  This  is 
typical  of  capture  runs  made  near  the  capture  boundary.  The  results  are  extremely 
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Table  3. 3-1.  Spacecraft  Moment  of  Inertia  Simulations 


Central  Body  Moment  of  Inertia 
Nominal  Central  Body  Moment  of  Inertia 

Upright 

-Capture 

Capture 

Time-hours 

1.00 

yes 

1.05 

•yes 

1.08 

yes 

1.10 

yes 

1.12 

•13.7 

1.13 

13.7 

1.14 

yes 

1.15 

' 

22.7 

1.20 

•13.4 

1.25 

yes 

1 

1.30 

yes 

1 - 

1.35 

yes 

1.50 

27.4 

1.60  ■ 

yes 

1.80 

- .28.3 

2.00 

51.4 

sensitive  to  initial  conditions  and  modifications  in  the  integration  procedure.  This  effect 
is  mentioned  by  D.  M.  Watson  of  NASA -Ames  in  his  paper,  ’An  Energy  Approach  to  the 
Passive  Gravity-Gradient  Satellite  Capture  Problem.  ” The  only  firm  conclusion  that  can 
be  drav/n  from  Table  3.3-1  is  that  upright  capture  cannot  be  assured  if  the  central  body 
moments  of  inertia  are  increased  12  percent  or  more.  In  view  of  the  repeated  instances 
of  upright  capture'  for  increases  of  0 to  10  percent,  it  seems  probable, but  not  certain,that 
upright  capture  is  assured  for  increases  up  to  8 percent.  The  moment  of  inertia  growth 
was  therefore  restricted  to  10  percent  for  upright  capture. 


The  last  series  was  performed  to  determine  the  maximmn  angle  between  the  spacecraft 
yaw  axis  and  the  local  vertical  at  which  upright  capture  could  be  assured.  Again,  the 
w'orst  initial  conditions  were  assumed,  except  that  two  yaw  positions  were  evaluated: 
zero  and  8.  5 degrees.  Also  for  these  simulations,  the  damper  boom  was  deployed,  and 
the  damper  uncaged  immediately  following  rod  erection.  Four  simulations  were  made 
with  an  initial  yaw  attitude  of  zero:  two  had  initial  errors  of  40  degrees  (pitch  and  roll) 
and  two  had  initial  errors  of  50  degrees.  Of  the  two  runs  with  50  degrees  initial  attitude 


3-117 


errors,  only  the  50  degree  roll  error  inverted  (Figure  3. 3-13).  The  50  degree  pitch 
error  captured  upright  and  damped  (Figure  3.3-14).  Neither  of  the  simulations  with 
40  degree  initial  attitude  errors  tumbled.  Verification  simulations  were  made  with  the 
initial  yaw  error  of  8.  5 degrees,  and  initial  roll  errors  of  plus  and  minus  40  degrees. 
All  four  simulations  successfully  captured  upright. 

An  additional  simulation  which  scissored  the  rods  from  19  degrees  to  25  degrees  was 
made  to  determine  the  effect  of  scissoring. 

Capture  was  upright.  An  upper  limit  of  40  degrees  between  the  local  vertical  and  the 
yaw  axis  was  therefore  specified  for  upright  capture. 

3.3.2  ATS-D  INITIAL  CAPTURE 

ATS-D  is  unlike  ATS-A  in  that  it  does  not  separate  from  a stabilized  booster,  but  is 
placed  into  a synchronous  orbit  in  a spin  stabilized  mode.  The  entire  orbit  transfer 
from  medium  to  synchronous  attitude,  as  well  as  orbit  circularization  at  synchronous 
altitude,  is  achieved  while  ATS-D  is  spinning.  The  high  spin  rate  required  for  orbit 
transfer  is  reduced  through  the  use  of  a two-stage  yo-yo,  when  the  orbit  has  been  cir- 
cularized and  the  spacecraft  is  on  station.  The  angular  rate  remaining  on  the  space- 
craft after  the  yo-yo  has  been  deployed  is  ci  great  importance  to  the  capture  of  ATS-D. 
Because  of  the  nature  of  the  spin  mode,  the  orientation  of  the  spacecraft  when  the  rods 
are  being  deployed  cannot  be  controlled,  and  it  would  only  be  by  chance  that  it  would  be 
upright  when  the  rods  were  deployed.  At  orientations  other  than  zero  (or  180  degrees), 
the  potential  energy  associated  with  the  "gravity  gradient  field"  is  not  zero,  and  the 
potential  energy  must  be  added  to  the  spacecraft  kinetic  energy  to  obtain  the  actual  total 
energy.  With  low  orbital  rate,  the  total  energy  can  easily  be  enough  to  tumble  the  space- 
craft, and  may  be  enough  to  cause  prolonged  tumble. 
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Figure  3.3-13.  Capture  of  ATS-A  With  19  Degree  Scissor  Angle 
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Figure  3.3-14.  Capture  of  ATS-A  With  19  Degree  Scissor  Angle 


3.  3. 2.1  Single-Stage  Rod  Deployment 

The  initial  concept  of  rod  deployment  for  ATS-D  capture  was  to  deploy  the  rods  to  full 
length  immediately  after  despin.  For  this  analysis,  it  was  assumed  that  all  the  residual 
angular  rate  would  be  on  the  z axis.  From  the  standpoint  of  capture,  the  worst  initial 
orientation  is  with  the  spacecraft  yaw  axis  perpendicular  to  the  local  vertical.  This  maxi- 
mizes the  potential  energy  content  of  the  spacecraft,  and  to  minimize  the  total  energy  of 
the  spacecraft  (which  determines  damping  time),  the  initial  rates  must  be  very  low. 

A series  of  computer  simulations  was  made  to  determine  quantitatively  the  effect  on  cap- 
ture of  the  initial  spin  rate  on  the  z axis  ((j  ).  Two  initial  spacecraft  positions  were 

z 

evaluated,  one  with  the  z axis  parallel  to  orbital  angular  rate,  and  one  with  the  z axis  in 
the  orbit  plane.  In  both  cases,  the  z axis  was  perpendicular  to  the  local  vertical.  This 
approximates  but  is  not  quite  a worst  case  (maximum)  potential  energy  condition.  The 
worst  case  condition  occurs  when  the  spacecraft  is  pitched  90  degrees  at  the  conclusion 
of  rod  extension.  For  this  study,  however,  the  difference  was  felt  to  be  minor. 

The  results  of  all  the  simulations  were  combined  into  "capture  maps"  which  are  shown 
in  Figures  3.  3-15  and  3.  3-16,  representing  the  two  positions  of  the  z axis.  The  two  plots 
indicate  the  same  general  character,  but  Figure  3.3-15  shows  the  bias  rate  associated 
with  orbital  rate.  At  low  initial  rates,  the  ATS-D  capture  is  symmetrical  about  orbit 
rate  in  the  same  manner  as  ATS-A  (Section  3.3. 1).  The  shaded  area  is  there  to  indicate 
the  sensitivity  of  capture  time  to  initial  conditions  because  there  was  a fair  amount  of 
scatter  in  the  results  of  the  simulation.  A more  accurate  representation  would  be  to 
replace  the  line  with  a wide  brush  mark. 

From  those  plots,  the  conclusion  was  drawn  that  the  ATS-D  spacecraft  can  capture  in 
less  than  400  hours  if  the  initial  spin  rate  is  less  than  2.4  deg/sec  and  greater  than  -0.  8 
deg/sec  when  its  z axis  is  along  orbital  angular  rate.  The  nominal  tolerance  on  the  yo-yo 
despin,  however,  was  +1.2  degree/second  which  was  too  large  on  the  negative  side.  The 
recommendation  was,  therefore,  that  a bias  rate  of  0.  8 deg/sec  be  added  to  the  yo-yo 
despin.  The  nominal  tolerance  of  ^1.  2 deg/sec  is  then  satisfactory  if  the  z axis  is  parallel 
to  the  direction  of  flight. 
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Figure  3.3-15.  Capture  Time  Versus  Pitch  Rate  Before  Rod 
Deployment  For  ATS-D 
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Figure  3.3-16.  Capture  Time  Versus  Pitch  Rate  Before  Rod 
Deployment  For  ATS-D 
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As  with  ATS-A,  the  moments  of  inertia  of  ATS-D  tended  to  increase  as  the  ATS  program 

progressed.  Hence,  a later  series  of  runs  was  made  to  determine  the  effect  of  increased 

central  body  moments  of  inertia  on  capture  time.  The  results  of  these  runs  are  plotted 

in  Figure  3.3-17  for  (j  parallel  to  the  orbital  rate  vector  at  the  limits  of  (j,  . is  the 

z z z o 

initial  value  of  ^ before  rod  extension.  It  is  interesting  to  note  that  the  effect  of  increased 
z 

moments  of  inertia  is  much  more  severe  for  = +2. 0 deg/ sec  than  = -0.4  deg/sec. 

"zo  zo 

This  is  probably  caused  by  gyroscopic  effects,  whose  magnitude  are  functions  of  rates 
measured  with  respect  to  inertial  space,  and  not  with  respect  to  an  orbiting,  rotating 
coordinate  system. 

A characteristic  common  to  Figures  3.3-15,  3.3-16  and  3.3-17,  which  must  be  mentioned 
at  this  time,  is  the  extreme  sensitivity  of  damping  time  to  initial  rates,  particularly  posi- 
tive initial  rates.  In  Figure  3.  3-15  for  example,  if  the  initial  rate  is  2.  6 deg/sec  instead 
of  2.4  deg/ sec,  the  capture  time  is  in  excess  of  800  hours,  rather  than  400  hours.  Con- 
sequently, an  accurate  knowledge  of  the  spacecraft  rate  and  position  is  necessary  for 
confidence  in  the  results. 


Figure  3.3-17.  Effect  of  Central  Body  Moments  of 
Inertia  on  ATS-D  Capture  Time 
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As  a result  of  the  foregoing  analysis  and  its  indication  of  extreme  sensitivity,  better 
definition  of  the  yo-yo  capabilities  and  the  spacecraft  moments  of  inertia  were  obtained 
and  another  capture  study  was  undertaken.  One  of  the  purposes  of  this  new  study  was  to 
determine  how  significant  the  effect  of  initial  position  was,  and  what  advantage  could  be 
obtained  if  the  rods  were  deployed  near  the  local  vertical.  The  new  initial  conditions 
and  parameters  for  the  ATS-D  spacecraft  were; 

1.  Roll  and  yaw  attitude  at  time  of  boom  deployment  are  to  be  "worst  case" 
for  an  angular  momentum  vector  5 degrees  away  from  normal  to  the  orbit 
plane,  and  5 degrees  away  from  the  spacecraft's  axis. 

2.  Boom  deployment  rate  = 1 ft/sec. 

3.  Magnitude  of  the  angular  momentum  is  to  be  based  on  "worst  case"  combination 
of  the  following: 


a. 

I 

XX 

58.62  slug-ft 

b. 

I 

yy 

55.  60  slug-ft^ 

c. 

I = 

65. 93  slug-ft^ 

zz 

d. 

-0.40 

^ Wj  = 2.  0 degrees/second 

Based  upon  previous  studies  that  indicated  high  positive  rate  is  most  severe,  the 
initial  rates  were  selected  to  be  1.  993  deg/sec  about  the  pitch  (z^)  axis,  and  0. 197  deg/ 
sec  about  the  yaw  axis  (x^).  The  roll  and  yaw  attitude  errors  were  selected  to  be  zero. 
The  orbit  was  assumed  to  be  circular  to  an  altitude  of  42, 165, 728  meters  and  at  an  in- 
clination of  zero.  The  sun  is  initially  in  the  orbit  plane  with  the  earth  located  at  the 
autumnal  equinox.  The  spacecraft  magnetic  dipole  is  1000  pole-cm  along  the  positive 
roll  axis. 


The  deployment  sequence  consisted  of: 


1.  X-rod  extension  starting  at  t = 0 . 
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2.  Damper  boom  extension  starting  at  t = 143.  3 seconds. 

3.  Scissoring  of  the  X rods  from  19  degrees  to  25  degrees  starting  at 
t = 174«6  seconds. 

4.  Unclamping  the  damper  boom  at  t = 242.6  seconds. 

The  first  computer  run  attempted  was  made  with  an  initial  pitch  error  of  30  degrees. 

This  run  indicated  good  capture  time  (see  Figure  3.  3-18)  and  it  was  decided  to  ignore  the 
runs  at  smaller  values  of  pitch  error  and  concentrate  on  the  effect  of  larger  angles.  Two 
additional  runs  were  made,  one  at  an  initial  pitch  error  of  50  degrees  (see  Figure  3.3-19), 
and  one  at  70  degrees  (see  Figure  3.  3-20).  It  was  evident  from  Figure  3.  3-20  that  an 
initial  pitch  error  of  70  degrees  is  intolerable,  resulting  in  long  tumbling  times.  Because 
50  degrees  was  satisfactory,  it  was  decided  to  narrow  down  the  "crossover  line, " and  an 
additional  computer  run  was  made  with  an  initial  pitch  error  of  60  degrees  (see  Figure  3.3-21). 

As  shown,  this  initial  condition  results  in  tumbling  for  at  least  400  hours.  An  initial 
pitch  error  of  50  degrees,  therefore,  appears  to  be  the  limit  beyond  which  rod  extension 
should  not  be  initiated. 


Several  facets  of  Figures  3.  3-20  and  3.  3-21  should  be  noted.  The  most  serious  is  the 
limited  damper  boom  motion  (please  note  difference  in  scale)  when  compared  to  Figures 
3.  3-18  and  3.  3-19.  This  result  is  completely  consistent  with  the  previous  result  which  is 
predicted  both  quantitatively  and  qualitatively  (approximately)  this  phenomenon.  The 
restricted  motion  greatly  reduces  the  effectiveness  of  the  damper.  In  spite  of  the  reduced 
damper  boom  motion,  however,  damping  is  still  taking  place,  as  can  be  observed  by  com- 
paring the  slopes  of  the  0^  at  the  start  of  the  run  with  those  at  the  end  of  the  run.  The 
exact  time  of  de-tumble  cannot  be  determined  with  any  degree  of  accuracy,  however. 

3. 3. 2. 2 Double  Stage  Rod  Deployment 

As  the  ATS  project  progressed,  and  the  spacecraft  became  better  defined,  the  moments 
of  inertia  increased  substantially  (see  Table  3.  3-2)  above  those  used  in  the  previous  cap- 
ture studies.  The  increase  was  large  enough  (19  percent)  to  warrant  a new  capture  study 
to  determine  if  the  spacecraft  would  successfully  capture  in  less  than  400  hours  as  had 
been  originally  specified. 
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Figure  3.3-18.  ATS-D  Capture  Study  Damping  Performance  From  Initial  Pitch  Error  = 30  Degrees 
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Figure  3.3-19.  ATS-D  Capture  Study  Damping  Performance  From  Initial  Pitch  Error  = 50  Degrees 
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Figure  3.3-20.  ATS-D  Capture  Study  Damping  Performance  From  Initial  Pitch  Error  = 70  Degrees 


j 
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Figure  3.3-21.  ATS-D  Capture  Study  Damping  Performance  From  Initial  Pitch  Error  = 60  Degrees 


Table  3. 3-2.  Moments  of  Inertia 
(Slug-Ft2) 


Before  Deployment 

After  Deployment 

Previous 

Current 

70  Ft  Rod* 

123  Ft  Rod** 

About 

58.62 

67.70 

1229 

3183 

About  y^^ 

55.  60 

63.52 

5040 

13,600 

About 

65.  93 

78.25 

5504 

16,688 

About  X,  y, 
1 •'1 

1.73 

2.38 

2.38 

2.38 

About  Xj^  z^* 

0 

0 

0 

0 

About  y,  z,  ♦ 
•'I  1 

0 

0 

+209 

-259 

Damper 

- 

- 

540 

540 

♦Including  Damper 
♦♦Excluding  Damper 


The  earlier  studies  (see  Section  3. 3. 2.1)  indicated  that  the  pitch  attitude  could  not  exceed 
50  degrees  at  the  initiation  of  rod  deployment  or  the  spacecraft  would  tumble  for  more 
than  400  hours.  As  an  estimate  of  the  new  pitch  attitude  limitations,  30  degrees  was 
selected  and  a computer  simulation  made  (see  Figure  3.3-22)  using  the  same  sequence 
as  the  previous  studies  (Table  3.3-3).  The  results  show  the  spacecraft  tumbled  for  150 
hours  before  capturing.  At  the  end  of  400  hours,  the  spacecraft  attitude  errors  are  7 
degrees  in  pitch,  7 degrees  in  roll,  and  40  degrees  in  yaw.  The  length  of  the  tumble 
indicates  that  capture  within  400  hours  was  extremely  marginal,  and  30  degrees  was 
undoubtedly  the  maximum  tolerable  pitch  error  at  rod  deployment.  Asa  consequence, 
no  additional  runs  were  made. 

Successful  capture  of  the  ATS-D  spacecraft  using  the  deployment  sequence  shown  in 
Table  3.  3-3  requires  that  the  telemetry  data  be  obtained  and  processed  and  spacecraft 
attitude  be  determined  in  a short  period  of  time.  With  initial  tumble  rates  as  high  as  two 
degrees  per  second,  the  spacecraft  could  pass  through  the  deployment  range  in  thirty 
seconds,  suggesting  that  the  attitude  calculations  be  updated  every  ten  seconds.  Because 
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Figure  3.3-22. 


Single  Deployment  Sequence  With  Increased  Moments  of  Inertia 


of  the  multiple  uncertainties  in  attitude  computations  at  that  rate,  it  was  felt  that  there 
was  little  chance  of  "catching"  the  spacecraft  when  it  was  within  the  60-degree  band. 


Table  3.  3-3.  Simulation  Deployment  Sequence 


Single  Stage  Deployment  Sequence 

Time  (Seconds) 

Operation 

t + 0 

Deploy  Main  Body  Rods  to  123  feet 

t + 143.3 

Deploy  Damper  Rods 

t + 174.6 

Scissor  to  25  degrees 

t + 242.6 

Uncage  Damper 

Two  Stage  Deployment  Sequence 

Time  (Seconds) 

Operation 

t + 0 

Deploy  Main  Body  Rods  to  70  feet 

t + 143.3 

Deploy  Damper  Rods 

t + 242.6 

Uncage  Damper 

t^+  0 

Deploy  Main  Body  Rods  to  123  feet 

t^  + 75 

Scissor  to  25  degrees 

The  approach  taken  to  solve  the  capture  problem  was  a two  stage  development  sequence, 
consisting  of  a rod  deployment  to  less  than  full  length,  a hold  period,  and  a second  deploy- 
ment of  the  rods  to  full  length.  The  purpose  of  the  first  stage  deployment  is  to  slow  the 
tumble  to  a point  where  reasonable  position  estimates  can  be  made  for  one-half  hour  in  ad- 
vance. The  attitude  of  the  spacecraft  will  be  monitored  during  the  hold  period,  and  estimates 
made  as  to  when  the  spacecraft  will  be  oriented  closest  to  the  local  vertical.  Because  of  the 
half-hour  data  processing  time,  the  point  of  minimum  local  vertical  error  must  be  predicted 
at  least  one-half  hour  ahead.  Under  these  conditions,  the  second  stage  rod  deployment  would 
have  to  be  initiated  immediately  upon  processing  the  most  recent  data  point.  A faster  atti- 
tude data  update,  or  a slower  tumble  rate  of  the  spacecraft  would  allow  an  additional  margin 
of  time. 
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The  second  stage  deployment  would  further  reduce  the  tumble  rate,  and  if  executed  when 
the  spacecraft  reaches  a small  angle  to  the  local  vertical,  should  prevent  the  spacecraft 
from  tumbling  more  than  400  hours. 

After  evaluating  the  time  limitations  on  attitude  determination  and  the  requirements  for 

capture,  a rod  length  of  70  feet  was  selected  for  the  first  stage  deployment.  The  moments 

2 

of  inertia  of  this  configuration  are  shown  in  Table  3.3-2.  With  a 5504  slug-ft  pitch  moment 
of  inertia,  a two-degree  per  second  initial  rate  will  be  reduced  by  a factor  of  83.  5 (to  0.  024 
deg/sec),  approximately  6 times  orbital  at  the  end  of  the  rod  extension.  Hence,  in  one-half 
hour,  the  spacecraft  should  not  move  more  than  43  degrees,  and  should  be  reasonably 
predictable. 

After  considering  the  problems  of  deploying  the  spacecraft,  it  was  decided  to  deploy  the 
damper  booms  and  uncage  the  damper  after  the  first  stage  primary  boom  deployment.  It 
was  expected  (and  subsequently  confirmed)  that  there  would  be  little  or  no  effective  damping 
following  the  first  stage  rod  deployment,  in  spite  of  the  damper  deployment.  Scissoring 
was  not  to  be  performed  until  after  the  second  stage  deplo5ment. 

A computer  simulation  was  made  of  the  performance  of  the  spacecraft  with  the  same  initial 
conditions  as  in  Figure  3.3-22  (Table  3.3-4),  but  with  an  initial  deployment  to  a rod  length 
of  70  feet.  The  results  were  as  anticipated  (see  Figure  3.  3-23),  and  the  spacecraft  tumbled 
in  pitch  for  the  length  of  the  simulation  at  approximately  0.  024  degree  per  second  (6  times 
orbital).  The  damper  boom  oscillated  for  a short  period  of  time  after  deployment  until  it 
"jammed"  against  its  limit,  where  it  remained  for  the  remainder  of  the  simulation.  There 
was  very  little  damping  after  approximately  36  hours  (when  the  damper  boom  stopped),  and 
the  spacecraft  would  probably  have  tumbled  for  considerably  longer  than  400  hours. 

At  this  point,  it  was  decided  that  if  the  two-stage  capture  sequence  were  to  be  effective, 
decisions  regarding  the  time  of  second  stage  deployment  would  have  to  be  made  on  the  basis 
of  past  performance  only.  To  simulate  flight  conditions,  a procedure  was  set  up  whereby 


3-134 


3-135 


200 


PITCH  ATTITUDE  (DEGREES) 


ROLL  ATTITUDE  (DEGREES) 


YAW  ATTITUDE  (DEGREES) 


DAMPER  ANGLE  (DEGREES) 


200 


TIME  (HOURS) 

Figure  3.3-23.  Initial  Deployment  To  Rod  Length  Of  70  Feet 


Table  3.  3-4.  Spacecraft  Attitude  and  Rates  Prior  to  Rod  Deployment 


Fhrevious 

Studies 

Current 

Study 

Figures  3.  3-22 
and  3.  3-23 

Procedure  Checkout 

Figure 

3.3-24 

Figure 

3.3-26 

Figure 

3.3-28 

Pitch  Attitude  (Deg) 

50 

30 

70 

90 

78 

Roll  Attitude  (Deg) 

0 

0 

0 

0 

36 

Yaw  Attitude  (Deg) 

0 

0 

0 

0 

34 

Pitch  Rate  (Deg/Sec)* 

1.993 

1.993 

1.993 

-0.4 

1.44 

Roll  Rate  (Deg/Sec)* 

0 

0 

0.197 

0.197 

0.374 

Yaw  Rate  (Deg/Sec)* 

0. 197 

0.197 

0.197 

0.197 

0.243 

♦Inertial  Rate 


attitude  (consisting  of  pitch,  roll,  yaw,  pointing  angle  and  damper  angle)  was  available  in 
approximately  one-hour  Increments,  with  each  increment  being  one-half  hour  old  (i.  e. , the 
data  point  defining  the  spacecraft  orientation  at  1600  was  not  "available"  imtil  1630).  A 
small  test  group  was  formed  consisting  of  Frank  Kraus  of  the  ATS  Flight  Analysis  Group, 
Robert  Clayton  of  the  ATS  Program  Office,  and  Howard  Foulke  of  Gviidance  and  Control 
Subsystem  Design.  The  points  from  the  computer  simulation  were  read  off  by  H.  Foulke  at 
half-hour  increments,  and  R.  Clayton  plotted  local  vertical  pointing  ai^le  and  F.  Kraus 
plotted  pitch  and  roll  attitude  (yaw  attitude  is  essentially  irrelevant)  as  a function  of  time. 
Three  simulations  were  processed  in  this  manner. 

The  first  simulation  evaluated  is  shown  in  Figure  3.3-24,  and  the  initial  conditions  (prior 
to  rod  extension)  are  shown  in  Table  3.  3-4.  The  simulation  was  limited  to  fifty  hours 
when  the  additional  ground  rule  was  made  that  any  action  on  the  second  stage  deployment 
would  be  made  before  fifty  hours.  Figure  3.  3-24,  of  course,  was  not  available  at  the  time 
of  the  processing.  The  plots  of  local  vertical,  pitch  and  roll  attitude  all  indicated  that 
deployment  could  be  3.  00  hours  after  the  start  of  the  simulation,  and  the  decision  was  made 
to  deploy  the  rods.  The  actual  time  of  deployment  was  3. 14  hours  when  a convenient 
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Figure  3.3-24.  First  Stage  Deployment  For  Pitch  Rate  = 2 Degree/Second 


printout  was  available  from  which  to  pick  initial  conditions.  The  deployment  time  estimate 
was  made  after  approximately  two  hours  (orbit  simulation  time).  As  shown  in  Figure  3.  3-24, 
3.  00  hours  is  nearly  a minimum. 

Figure  3.  3-25  is  in  the  follow-on  simulation,  which  shows  the  performance  of  the  space- 
craft when  the  second  stage  rod  deployment  was  initiated  at  the  selected  time.  Capture 
was  immediate  and  upright,  and  at  the  end  of  400  hours,  steady  state  had  been  achieved. 
Figure  3.  3-24  does  not,  however,  provide  a good  check  on  the  data  evaluation  procedure 
because  of  the  small  roll  error  and  the  consequent  regularity  of  the  pitch  motion.  Pitch 
is  tumbling  at  a constant  rate,  and  it  is  relatively  easy  to  predict  when  pitch  will  have  a 
minimum  value. 

To  provide  a more  general  case,  the  second  simulation  used  the  negative  extreme  rate 
(-0.4  deg/sec)  and  is  shown  in  Figure  3.3-26.  At  this  lower  pitch  rate  (Table  3.  3-4)  the 
spacecraft  has  little  spin  stability,  and  the  gravity  gradient  torques  alter  the  regular 
character.  Again  the  attitude  was  plotted,  and  this  time  the  estimate  of  the  deployment 
time  was  11. 9 hours.  The  estimate  was  made  well  in  advance  of  11.4  hours  since  again 
the  performance  was  still  quite  regular.  The  results  of  the  follow-on  simulations  are 
shown  in  Figure  3.3-27.  Capture  was  almost  immediate,  although  the  spacecraft  did 
invert.  Steady  state  was  not  quite  reached  in  400  hours  since  yaw  did  not  settle  until 
250  hours. 

The  last  simulation  had  arbitrary  but  feasible  initial  conditions  and  was  selected  to  destroy 
as  much  as  possible,  the  "clean"  performance  of  the  first  two  simulations,  particularly 
in  pitch.  The  initial  conditions  are  shown  on  Table  3.3-4,  and  the  simulation  results  are 
shown  in  Figure  3.  3-28.  The  estimate  of  deployment  time  was  slightly  longer  for  this  run 
and  was  finally  selected  to  be  18.02  hours.  The  estimate  was  reasonable,  although  as  shown 
in  Figure  3.3-28,  the  best  time  would  have  been  at  30.5  hours,  where  the  pointing  error 
was  approximately  five  degrees  (note  that  the  motion  is  periodic).  The  follow-on  run 
(Figure  3.3-29)  indicates  immediate  and  rightside  up  capture.  Steady  state  was  achieved 
by  400  hours. 
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Figure  3.3-25.  Second  Stage  Deployment  From  Rod  Length  Of  70  Feet  To  Rod  Length  Of  123  Feet 


3-140 


3-141 


Figure  3.3-27.  Second  Stage  Deployment  From  Rod  Length  Of  70  Feet  To  Rod  Length  of  123  Feet 
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Figure  3.3-28.  First  Stage  Rod  Deployment  For  Pitch  Rate  = 1 
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Figure  3.3-29.  Second  Stage  Deployment  From  Rod  Length  Of  70  Feet  To  Rod  Length  Of  123  Feet 
Pitch  Rate  Before  First  Stage  Rod  Extension  = 1.44  Degrees/Second 


Asa  result  of  these  exercises,  several  things  became  evident.  Plotting  pitch,  roll,  and 
local  vertical  are  all  helpful,  and  all  three  should  be  plotted  during  the  actual  flight  opera- 
tion. Second,  the  tumble  rate  appears  to  be  slow  enough  to  predict  reasonably  well  the 
performance  of  the  spacecraft  for  short  periods  in  advance,  and  periodic  enou^  to  make 
long  term  estimates  about  the  approximate  time  when  the  pointing  error  will  be  minimum. 
Hence,  intelligent  estimates  as  to  the  best  time  to  deploy  can  be  made.  Third,  the  chances 
of  obtaining  a rightside  up  capture  are  finite,  although  probability  estimates  cannot  be  made 
on  the  basis  of  three  simulations.  Fourth,  with  the  two-stage  deployment  procedure  the 
total  time  to  steady  state  is  likely  to  be  nearly  400  hours,  if  the  initial  conditions  are  within 
the  band  specified  (0.8  ±1.2  deg/sec).  Higher  rates  have  not  been  simulated.  Because 
of  the  structural  limits  on  the  rods,  however,  six  degrees  per  second  is  the  maximum  rate 
at  which  this  sequence  would  be  employed. 

3.  3. 2. 3 Magnetic  Damping 

By  late  1967,  the  moments  of  inertia  of  the  spacecraft  prior  to  rod  deployment  had  increased 
to  the  point  that  capture  using  either  the  single-  or  two-stage  rod  deployment  approach  could 
not  be  assured.  Consequently,  an  alternate  approach  to  damping  the  spacecraft  was  required. 
The  approach  taken  was  a magnetic  "Sample  and  Hold"  technique  similar  to  the  one  used 
successfully  by  the  Applied  Physics  Laboratory  of  Johns  Hopkins  University  on  the  DODGE 
spacecraft.  The  logic,  in  its  simplest  form,  is  to  measure  the  earth's  magnetic  field  and 
set  the  magnetic  dipole  of  a set  of  electrical  coils  to  be  coincident  with  the  field.  As  the 
spacecraft  rotates,  the  magnetic  torque  attempts  to  restore  the  spacecraft  to  its  original 
position  and  retards  the  motion.  Continuous  updating  of  the  magnetic  dipoles  is  required. 

This  is  performed  by  using  magnetometers  to  measure  the  field,  together  with  appropriate 
control  logic  or  ground  updatii^.  Time  did  not  permit  a fully  automatic  version  of  the  mag- 
netic damping  on  ATS-D,  and  a ground  operated  technique  was  implemented.  To  determine 
the  effectiveness  of  this  approach,  an  analysis  was  performed.  The  analysis  was  divided 
into  tw'O  sections,  a de tumble  section  which  determined  the  procedure  to  be  used  when  the 
spacecraft  is  tumbling,  and  an  osciUation  section  which  determined  the  procedure  to  be  used 
when  the  spacecraft  is  oscillating.  The  latter  approach  is  a backup  to  the  damper  boom. 
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3.  3. 2.  3. 1 Tumbling  Spacecraft 

In  order  to  establish  approximate  detumble  times  for  the  ATS  spacecraft  when  using  a 
controlled  magnetic  dipole  as  a damping  mechanism,  a planar  analysis  was  performed 
for  various  duty  cycles  and  spacecraft  tumble  rates.  The  magnetic  dipole  generated 
by  the  controllable  magnetics  within  the  spacecraft  will  induce  a body  torque  proportional 
to  the  sine  of  the  angle  between  the  magnet  orientation  and  that  of  the  earth’s  magnetic 
field  direction.  The  equation  is 

T = MH  Sine  (3,3-3) 

e 


where 


T = Torque 

M = Spacecraft  magnetic  dipole  strength 

H = Earth’s  magnetic  field  strength  at  the  spacecraft’s  location 

In  the  case  of  a tumbling  spacecraft,  the  torque  opposes  the  motion  for  one  half  revolution 
and  aids  the  motion  for  the  second  half  cycle.  Therefore,  the  sample  and  hold  technique 
must  be  applied  during  each  one  half  revolution  of  the  spacecraft,  or  if  the  dipole  is  to 
remain  on  continuously,  its  sign  must  be  reversed  at  each  half  cycle. 


The  angular  momentum  removed  from  the  system  is  the  time  integral  of  the  torque: 


AH 


Tdt 


Sin  (ojt)  dt 


(3.3-4) 


where  t^  is  the  turn-on  time  for  the  dipole,  t„  is  the  turn-off  time  of  the  dipole,  and  (jj  is 
X ^ 

the  tumble  rate  of  the  spacecraft,  as  shown  on  the  accompanying  sketch. 
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However,  the  off  time  between  t^  and  tt/co  may  be  utilized  as  the  required  off -time  for  the 
second  cycle  (i.  e.  from  jt/cj  to  t^),  and  thus  the  actual  torque  profile  would  be: 


7T 

•The  period  for  one  cycle  is  2 tt/w  and  choosing  t = ( — - t^) 

CO  1 

^ tt/co  - 1^  2MH^ 

AH  = MH  ( ) cos  cot  1 = — cos  co^  (3.3-5) 

® CO  CO  1 


This  then  is  an  expression  for  the  total  angular  momentum  removed  per  one  half  revolu- 

7T 

tion  of  the  spacecraft.  The  average  period  is  t which  is  — - t , hence  the  AH  removed 

2 CO  1 

per  unit  is: 


2MH 

e 

cos  cot, 

CO  1 


-2  MH 
e 

7T  - 


cos  0. 


e. 


M * Dipole  strength 
H = Average  magnetic  field  strength 

3 

0^  = Lag  angle  (cot^) 


(3.3-6) 


(3.  3-7) 
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Realizing  that  the  change  in  angular  momentum  requires  a change  in  spacecraft  tumble  rate: 


AH  = ixAo; 


(3.3-8) 


And  combining  the  equation: 


At 


I (Aco) 

2 MH  cos  0, 
e 1 


(3.3-9) 


This  expression  may  be  used  to  estimate  the  time  required  to  reduce  the  spacecraft  rate 
from  the  initial  value  to  the  approximate  rate  known  to  be  necessary  for  capture.  However, 
to  this  point;  the  motion  of  the  spacecraft  was  assumed  to  be  such  that  the  angle  between  the 
dipole  and  the  earth's  magnetic  field  could  vary  from  0 to  90  degrees.  If  the  motion  is 
purely  pitch  and  the  orbit  is  equatorial,  this  range  of  angle  cannot  be  realized  without  the 
addition  of  a more  elaborate,  self-contained,  sensing  and  control  system.  With  existing 
spacecraft  capabilities,  the  scheme  being  recommended  has  a maximum  angle  of  about  12 
degrees.  The  average  value  of  this  angle,  based  upon  the  magnetic  field  model  being  used 
in  the  large  angle  computer  simulations,  is  approximately  9 degrees.  Therefore,  the  average 
magnetic  torque  opposing  pitch  motion  is  reduced  by  the  sine  of  this  angle  (0. 156)  and  pre- 
dicted damping  times  are  increased  by  the  reciprocal  of  0. 156  or  6.  4 times. 


As  indicated  in  Equation  3. 3-9,  the  time  required  to  remove  a specified  angular  momentum 
is  a function  of  lag  angle.  The  relationship  is  shown  in  Figure  3.  3-30,  based  on  the  following 
parameters: 


Dipole  Strength,  M = 150,  000  poie-cms 

-3 

Average  Magnetic  Field,  H^  = 1 x 10  oersteds  x 0.156 
Total  Angular  Momentum,  (Ico)  = 3 ft-lb-sec 
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air:’;::  — - — *0,™ 

which  ■ ^ This  angle  requires  oontmuous  update,  however 

auiguel!”’'  ““  «.e  ’ 


rrv!lt  rCor'^  °*  ■iworts  *6  magneab  field  and 

consequeutl,.  the  coils 

ofli„  . a measurement  to  be  made.  Preliminary  assessment  of  Ihe  length 

r ~ «-•  »e  fleT 

magnetic  coil  coordinates  (the  magnetometer  axes  are  not  aligned  w.th,the  magnetic 

til  ra'^rdlUT""'''  ■”=''  ®P°'a  la-l.  'ad  to  the  seleo- 

angle  With  ATfTn  “"''““‘ad  assuming  that  lag 

angle.  With  ATS-D  moment  of  inertia  nf  ifi  «qq  d aia^  . , ° 

rate  decay  time  is  ' ’ > the  calculated  value  of  tumble 

At  - 

Act)  ” hours  per  0.001  /sec 

{3.  3-10) 

“roTexr"  ""  ”■  “ - <=  "a./aao 

If  the  ram  ‘“*’"'^‘”“‘“'5'  ■'ag/sac  after  rod  deployment 

“•  “■  “ “ w"'  -uir: 

pproximateiy  32  days  to  realize  capture, 

arrhlTtoTl'  ' T'°  “ ™a  ^aemed 

advisable  to  analyse  the  case  for  the  osclllathig  spacecraft  and  perform  simulations  for  both. 
3. 3. 2. 3. 2 Oscillating  Spacecraft 

The  analysis  of  an  oscmating  spacecraft  is  quite  diaerent  from  that  of  a tumbling  craft. 

hold  LlZnt  "O'  "hd  hdnoe  the  sample  and 

tion  f ““""'y  critical  as  for  the  oscillatory  case,  with  a changing  dtrec- 
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presently  available,  or  continuously  monitored  attitude  data  at  the  ground  station  to  allow 
ground  command  control  of  the  dipole.  To  avoid  either  of  these  requirements,  this  phase 
of  study  assumed  no  knowledge  of  spacecraft  attitude  information  and  concentrated  on  deter- 
mining the  existence  of  a practical  sample  and  hold  timing  sequence.  The  sequence  is  re~ 
quired  to  produce  effective  damping  regardless  of  the  phase  relationship  between  the  dipole 
updating  and  the  spacecraft  oscillations. 

■Jine  energy  invoiveu  iii  uie  magucuiy  tui^uing  is 

(3.3-11) 

It  can -be  shown  that  the  .total  energy  removed  from  the  system  while  the  .torque  exists  is: 

E = -MH  C cos  (02  “ (0j^  - 9^)  ] (3. 3-12) 


where : 


0£  = 9^  sin  (wtj^) 

0_  = 0 sin(wt„) 

2 o " 

0^  = Angle  of  the  magnetic  field  at  time  of  sampling 

0 = Peak  amplitude  of  spacecraft  oscillation 

o 

Cl)  = Average  spacecraft  rate 

t^  = Time  at  which  dipole  is  turned  on 

t = Time  at  which  dipole  is  turned  off 

2 
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The  figure  below  helps  describe  the  method  used  to  evaluate  the  total  energy  removed  from 
the  system  as  a fimction  of  the  number  of  sample  and  hold  cycles  per  spacecraft  oscillation. 


If  N is  defined  as  the  number  of  sample  and  hold  cycles  per  spacecraft  oscillation  and  cu 
is  specified  as  (S  x co^)  where  is  orbital  rate  tiien:. 


At 


27T 

N (Sco^) 


(3.  3-13) 


If  t is  the  dipole  turn-on  time  for  the  first  of  the  sample  and  hold  cycles  (allowing  the 
s 

process  to  start  at  any  time  relative  to  the  spacecraft  oscillation)  and  if  C is  the  "duty 
cycle"; 


C 


(3.  3-14) 


then 


t = t + (N-1)  At  (3.  3-15) 

i o 

t = t + (CAt)  (3.3-16) 

^ JL 


t = t„-At  (3.3-17) 

m 2 


also 


" (tg- At)  (Sco^)*  (3.3-18) 


*Twice  orbital  rate  is  the  maximum  spacecraft  frequency  expected,  therefore  S = 2 is  used 
in  this  analysis. 
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This  than  defines  all  terms  necessary  to  solve  the  energy  equation  as  a function  of  N,  the 

number  of  sample  and  hold  cycles  per  spacecraft  oscillation,  and  also  as  a function  of 

various  values  of  t . 

s 

Certain  deductions  were  evident  prior  to  performing  any  mathematical  evaluations: 

1.  The  choice  of  one  cycle  per  oscillation  is  of  no  use.  It  results  in  no  effect 
since  during  one  half  of  the  spacecraft  oscillation  the  magnetic  torque  is  in 
the  opposite  direction  to  that  desired  and  therefore  cancels  the  desired  effect 
of  one-half  cycle. 

2.  The  other  extreme,  N = «>,  results  in  no  induced  magnetic  torque,  because  the 
dipole  follows  the  field  exactly. 

3.  A third  consideration  limits  the  extent  of  choices' for  the  values  of  N;  i.  e. , a 
practical  timing  sequence  in  consideration  of  ground  station  requirements. 

It  was  decided  to  investigate  values  of  N which  result  in  ground  station  activity 
at  intervals  of  no  greater  frequency  than  once  every  2 hours.  Since  the 
highest  expected  spacecraft  oscillation  frequency  is  twice  orbital  rate  (period 
= 12  hours),  the  maximum  value  of  N is  therefore  6. 

Evaluation  of  the  energy  removal  for  values  of  N = 2,  3,4,  5,  and  6 and  start  times  ranging 

from  0 to  12  hours  (for  each  N)  was  done  by  computer.  The  results  are  shown  in  Figure 

3. 3-31  in  terms  of  the  average  energy  removed  per  spacecraft  oscillation  as  a function  of 

start  time,  t . Regardless  of  start  time  each  problem  extends  for  one  full  spacecraft 
s 

oscillation.  For  the  case  N = 2,  phasing  of  the  sample  and  hold  cycles  with  the  spacecraft 
oscillation  can  be  critical,  as  indicated  at  the  near  0 and  6 hour  points  on  the  plot.  As  N 
is  increased  above  3,  the  average  energy  removed  per  spacecraft  oscillation  decreases 
until,  as  previously  stated,  no  energy  is  removed  as  N approaches  infinity  (torque  goes  to 
zero).  Figure  3.3-32  shows  the  minimum,  maximum,  and  average  energy  as  a function  of 
N.  At  small  values  of  N the  energy  removed  is  a random  function  of  the  phasing.  However, 
the  range  between  minimum  and  maximum  energy  narrows  quickly  with  N for  values  greater 
than  3,  For  the  remaining  analyses  and  for  large  angle  computer  evaluations,  emphasis 
was  placed  on  the  N = 3 case,  which  was  the  highest  frequency  of  spacecraft  oscillations 
expected  to  be  encountered.  2 corresponds  to  a sample  and  hold  cycle  of  4 hours 
duration  (6  times  per  day). 
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N * NO.  OF  S&H  CYCLES/OSCILLATION 


Figure  3, 3-31.  Average  Energy  Eemoved  Per  Oscillation  Versus  Short  Time 
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Figure  3.  3-32.  Magnetic  Damping  Energy  Versus  Number  of  Sample  and 

Hold  Cycles  per  Day 


3. 3. 2. 3. 3 Simulations  and  Time  Schedule 

Three  cases  were  simulated,  using  4,  6,  and  12  sample  and  hold  cycles  per  day  (i.  e. , 

N = 2,  3 and  6,  respectively,  for  a twice  orbital  oscillation  rate).  Other  than  the  sample 
and  hold  frequency,  all  evaluations  were  identical.  Initial  conditions  were  2 deg/sec 
tumble  about  pitch  ( 0 deg/sec  in  roll  and  yaw)  and  the  spacecraft  pitched  forward  by  +70 
degrees  from  the  desired  orientation.  Hod  extension  was  initiated  at  the  start  of  the 
computer  run  and  the  damper  boom  undamped  at  approximately  4 minutes  after  start. 

The  sample  and  hold  process  was  not  started  until  2 orbits  had  been  completed  (48  hours). 


The  results  of  these  runs  are  shown  in  terms  of  Euler  angle  time  histories  on  Figure  3.3-33 
through  3. 3-35  for  4,  6,  and  12  cycles  per  day,  respectively.  For  each  of  these  cases  the 
dipole  "Off  Time"  was  held  constant  at  30  minutes;  therefore,  the  ratios  of  "On  Time"  to 
"Off  Time"  are  11,  7 and  3,  respectively. 
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Figure  3.3-33.  ATS-D  Sample  And  Hold  Simulation 


J 
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Figure  3.3-34 


ATS-D  Sample  And  Hold  Simulation 
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Figure  3.3-35.  ATS-D  Sample  And  Hold  Simulation 


Selecting  the  point  of  occurrence  of  the  first  reversal  in  direction  of  the  pitch  angle  (0^) 
as  the  criteria  for  capture,  the  results  are; 


Sample  and  Hold 
Cycles 
Per  Day 

Time  From  Start 
to  Capture 

Time  From  Start 
of  S & H Cycling 
to  Capture 

4 

137  hrs 

89  hrs 

6 

120  hrs 

72  hrs 

12 

146  hrs 

98  hrs 

Comparing  the  performance  after  capture  is  a bit  more  difficult,  since  actual  steady  state 
as  normally  defined  cannot  be  firmly  verified  for  any  of  the  runs. 


S & H 

Time  From  Capture 

Cycles/Day 

to  + 10  Degrees  in  Pitch 

4 

231  hrs 

6 

200  hrs 

12 

101  hrs 

From  the  standpoint  of  capture,  the  optimum  sequence  is  6 cycles  per  day.  Judging  by  the 
time  for  the  pitch  amplitude  to  reach  the  +10  degree  point,  12  cycles  per  day  appeared  best. 
However,  this  particular  simulation  (Figure  3.  3-35)  involved  a complete  yaw  aroimd  which 
did  not  occur  on  either  of  the  other  two  runs.  Durii^  such  a maneuver,  energy  is  trans- 
ferred Ijetween  axes  due  to  coupling  effects;  in  this  case,  energy  was  transferred  from  pitch 
to  yaw;  thus,  pitch  amplitudes  are  reduced.  Also  during  a yaw-about,  the  damper  boom  is 
excited  and  more  effective  damping  results.  Performance  of  this  nature  is  not  always 
predictable;  therefore,  the  beneficial  results  cannot  be  relied  upon  with  any  degree  of 
certainty. 

In  order  to  ensure  the  reliability  of  this  analysis,  an  additional  simulation  using  nine  cycles 
per  day  was  evaluated.  Capture  times  from  the  start  of  the  run  and  the  start  of  the  sample 
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and  hold  process  were  practically  the  same  as  the  12  cycle  per  day  case  (specifically, 

149  and  101  hours  respectively),  but  in  this  case  a yaw-around  did  not  occur  and  the  elapsed 
time  from  capture  to  the  + 10  degrees  pitch  amplitude  point  was  214  hours.  This  verifies 
the  fact  that  under  normal  circumstances  (no  yaw-about),  the  6 cycle  per  day  sequence 
will  result  in  earlier  capture  and  faster  damping. 

A fourth  simulation  was  made  to  verify  the  calculated  value  of  50  hours  per  0.  001  deg/ sec 
decrease  in  tumble  rate  mentioned  in  Section  3. 2. 3. 2. 1.  A computer  simulation  was  made 
with  the  initial  pitch  rate  set  at  3 deg/ sec  and  all  other  parameters  identical  to  that  of  the 
six  cycles  per  day  case  shown  on  Figure  3.  3-34.  These  results  appear  on  Figure  3.3-36. 
Capture  took  place  at  the  307  hour  point  which  is  259  hours  after  the  start  of  the  sample 
and  hold  process.  The  average  pitch  rate  during  this  tumble  run  is  shown  as  a function  of 
time  on  Figure  3.3-37.  As  may  be  observed  the  rate  of  change  in  tumble  rate  (average 
deceleration)  is  extremely  close  to  the  calculated  value  of  0.  001  deg/ sec  per  50  hours. 

Based  upon  the  results  of  analyses,  a timing  sequence  was  derived  as  a function  of  space- 
craft rate  prior  to  rod  deployment  and  time  after  rod  deployment.  This  "Time  Schedule"  is 
shown  on  Figure  3.3-38.  It  assumes  no  knowledge  of  the  spacecraft  attitude  or  motion 
otliar  than  the  tumble  rate  prior  to  rod  deployment,  which  would  be  necessary  in  any  event 
in  order  to  insure  safe  rod  extension.  Once  the  tumble  rate  prior  to  rod  deployment  is 
established,  "hold"  times  may  be  read  directly  as  a function  of  time  from  deployment.  If 
the  tumble  rate  could  be  determined  more  accurately  than  + 0.  5/sec. , the  exact  rate  line 
could  be  sketched  on  the  plot  and  used.  After  the  elapsed  hold  time,  the  dipole  would  be 
turned  on  and  left  on  for  a period  seven  times  longer  than  the  hold  time,  at  which  time  it 
would  be  turned  off  and  the  field  direction  again  sampled  and  held.  Hold  times  need  not 
follow  the  curves  exactly  as  plotted,  but  may  be  stepped  in  perhaps  50-hour  increments. 

For  example  on  the  6 deg/sec  line  the  following  schedule  may  be  implemented: 
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6S&H  CYCLES  PER  DAY  (OFF:  O.SHOUR,  ON:  3.S  HOURS) 


Figure  3.3-36 


ATS-D  Sample  And  Hold  Simulation 


AVERAGE  PITCH  RATE  (DEG/SEC  x 10  ) 


14 


13 


- I 


AVERAGE  PITCH  RATE  TAKEN  DIRECTLY  PROM 
COMPUTER  RUN  OF  FIGURE  3.3-36 


START  OF 


6.  S&H  CYCLES/DAY 


J ^ L 


50 


100 


150  200 

TIME  (HOURS) 


250  300 


Figure  3.3-37.  Tumble  Rate  Versus  Time 


350 
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Figure  3.3-38.  Sample  An.'  Hold  Timing  Sequence 
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Time  From 
Deployment 
(hours) 

Off  Time 
(minutes) 

On  Time 
(minutes) 

0-50 

14.3 

100 

50  - 100 

14.9 

104 

100  - 150 

15.5 

108 

150  - 200 

16.2 

113 

200  - 250 

16.9 

118 

Etc. 

Regardless  of  which  rate  line  is  used,  the  time  schedule  should  be  followed  until  a 30 
minute  hold  time  is  reached,  at  which  point  the  cycle  will  be  maintained  at  30  minutes 
off  followed  by  3.  5 hours  on.  This  schedule  (on  Figure  3.  3-38)  is  based  upon  the  average 
tumble  rate  during  each  24-hour  period  (orbital).  However,  during  any  one  orbit  the 
variation  relative  to  the  instantaneous  local  vertical  will  have  a range  equal  to  orbital  rate. 


In  the  event  that  tumble  rate  information  is  available,  then  the  timing  sequence  shown  on 
Figure  3.3-39  should  be  used  exclusively.  Hold  times  are  strictly  a function  of  the  actual 
tumble  rate. 

To  summarize  the  conclusions  based  upon  these  computer  simulations  - 

1.  The  choice  of  6 cycles  per  day  appears  justified. 

2.  From  tumble  rates  (pre-deployment),  of  2 deg/sec  or  less,  capture  will  be 
realized  within  three  days  of  the  start  of  the  sample  and  hold  process. 

3.  Steady  state  should  be  reached  w'ithin  8 to  9 days  after  capture. 

The  recommended  timing  sequence  for  a spacecraft  tumbling  at  2 deg/sec  or  less  prior  to 
rod  deployment  is  one  of: 
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WHEN  TUMBLE  RATE  INFO  IS  AVAILABLE 


ACTUAL  TUMBLE  RATE  (DEG/SEC) 
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Figure  3.3-39.  Sample  And  Hold  Timing  Sequence 
When  Tumble  Rate  Information  Is  Available 


1.  Sample  magnetic  field  direction 

2.  After  30  minutes  turn  on  dipole  calculated  from  1. 

3.  Leave  dipole  on  for  3.  5 hours,  then  turn  off,  sample  field  again,and  continue 
this  cycle. 

This  timing  sequence  may  be  started  any  time  after  rod  deployment  and  continued  through 
the  capture  phase  until  steady  state  conditions  are  verified. 

The  recommended  timing  sequence  for  a spacecraft  tumbling  at  6 deg/sec  or  less  before 
rod  deployment  is  dependent  upon  the  availability  of  tumble  rate  information.  If  tumble 
rate  is  available,  the  sequence  should  be  determined  from  Figure  3.3-39.  If  no  tumble 
rate  information  is  available,  an  "open  loop"  sequence  can  be  determined  from  Figure 
3.3-38. 

3.3.3  ATS-E  INITIAL  CAPTURE 

The  ATS-E  spacecraft  launch  configuration  differed  in  several  ways  from  the  ATS-D 
configuration  which  was  used  in  the  early  capture  studies.  The  primary  differences  were: 

1.  Higher  central  body  moments  of  inertia  than  ATS-D. 

2.  Use  of  Westinghouse  X-boom  rods,  lighter  and  eventually  shorter. 

3.  Primary  rod  extension/retraction  rate  approximately  1/2  of  the  value 
originally  used. 

Since  it  could  not  safely  be  assumed  that  these  differences  would  not  significantly  affect  the 
capture  characteristics  of  the  spacecraft,  additional  analysis  and  simulations  were  necessary. 

The  ATS-E  capture  study  consisted  of  establishing  capture  times  as  a function  of  various 
initial  conditions  after  all  rods  have  been  deployed,  and  verifying  the  results  by  means  of 
complete  capture  simulations.  This  included  primary  rod  deployment,  damper  boom  deploy- 
ment, scissoring,  and  damper  boom  unclamping  with  an  appropriate  timing  sequence. 
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Table  3. 3-5  lists  the  results  of  the  computer  simulations  which  start  after  all  rods  are 
deployed,  but  with  various  initial  conditions  imposed.  All  rates  are  normalized  to  orbital 
rate  and  the  times  are  shown  in  hours  from  the  start  of  the  simulation  until  the  point  of 
the  first  pitch  oscillation  after  which  the  spacecraft  does  not  again  tumble.  This  same 
information  is  plotted  in  Figure  3.3-40.  Open  symbols  represent  actual  capture  points 
from  the  dynamic  simulations;  solid  symbols  represent  simulations  which  did  not  capture 
within  400  hours  of  orbit  time. 

Table  3,3-5.  Time  to  Capture  (Hours) 


Initial 
Pitch  Rate 

(W  /(J  ) 
L O 

Pitch  Attitude: 
Roll  Rate/Wo 
Yaw  Rate/u) 

o 

Other  Initial  Conditions 

0® 

0 

0 

90° 

0 

0 

90° 

0.425 

0 

90° 

0 

1.81 

+3.00 

+2.75 

>400 

+2.50 

118 

+2.25 

0 

+2.00 

0 

>400 

+1.75 

>400 

+ 1.50 

46 

108 

51 

+1.00  (Steady  State) 

0 

0 

+0.5 

0 

0 

0 

86 

0 

-0.  50 

44 

196 

145 

184 

-0.75 

351 

340 

300 

-1.00 

134 

>400 

>400 

-1.50 

>400 

Figures.  3-40  ^mbols 

O 

□ 

A 

As  may  be  observed,  capture  times  are  more  sensitive  to  positive  pitch  rate  than  to  nega- 
tive rate,  especially  for  shorter  capture  times.  Also  worth  noting  is  the  fact  that  when 
the  final  pitch  angle  is  90  degrees,  the  addition  of  roll  or  yaw  rates  do  not  appear  to  signi- 
ficantly affect  capture  time. 


By  means  of  the  digital  computer  program,  the  entire  deployment  and  capture  phase  of 
the  mission  was  simulated. 
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Figure  3.  3-40.  ATS-E  Capture  Study  Results 
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The  order  of  events  within  the  program  were: 


Time  from  Start 
(sec) 

Event 

1 

Start  primary  booms  extending 

250 

Primary  booms  fully  extended 

270 

Start  damper  booms  extending 

295 

Damper  booms  fully  extended 

300 

Start  scissoring 

348 

Complete  scissoring 

368 

Unclamp  damper  booms 

Seven  individual  cases  were  evaluated  from  various  sets  of  initial  conditions  before  start 
of  rod  deployment. 


Complete  Simulations 


Initial  Conditions 

Case  No. 

1 

2 

3 

4 

5 

6 

7 

Pitch  Angle  (deg) 

0 

0 

0 

90 

90 

90 

90 

Roll  Angle  (deg) 

0 

0 

0 

30 

0 

0 

0 

Yaw  Angle  (deg) 

0 

0 

0 

0 

30 

0 

0 

Pitch  Rate  (deg/ sec) 

0.29 

0.66 

1.03 

1.03 

1.03 

1.03 

1.03 

Roll  Rate  (deg/sec) 

0 

0 

0 

1.0 

0 

0 

0.6 

Yaw  Rate  (deg/ sec) 

0 

0 

0 

0 

0.3 

0.6 

0 

Time  to  Capture  (Hours) 

* 

* 

* 

140 

♦ 

150 

+ 

♦Immediate 
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The  first  three  of  these  runs  were  started  with  zero  attitude  errors  and  rates  except  pitch 
rate  which  was  set  to  the  minimum,  nominal  and  maximum  expected  values.  Each  of  these 
captured  immediately  without  tumbling.  These  results  are  plotted  in  Figure  3.3-41  which 
shows  the  pitch  angle  history  for  the  first  1200  seconds.  Significant  events  during  the  cap- 
ture sequence  are  noted  at  the  appropriate  times.  The  maximum  pitch  angle  reached  is 
7,  17.  5 and  33  degrees  for  the  minimum,  nominal  and  maximum  initial  pitch  rates,  re- 
spectively. These  peak  angles  occur  during  the  first  orbit  only,  thereafter  amplitudes 
decay  as  anticipated. 

Simulations  4 through  7 assumed  "worst-case-type"  initial  conditions  on  pitch,  that  is, 
maximum  expected  rate  and  90  degrees  attitude,  combined  with  various  rates  and  errors 
on  roll  and  yaw.  All  the  conditions  investigated  resulted  in  immediate  or  early  capture 
(150  hours  or  less).  Figure  3.3-42  is  a duplicate  of  Figure  3.3-40,  but  with  the  complete 
deployment  results  noted  at  the  appropriate  pitch  rate  at  the  instant  the  deployment  sequence 
is  completed.  General  agreement  with  the  steady  state  results  are  observed. 

Cases  1,  2 and  3 (most  readily  predictable)  capture  immediately  and  at  the  expected  pitch 
rates.  Cases  5 and  7 also  capture  immediately  even  though  roll  or  yaw  rates  are  present. 
Cases  4 and  6 required  approximately  six  orbits  to  capture.  These  points  represent  the 
worst  conditions  evaluated  using  the  full  deployment  sequence,  with  the  higher  rates  imposed 
on  roll  and  yaw  (i.  e. , 1 deg/sec  and  0.  6 deg/ sec,  respectively).  It  appears  that  30  degrees 
attitude  error  on  either  roll  or  yaw  is  not  particularly  detrimental. 

Capture  times  indicated  on  Figure  3.3-40  are  accurate  to  no  better  than  +1  orbit  (+24 
hours),  due  to  the  characteristics  of  the  capture  phenomenon  itself.  For  example,  even 
though  a spacecraft  is  extremely  close  to  capturing,  if  the  pitch  attitude  is  unfavorable  at 
that  instant,  it  may  not  capture;  if  not,then  a complete  orbit  is  usually  required  until  it 
does.  In  one  or  two  cases  evaluated  in  this  study,  the  spacecraft  apparently  captured; 
however  two  orbits  later  it  tumbled  once  again  before  finally  capturing  and  settling.  This 
characteristic  is  the  reason  for  the  occasional  inconsistency  in  some  of  the  data  shown  in 
the  plots. 
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Figure  3.3-41.  ATS-E  Capture  from  Various  Initial  Pitch  Rates 


Figure  3.3-42.  Full  Deployment  Cases  Superimposed  on  Steady  State  Results 
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As  a result  of  the  study,  the  following  general  conclusions  may  be  stated: 


1.  If  the  attitude  errors  and  roll  and  yaw  rates  are  small  following  rod  deployment, 
immediate  capture  may  be  expected  if  the  pitch  rate  is  less  than  +0.  005  deg/sec 
and  greater  than  -0.  004  deg/sec  relative  to  the  local  vertical.  Based  upon  an 
inertia  growth  of  approximately  165,  this  corresponds  to  +1. 48  deg/sec  and 

0 deg/ sec  prior  to  rod  deployment. 

2.  If  the  pitch  attitude  after  deployment  is  90  degrees  (worst  case),  capture  should 

be  realized  within  400  hours,  providing  the  pitch  rate  prior  to  deployment  is  within 
the  range  of  -0.  45  deg/sec  and  +1. 2 deg/sec. 

3.  Based  upon  the  steady  state  runs,  capture  times  are  not  significantly  affected  by 
roll  and  yaw  rates  superimposed  on  the  pitch  rates  cited  in  conclusion  (2)  (at 
least  up  to  rates  of  0.  3 deg/sec,  before  deployment,  on  either  roll  or  yaw). 

4.  Based  upon  the  complete  deployment  runs,  an  initial  pitch  attitude  of  +90  degrees 
and  a pitch  rate  of  +1  deg/sec  may  exist  with  either  a 1 deg/ sec  roll  rate  or  a 

0.  6 deg/sec  yaw  rate;  both  conditions  should  result  in  an  early  capture. 
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3. 4 PITCH  INVERSION  ANALYSIS 

In  Section  3. 1 it  was  pointed  out  that  the  orientation  of  a gravity  gradient  spacecraft  is 
determined  by  its  principal  axes.  Moments  of  inertia  have  an  axis,  but  no  direction  and  the 
spacecraft  can  stabilize  "rightside  up  or  upside  down. " If  no  method  of  ensuring  rightside 
up  capture  is  available,  the  spacecraft  must  have  the  capability  of  being  inverted  after  it 
has  captured.  There  are  several  methods  of  achievir^  this,  the  most  common  being  a rod 
retraction/extension  maneuver,  an  approach  which  has  been  employed  successfully  in  orbit. 
An  alternate  approach  is  to  use  thrusters  to  torque  the  spacecraft  past  90  degrees  and  then 
retro  to  stop  it.  Both  of  these  techniques  were  analyzed  and  implemented  for  ATS-A,  D, 
and  E. 


3,4,1  MICROTHRUSTER  INVERSION  ANALYSIS 

Inversion  of  a gravity  gradient  spacecraft  is  usually  performed  about  the  pitch  axis  of  the 
spacecraft  (as  apposed  to  the  roll  axis).  Because  pitch  is  not  as  strongly  coupled  to  roll 
and  yaw;, as  roll  and  yaw  are  to  each  other,  the  inversion  is  generally  smooth.  A micro- 
thruster inversion  analysis  has  been  performed  assuming  planar  motion. 


The  large  amplitude  planar  equation  of  motion  in  pitch,  with  no  applied  torques,  is: 


I 


P 


2 


3.4-1 


where 

I = moment  of  inertia 

= orbital  rate 

0 = pitch  attitude. 

P 


Changing  the  time  base  by  setting  r = equation  (3.  4-1)  becomes: 


3.4-2 
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Multiplying  by  2 0 : 
P 


2 00  + 3 0 ^ I Sin  2 0 

P P \ I 


And  integrating 


"e  - 'y 


Cos  2 0, 


where 

C = constant,  and  represents  the  total  vehicle  energy. 
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3.4-4 


For  the  spacecraft  to  invert  successftilly,  the  total  spacecraft  energy  must  equal  or  exceed 
the  spacecraft  potential  energy  at  ninety  degrees.  The  normalized  potential  energy  is 


where  T}  = multiple  of  total  spacecraft  energy  required  for  inversion.  Substituting  Equation 
3. 4-5  into  3. 4-4  and  rearrangeing 


. 2 
0 - 
P 


3 

2 


+ Cos  2 0 1=0 


)■ 
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During  the  first  part  of  the  inversion  maneuver.the  applied  pitch  torque  is  not  zero  but  is 
equal  to  the  inversion  thruster  torque,  T.  For  this  part  of  the  maneuver  Equation  3.  4-1  is 
rewritten. 
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Following  the  same  procedure  used  for  Equation  3,  4-1  of  changing  the  time  base,  muliply- 
ing  by  2 9 ,and  integrating,  the  result  is 

Jr 


.2 

0 = 

P ' 


'r  - V 


2X0 

Cos  2 0 

p 2 

I W 
P 0 


= K 
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To  evaluate  K assume  that  atr  = 0,  0=9  =0.  Therefore, 

P P 


_ T 

3_/TR 


3.  4-9 


Substituting  into  equation  3.4-8: 


.2  ' o 

^p-t 


- 'y 


Cos  2 0 - 1) 
P / 


2T0p 


I a>. 


= 0 
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Equation  3. 4-6  is  the  relationship  between  0 and  0 for  a given  value  of  rj  during  a period 

P P o 

of  no  applied  torque.  Equation  3. 4-10  is  the  relationship  between  0 and  0 for  a constant 

P P 

applied  torque.  When  these  equations  are  solved  simultaneously, they  result  in  an  equation 
that  relates  torque  to  the  cutoff  angle  for  a given  value  of  77 . The  cutoff  angle  is  the  value 
of  0^  at  which  the  first  inversion  thruster  is  turned  off.  The  equation  is; 


2 

I to 
•^P  o 


3 (t?+  1)  /^R  " V 


4 0. 
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This  equation  is  the  basis  of  the  analysis  of  ATS- A and  D inversion  sequences.  It  is 
possible  to  integrate  Equation  3.  4-11  with  respect  to  time  to  obtain  cutoff  time,  but  the 
result  can  be  only  numerical,  and  not  in  closed  form.  It  was  felt  that  more  accurate  results 
would  be  obtained  using  ATS  computer  simulations.  Individual  studies  were  therefore 
undertaken  for  both  ATS-A  and  ATS-D, 
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3.4.2  AT  A- A MICROTHRUS  TER  INVERSION 

The  inversion  of  ATS-A  was  to  be  performed  by  two  microthrusters,  each  with  a nominal 

-4 

thrust  level  of  5. 4 x 10  pounds  and  an  effective  moment  of  arm  of  29  inches.  The  thrust 

uncertainly  of  the  microthruster  was  quite  large,  however,  due  to  the  nature  of  the  micro- 

-4  -4 

thrusters,  and  thrusts  as  low  as  2. 8 x 10  pounds  or  as  high  as  7. 9 x 10  pounds  cotild 
be  obtained.  In  addition,  rise  and  decay  times  of  the  thrusters  varied  considerably,  not 
only  from  thruster  to  thruster,  but  within  each  thruster.  A general  study  was  therefore 
undertaken. 

Equation  3. 4-11  is  plotted  in  Figure  3. 4-1  for  a range  of  values  of  rf.  The  maximum  value 

-4 

oft;  for  nominal  thruster  torque  of  13.  0x10  Ib-ft  is  7. 25.  This  requires  full  thrust  to 

6=90  degrees  and  then  full  reverse  thrust  to  9 = 180  degrees  with  no  coast  phase, 
p P 

-4 

Figure  3.4-2  is  a plot  of  pitch  attitude  versus  time  for  torque  levels  from  6.  75  to  19  x 10 
Ib-ft  which  were  obtained  from  computer  simulations.  Superimposed  on  this  plot  is  the 
data  from  Figure  3.4-1  Thus,  cutoff  angle  and  the  cutoff  time  can  be  determined  for  each 
value  of  T and  77.  Figure  3.4-3  is  a cross  plot  of  the  data  contained  in  Figure  3.4-2  and  is 
used  to  find  {for  any  preselected  timing  sequence)  the  minimum  value  of  torque  required  to 
ensure  initial  inversion.  This  point  is  at  the  intersection  of  a horizontal  line  drawn  through 
the  operating  point  and  the  t)  = 1 curve. 

A nominal  timing  sequence  can  be  established  for  each  value  of  tj,  assuming  both  inversion 

thrusters  exert  the  nominal  value  of  torque.  This  sequence  requires  firing  the  first  thruster 

for  its  cutoff  time,  t (as  given  by  Figure  3.4-2),  allowing  a coast  time,  t , equal  to 

00  oo3.sr 

twice  the  time  required  to  reach  8 = 90  degrees  following  cutoff  of  the  first  thruster,  and 

P 

then  firing  the  retro  thruster  for  time  t^^.  This  sequence  is  illustrated  by  the  sketch  in 
Figure  3.4-4.  Note  that  inversion  is  accomplished  by  rotating  in  the  negative  direction. 

This  reduces  the  spacecraft  inertial  pitch  rate  which  in  turn  reduces  cross  axis  coupling. 

This  allows  the  maneuver  to  be  completed  more  smoothly  than  if  it  had  been  done  in  the 
positive  direction.  Nominally,  the  spacecraft  should  invert  and  be  left  with  little  residual 
pitch  rate. 


3-176 


The  nominal  timing  sequences  for  ATS-A,  as  determined  by  computer  simulations,  in 
conjunction  with  Figure  3.4-1,  are  listed  in  Table  3.4-1. 


Table  3.4-1.  Nominal  Timing  Sequences  for  ATS-A  Inversion  Maneuver 


V 

First  Thruster 
On-Time 
(minutes) 

Coast  Time 
(minutes ) 

Second  Thruster 
On-Time 
(minutes) 

Total 

Time 

(hours) 

1.5 

39.0 

149.0 

39.0 

3.78 

2.0 

43.2 

107.2 

43.2 

3.23 

3.0 

50.7 

66.7 

50.7 

2.80 

4.0 

57.6 

42.8 

57.6 

2.63 

5.0 

63.4 

27.  0 

63.4 

i 

2.56 

6.0 

69.0 

13.2  1 

1 

69.0 

2.52 

7.25  ' 

75. 1 

0 i 

75. 1 

2.50 

The  computer  simulations  performed  assumed  the  inversion  thruster  and  the  retrothruster 

-4 

were  identical  and  nominal  (13  x 10  Ib-ft).  However,  an  inversion  maneuver  based 
upon  a specified  timing  sequence  has  several  failure  modes  caused  by  thruster  variations. 
The  most  severe  of  these  are  given  in  Table  3. 4-2. 


Table  3.4-2.  Inversion  Maneuver  Failure  Modes 


First  Thruster 

Second  Thruster 

Failure  Mode 

1. 

High 

Low 

Vehicle  tumbles  until  damper  removes 
energy. 

2. 

Low 

High  or  Low 

First  thruster  cannot  invert  the  vehicle. 

3. 

Low 

High 

Vehicle  inverts  initially,  but  is  returned 
to  initial  position  by  second  thruster. 
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In  the  first  two  failure  modes  the  timing  sequence  has  little  influence.  However,  in  the 
third  failure  mode  it  is  the  primary  factor.  This  is  best  illustrated  by  an  example. 

Figure  3.4-5  is  a plot  of  the  time  required  to  pitch  90  degrees  versus  the  percentage  de- 
crease in  torque  of  the  first  thruster.  Note  that  at  the  lower  values  of  tjthe  function  is 
extremely  sensitive  to  torque  variations.  Assume  17  = 1. 5,  the  first  thruster  is  8 percent 
low  and  the  second  thruster  is  nominal.  Using  the  nominal  timing  sequence,  the  second 
thruster  is  fired  at  3. 13  hours.  However,  at  this  time  the  spacecraft  pitch  attitude  is  only 
-100  degrees.  The  result  is  the  spacecraft  is  returned  back  towards  zero  attitude,  resulting 
in  an  unsuccessful  inversion.  Figure  3.4—6  is  a plot  of  this  type  situation  taken  from  com- 
puter' runs.  If  the  firing  of  the  second  thruster  had  been  delayed  a proper  amount,  the  in- 
version would  have  been  successful. 

To  determine  an  appropriate  timing  sequence,  both  the  inversion  and  retro  thruster  must 
be  considered.  Since  the  thrust  level  of  the  thrusters  is  uncertain,  and  each  thruster  is 
independent  of  the  other,  an  infinite  number  of  thrust  combinations  can  exist.  To  reduce 
the,  inversion  analysis  to  manageable  proportions,  two  assumptions  were  made; 

1.  Thrust  variations  in  both  thrusters  are  equal 

2.  The  first  thruster,  has  low  thrust,  the  second  has  high  thrust. 

Under  the  assumption  of  equal  thrust  variations,  the  second  assumption  represents  the 
worst  case  condition. 

An  additional  mission  constraint  is  that  the  inversion  maneuver  be  completed  in  four  hours. 

A series  of  computer  runs  were  made  to  determine  the  allowable  thrust  tolerance  variation. 
The  results  are  given  in  Figure  3.4-7.  The  maximum  tolerance  is  13  to  14  percent  and 
occurs  for  77 between  3 and  6.  For  values  of  rj  below  1.9,  the  tolerances  are  limited  by  the 
4-hour  time  limit. 
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Figure  3. 4-7.  Effect  of  Thruster  Torque  Variation  on  Inversion  Maneuver 

Success  for  ATS-A 


The  effects  of  the  disturbances  upon  allowable  thrust  tolerances  were  also  studied  and 
in  each  case  the  disturbance  was  formulated  to  provide  the  worst  case  effect  on  inversic 
The  largest  disturbance  sources  were: 

1.  Thruster  misalignment.  The  CM  is  assumed  located  1 inch  along  the+X  axis 
from  the  geometric  center,  and  the  thrust  vector  is  rotated  1 degree  in  ^ the 
Yf  plane. 

2.  Short  primary  gravity  gradient  rods.  One  rod  in  each  rod  pair  was  assumed 
to  be  1.76' feet  shorter  than  the  other. 

3.  Solar  and  magnetic  effects.  The  sun  was  located  in  the  orbit  plane,  aid  a 1,  000 
pole-cm  dipole  was  placed  along  the-Y^  axis. 

4.  Initial  attitudes  and  rates  were  for  a circular  orbit  and  for  an  eccentricity  of  0. 
These  were  established  from  steady  state  computer  runs,  and  are  listed  in  the 
following: 
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Eccentricity  = 0 

Eccentricity  = 0.01 

9p  <deg) 

0.2 

0.0 

(deg) 

0,0 

0.1 

©Y  (deg) 

0.7 

-0.3 

2.6 

-0,7 

X (deg/sec) 

3.302  x 10"® 

2.697  X lO"^ 

Y (deg/sec)  1 

3.073  x 10"'^ 

6.198  xio"^ 

Z (deg/sec) 

1.583  X 10*^ 
9.703  X 10  ^ 

1.640  x10"^ 
3.360  X lo'^ 

The  effects  of  these  disturbances  for  values  of  Yj  = B,  4,  5,  and  6 were  studied.  Short 
gravity-gradient  rods,  and  solar  and  magnetic  effects  prov«i  to  have  virtually  no  effect 
on  allowable  thruster  tolerances.  Figure  3.4-8  shows  the  effects  of  thruster  misalignment 
and  Figure  3.4-9  shows  the  effects  of  initial  rates  and  attitudes.  One  series  of  runs  was 
made  combining  thruster  misalignment  with  the  initial  conditions  for  an  eccentric  orbit 
with  an  eccentricity  of  0.  01,  The  value  of  t7was  3. 

The  results  reduced  the  allowable  thrust  tolerance  from  13  percent  to  9 percent 

The  final  choice  of  which  determines  the  timing  sequence,  is  a compromise  between 
increasing  thrust  tolerances  and  decreasing  fuel  expenditure.  Table  3. 4-3  lists  the  per- 
tinent data  involved  in  this  selection. 


Table  3.4-3.  Factors  in  the  Selection  of  r) 


77 

Total  Firing  Time 
For  Inversion 
(minutes) 

Allowable  Thrust  Tolerance 
With  No  Disturbances 
(percent) 

2.0 

86.4 

9.6 

3.0 

101.4 

13.5 

4.0 

115.2 

14.0 

5.0 

126.8 

14.0 

6.0 

. 138.0 

13.  5 

7.25 

150.2 

12.0 
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NOTES 

U FIRST  THRUSTER  TORQUE  IS  LOW  AND 
THE  SECOND  IS  HIGH  BY  THE  AMOUNT 
OF  THE  THRUSTER  TORQUE  VARIATION. 

2.  TIMING  SEQUENCES  USED  ARE  THE 
NOMINAL  SEQUENCES  FOR  THE  GIVEN 
VALUES  OF  tj  . AND  A NOMINA^ 
THRUSTER  TORQUE  OF  13  x 10  "^LB  - FT. 

3.  THRUSTER  MISALIGNMENT  IS  1 INCH 
ALONG  XI  AXIS»  AND  1 DEGREE  IN  THE 
Yl-Zl  PLANE. 


aJ I I \ L 
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Figure  3. 4-8.  Effects  of  Thruster  Torque  Variation  and  Thruster 
Misalignment  on  Inversion  Maneuver  Success  for  ATS-A 


Figure  3.4-9.  Effects  of  Thruster  Torque  Variation  and  Initial  Attitudes 
and  Rates  on  Inversion  Maneuver  Success  for  ATS-A 


Based  on  these  factors  alone,  it  was  recommended  that  a value  of  77  = 3 be  used.  This 
gives  the  following  timing  sequence: 

1.  First  Thruster  On-Time  = 50. 7 minutes 

2.  Coast  Time  = 66. 7 minutes 

3.  Second  Thruster  On-Time  = 50. 7 minutes 

The  complete  inversion  maneuver  would  require  2.  8 hours  and  the  total  firing  time  would 
be  1.69  hours.  The  allowable  thrust  variation  is  9 percent. 

3. 4. 2.1  ATS-D/E  Microthruster  Inversion 

Two  microthruster  inversion  analyses  were  performed  for  ATS  D/E,  an  "open  loop"  inver- 
sion using  a specified  timing  sequence,  and  a "closed  loop"  inversion  where  data  was 
assumed  available  throughout  the  inversion.  The  latter  approach  is  the  more  flexible 
and  provides  greater  assurance  of  inversion,  but  is  more  complex  operationally  and  is 
dependent  upon  attitude  information  being  available  on  a real  time  basis. 


3.4.2. 1.1  ATS  D/E  Nominal  Microthruster  Inversion 

The  analysis  required  to  establish  the  nominal  timing  sequences  is  Identical  to  that  included 
earlier  in  this  section  and  need  not  be  repeated  here. 

Figures  3.4-10  and  3.4-11  show  the  relationships  between  inversion  thruster  torque,  cutoff 
time  and  pitch  cutoff  angle  for  a range  of  values  forr)  for  ATS-D/E.  These  plots  were  used 
to  establish  the  nominal  timing  sequences  listed  in  Table  3.4-4. 
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PITCH  ANGLE  pEGREES) 


TORQUE  (LB- FT  X 10-^)  = 19  17  15 13  U 9 7 5 4 3 -2  tj  = 4 


TIME  (HOURS) 

Figure  ATS-D  Response  to  Constant  Inversion  Thruster  Torque 
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. Table  3. 4-4.  Nominal  Timing  Sequences  for  ATS- D/E  Inversion  Maneuver 


ri 

• ■ Inversion 
Thruster 
On-Time 
.(minutes) 

Coast 

Time- 

(minutes) 

Retro 
Thruster 
On-Time 
(minutes ) 

Total 

Time 

(hours) 

1.5 

■ 24. 30 

634. 50 

24.30 

11.  38 

2.0 

26.70 

516.67 

26.70 

9. 50 

2.5 

-28.80 

446.67 

28.80 

8. 40 

3.0 

1 

30.78 

397.70 

30.78 

7.65 

3.5 

32.40  . 

368.90 

32.40 

7. 23 

4.0 

34.20 

338.33 

34.20 

6.78 

Ji! 

36.  00 

312.27 

36.00 

6.40 

Section  3. 4. 1. 1 concluded  that  the  inversion  thruster  torque  could  not  be  allowed  to  vary 
more  than  +9  percent  to  assure  a successful  inversion  based  upon  a specified  timing 
sequence.  The  corresponding  tolerance  for  ATS-D/E  will  not  be  significantly  different, 
and  it  is  unlikely  that  such  low  tolerances  can  be  met.  Therefore,  the  approach  to  the 
ATS-D/E  inversion  maneuver  was  to  use  a nominal  timing  sequence  which  was  modified 
on  the  basis  of  spacecraft  pitch  attitude  data  as  the  maneuver  progressed. 

To  modify  the  maneuver,  the  most  obvious  information  required  is.  pitch  angle  data.  The 
pitch  angle  at  which  the  inversion  thruster  is  cut  off  is  relatiyely  low,  however,  and 
Figure  3. 4-10  shows  that  it  ranges  from  3. 7 to  10. 1 degrees  for  values  ofr)  between  1.  0 
and  -4.  5.  This  does  not  allow  sufficient  time  for  modification  of  the  initial  firing  time  based 
on  pitch  attitude  data.  Therefore,  it  was  decided  to  modify  only  the  retro., thruster  timing. 
Because  the  initial  thruster  timing  is  to  be  fixed",  it  is  necessary  to  choose  a value  of  17 
sufficiently  large  to  assure  initial  inversion  even  if  the  inversion  thruster  torque  is  low. 

The  decision  was  made  to  provide  for  successful  inversion  even  with  an  inversion  thruster 
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CUTOFF  TIME  a^OURS) 


^4 

torque  of  7.  8 x 10  Ib-ft,  40  percent  below  the  nominal  value.  To  accomplish  this,  tjmust 
be  4.  5 for  the  nominal  torque  of  13  x 10“^  Ib-ft  (see  Figure  3.  4-12).  This  in  turn  determines 
the  firing  time  of  36  minutes. 

f 

t 

Figure  3*  4—13  contains  trajectory  plots  for  a range  of  inversion  thruster  torques  and 
an  inversion  thruster  cutoff  time  of  36*  0 minutes.  These  plots  together  with  spacecraft 
attitude  data  can  be  used  to  determine  the  value  of  the  inversion  thruster  torque. 

When  the  inversion  thruster  torque  is  known,  the  timing  sequence  for  the  retro  thruster 
can  be  obtained  from  Figure  3.4^14  assuming  that  the  retro  thruster  torque  value  is 
nominal. 


TORQUE  (LB- FT  X 10^*^) 


Figure  3,4-12,  Cutoff  Time  versus  Thruster  Torque  for  ATS-D 
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Figure  3.4-13.  ATS-D  Inversion  Maneuver  Trajectory 


FIRING  TIME  FOR  SECOND 
THRUSTER 


70 


Figure  3, 4-14.  Retro  Thruster  Timing  Data  for  ATS-D  Inversion 

The  data  presented  in  Figure  3.4-14  was  obtained  in  two  steps.  First,  the  retro  thruster 
firing  time  was  assumed  to  be  proportional  to  the  total  vehicle  energy  as  the  vehicle 
crosses  a pitch  angle  of  90  degrees.  Then  the  data  was  modified  on  the  basis  of  a series 

of  computer  runs.  The  final  data  produced  inversions  with  an  overshoot  of  less  than 
3 degrees. 


The  case  in  which  the  retro  thruster  torque  is  not  the  nominal  value  has  not  been  considered. 
One  promising  method  of  accomplishing  the  inversion  maneuver  with  a non-nominal  retro 
thruster  is  to  turn  on  the  retro  thruster  at  the  time  given  in  Figure  3.4-14.  The  retro 
thruster  would  be  turned  off  when  the  pitch  rate,  with  respect  to  the  orbiting  reference 
frame,  is  zero.  The  difference  between  the  pitch  angle  at  this  time  and  180  degrees  is 
the  amount  of  overshoot  in  the  maneuver. 
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Following  completion  of  this  study,  the  moment  arm  for  ATS-D/E  was  changed  from 
29  to  7 inches  and  a brief  study  was  performed  to  determine  the  new  timing  sequence. 

The  nominal  timing  sequence  for  a 7-inch  moment  arm  is  130  minutes  on,  a coast  time 
of  303  minutes,  and  a retro  of  130  minutes. 

3.4.2. 1.2  ATS-D/E  Microthruster  Inversion  Using  Heal  Time  Data 
The  inversion  maneuver  for  the  ATS-D/E  spacecraft,  using  two  subliming  solid  rocket 
engines,  was  analyzed  in  the  preceding  section.  That  study  assumed  little  or  no  attitude 
information  would  be  available  during  the  maneuver.  As  a consequence,  a fixed-time 
sequence  of  events,  consisting  of  a period  of  thrusting,  a coast  period,  and  a retro-thrust 
period,  was  specified.  The  studies  revealed,  however,  that  the  success  of  the  inversion 
maneuver  depended  upon  exact  knowledge  of  thrust,  moments  of  inertia,  etc.  As  the  hard- 
ware was  developed,  it  became  evident  that  the  thrust  value  could  easily  fall  outside  the 
acceptable  thrust  envelope.  In  addition,  rod  length  uncertainties,  initial  condition  variations 
and  thruster  misalignments  alter  the  inversion.  As  a consequence,  an  inversion  approach 
had  to  be  formulated  which  was  not  sensitive  to  these  minor  variations.  When  arrangements 
were  made  to  obtain  attitude  information  on  a real  time  basis,  it  became  feasible  to  develop 
such  an  a;^proach.  . 

The  first  requirement  of  the  hew  approach  is  that  real  time  attitude  data  be  available  during 
the  maneuver.  This  was  to  be  satisfied  through  real  time  transmission  of  data  from  the  ATS 
ground  stations  to  GE,  Valley  Forge  via  the  NASCOM  teletype  network.  The  second  require- 
ment of  the  approach  is  an  inversion  evaluation  technic(ue,  which  in  conjunction  with  the 
attitude  data,  indicates  a course  of  action.  Figure  3. 4-15  is  an  "Inversion  Map"  which  was 
designed  to  specify  the  "inversion  state"  of  the  spacecraft  based  upon. the  pitch  attitude  and 
pitch  rate,  and  is  used  to  make  decisions.  The  map  was  generated  from  the  analysis  pre- 
sented in  Section  3.  4. 1 and  consists  essentially  of  lines  of  constant  energy  (17  ) plotted  on 
a grid  of  pitch  attitude  (degrees)  versus  pitch  rate  (degrees/second).  A single  data  point 
consisting  of  pitch  attitude  and  rate  uniquely  defines  the  energy  level.  If  the  energy  level 
of  the  spacecraft  is  less  than  one,  the  spacecraft  does  not  have  sufficient  energy  to  invert, 
and  will  remain  at  less  than  90  degrees  (or  more  than  90  degrees  depending  upon  initial 
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orientation)  indefinitely.  Por  this  reason,  energy  levels  less  than  one  have  not  been  plotted. 
The  area  where  the  energy  level  is  less  than  one  has  been  shaded  on  Figure  3.  4-15  and 
labeled  "Area  of  Capture.  " 

It  should  be  noted  that  it  is  assumed  that-  the  roll  and  yaw  oscillations  at  the  beginning  of  the 
inversion  are  small  enough  to  produce  only  second  order  effects,  and  that  the  inversion  is 
largely  in  pitch.  It  is  for  this  reason  only  pitch  attitude  is  plotted.  Note  also,  that  the 
effects  of  the  damper  and  external  disturbances  have  not  been  included.  The  map  is 
essentially  for  a rigid  body,  an  assumption  made  at  the  initiation  of  the  study  since  it 
greatly  simplifies  the  analysis . Preliminary  results  indicated  that  the  assumption  was 
good. 

To  invert  the  spacecraft  (after  it  has  reached  steady  state  and  achieved  small  amplitude  oscil- 
lations) it  is  necessary  to  increase  its  energy  level  to  a value  greater  than  one.  As  mentionec 
earlier,  three  has  been  selected  as  a nominal  value.  Any  combination  of  pitch  and  pitch  rate 
which  produces  this  energy  level  will  cause  the  spacecraft  to  invert.  Once  inverted,  it  is 
necessary  to  slow  the  spacecraft  to  reduce  its  energy  level  to'  less  than  one,  and  prevent  it 
from  reinverting.  Any  combination  of  pitch  and  pitch  rate  which  results  in  this  energy  level 
(or  less)  is  satisfactory.  The  best  inversion  is  obtained,  however,  when  the  pitch  rate  is 
reduced  to  zero  at  the  same  time  the  pitch  error  is  reduced  to  zero  ( or  180)  degrees. 

Because  of  thruster  misalignments,  rod  length  uncertainities,  etc. , it  is  not  possible  to 
achieve  the  ideal  inversion;  hence,  the  recommended  approach  (which  yields  the  best  re- 
sults with  the  greatest  margin  of  safety)  is  to  retro  thrust  until  the  pitch  rate  is  zero. 

To  assist  in  interpreting  the  motions  of  the  spacecraft  during  thrusting,  lines  ’of  constant 
thrust  have  been  plotted  on  the  grid.  These  lines  are  essentially  the  integration  of 
Equation  3.4-7  in  Section  3. 4. 1.  and  portray  the  manner  in  which  the  pitch  and  pitch  rate 
change  while  undergoing  thrust.  Three  lines  have  been  plotted,  nominal  thrust,  0.  5 nominal 
thrust,  and  1.4  nominal  thrust.  Four  reference  lines  of  constant  thrusting  time  have  also 
been  plotted.  These  lines  apply  to  the  spacecraft  only  while  undergoing  thrust. 
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Figures  3. 4-16  and  3. 4-17  provide  additional  information  about  the  thrusting  maneuver. 
Figure  3, 4-16  shows  the  pitch  angle  at  which  the  thruster  should  be  cut  off,  starting  from 
ideal  initial  conditions,  and  Figure  3.4-17  shows  the  time  corresponding  to  this  pitch  at^le. 
These  charts  are  useful  if  the  thrust  levels  are  known  accurately  in  advance. 

To  verify  the  inversion  map,  and  indicate  what  type  of  performance  can  be  expected, 
several  inversion  runs  were  made  on  the  Mathematical  Model.  Figure  3.4-18  is  the 
nominal  case  wherein  both  thrusters  had  nominal  thrust  and  were  aligned  perfectly,  with 
Ihe  timing  sequence  as  specified  earlier.  There  were  no  external  disturbances,  and  the 
spacecraft  largely  followed  the  nominal  pitch  curves  on  the  plot.  The  damper  boom  had  a 
negligible  effect  as  noted  earlier. 

Figure  3.4-19  has  the  same  sequence  and  thrust  levels,  but  the  initial  pitch  error  was 
5 degrees  and  the  initial  roll  error  was  15  degrees.  The  performance  deviates  slightly 
from  Figure  3. 4-18  but  the  inversion  was  successful. 


Figure  3. 4T-16.  Thruster  Cutoff  Angle  as  a Function  of  Thrust  Level 
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Figure  3.4-17.  Burn  Time  as- a Function  of  Thrust  Level 

Figure  3.4-20  is  similar  to  Figure  3.4-19,  except  a yaw  error  of  10  degrees  replaced 
the  roll  error.  Again  the  inversion  was  successful. 

Figure  3. 4-21  has  the  initial  pitch,  roll,  and  yaw  errors,  and  again  the  inversion  was 
successful.  The  approach  does  not  appear  to  be  significantly  influenced  by  initial  conditions. 

To  determine  the  usefulness  of  the  maps  in  actual  flight,  a non-nominal  case  was  processed. 
The  timing  sequence  was  not  known  in  advance.  It  was  assumed  that  at  the  instant  of  in- 
verter tum-on  (t  = 0 hours),  the  spacecraft  had  a pitch  attitude  of  six  degrees  with  a small 
pitch  rate  (Figure  3.4-22).  The  inversion  was  planned  to  be  backward  (negative  pitch  rate) 
and  the  thrust  level  was  unknown  (presumably).  After  one  hour  of  thrusting,  the  new  pitch 
and  pitch  rate  were  determined  from  attitude  data  and  plotted  (t  = 1 hour.  Figure  3.4-21). 
From  the  position  of  this  point,  it  was  obvious  that  -the  thruster  was  working.  A third  point 
was  obtained  at  1.  9 hours  and  was  also  plotted.  Neither  of  these  points  is  outside  the  area 
of  capture,  and  if  the  thrust  were  terminated;  the  spacecraft  would  probably  not  invert,  and 
would  damp  out  its  initial  orientation. 
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Figure  3.4-18*  Nominal  Inversion  Sequence,  Case  I 
(Pitch  = 0 deg,  Roll  = 0 deg,  Yaw  = 0 deg) 
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Figure  3.4-19.  Nominal  Inversion  Sequence,  Case  II 
(Pitch  = 5 deg,  Roll  = 15  deg.  Yaw  = 0 deg) 
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Figure  3.4-20.  Nominal  Inversion  Sequence,  Case  III  (Pitch  = 5 deg,  Roll  = 0 deg,  Yaw  = 10  deg) 
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Figure  3.4-21,  Nominal  Inversion  Sequence,  Case  IV  (Pitch  = 5 deg,  Roll  = 15  deg,  Yaw  = 10  deg) 
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Table  3.4-5.  Events  Summary 


Time 

(Hours) 

Time  From 
Inverter  On 
(Hours) 

Pitch 

Attitude 

(Deg) 

Pitch 

Rate 

(Deg/Sec) 

Projected 
Maneuver 
Time  (Hr) 

Remarks 

0 

6.0 

-0. 08X10"^ 

- 

Thruster  Turn  On 

1.0 

0.3 

-3. 1X1  o"^ 

Thruster  On 

1.9 

-13.9 

-5.  54X10“^ 

Thruster  On 

2.3 

-23.0 

-6.48X10“^ 

2.44 

Thruster  On  (Projected  Turn  Off) 

2.  8 

-33.5 

-7.  35X10“^ 

Thruster  Turn  Off 

3.2 

-45.5 

-7. 18X10"^ 

- 

Coast 

4.0 

-65.0 

-6. 46X1 0"^ 

Coast 

4.7 

-80.3 

-6.08X10“^ 

Coast 

5.6 

-100; 0 

-6.13X10"^ 

-- 

Coast 

6.3 

. -115.6 

-6.6X10"^ 

Coast 

7.2 

-138.  7 

7.  56X10"^ 

7.5 

Coast  (Projected  Turn  On) 

7.5 

-147.0  ■ 

-7.8X10"^ 

- 

■Retro  Thruster  Turn  On 

8.3 

-162. 9 

-3.21X10~^ 

8.7 

Retro  On  (Projected  Turn  Off) 

8.7 

-166.0 

-0.  50X10“^ 

Retro  Thruster  Off 

11.2 

-166. 0 

-0. 283X1 0~^ 

- 

- 

13.0 

-167.6 

-1.4X10“^ 

- 

- 

1 

15.3 

+178. 4 

-1.  83X1 0"^ 

The  same  initial  conditions  as  Figure  3.4-22  were  tried  again  with  an  assumed  thruster 

misalignment.  As  a reference,  the  torque  in  the  z axis  was  unaltered,  but  additional  torques 

“3 

were  added  to  roll  and  yaw.  The  inverter  thruster  has  an  effective  thrust  of  1. 95. 10 
pounds  with  a misalignment  of  approximately  5 degrees.  The  retro  thruster  has  an  effective 

_3 

thrust  of  3.  82. 10  pounds  with  a misalignment  of  approximately  10  degrees.  The  result 
of  the  simulation,  assuming  the  proper  timing  sequence  of  Figure  3. 4-22,  is  shown  in  Figure 
3.4-23.  The  spacecraft  did  not  invert  with  the  inversion  thruster.  Because  it  did  not  invert, 
the  retro  thruster  increased  the  energy  content  beyond  the  order  of  capture  and  the  space- 
craft will  undoubtedly  go  through  an  uncontrolled  inversion. 

A timing  sequence  can  be  generated  for  this  thruster  arrangement  in  much  the  same  manner 
as  in  Figure  3.4-22.-  The  result  of  developing  a new  sequence  is  shown  in  Figure  3.4-24, 
and  indicated  a successful  inversion. 

To  ensure  that  the  spacecraft  did  not  re-invert,  the  simulation  was  carried  out  for  30  hours. 
The  roll  error  reached  a peak  of  24  degrees  during  the  maneuver,  and  the  yaw  error  reached 
a peak  of  18  degrees.  Yaw  reached  a peak  of  60  degrees  after  the  maneuver,  however,  and 
could  possibly  invert.  For  reference,  the  "adjusted"  timing  sequence  is  278  minutes  of 
inversion  thrust,  a coast  of  212  minutes,  and  a retro  thrust  of  63. 3 minutes.  There  is 
obviously  a considerable  difference  between  the  timing  sequence  of  Figure  3.4-22  and  that 
of  Figure  3.4-24.  However,  the  "Inversion  Map"  approach  appears  feasible  if  accurate 
attitude  data  (position  and  rate)  can  be  obtained.  It  should  be  noted  that  the  approach  was 
successful  in  Figure  3.4-24  in  spite  of  the  roll  error  of  25  degrees. 
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Figure  3.4-23,  Operational  Sample  Case  with  Misaligned  Thruster  Nominal  Timing  Sequence 
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3.4.3  ROD  RETRACTION/EXTENSION  ANALYSIS 

The  second  method  of  causing  a gravity  gradient  spacecraft  to  invert  is  to  retract  the  gravity 
gradient  rods  and  then  re- extend  them' with  ah  appropriate  timing  sequence.'  Before  rod 
retraction,  the  nominal  spacecraft  initial  rate  is  nearly  equal  to  orbital  xate,  and  is  about 
the  spacecraft  pitch  (z)  axis.  Retracting  the  rods  decreases  the  spacecraft  moment  of  inertia, 
and  by  the  principle  of  conservation  of  angular  momentvun,  there  will  be  a corresponding 
■ increase  in  inertial  rate.  The  increase  in  inertial  rate  can  be  made  large  enough  (with  most 
-current  spacecraft)  to  cause  the  spacecraft  to  invert.  After  the  inversion  is  completed,  the 
rods  are  extended  to  their  original  length,  and  the  spacecraft  will  be  slowed  to  orbital  rate 
(or  nearly  so).  The  spacecraft  will  then  be  captured  in  the  inverted  position. 

The  study  of  inversion  is  performed  primarily  by  computer  because  of  the, nonlinearities 
involved.  The  studies  for  ATS-A,  D and  E are  given  as  follows: 

3.  4. 3.1  ATS-A  Rod  Retraction/Extension  Analysis 

Specific  requirements  were  placed  on  the  ATS-A  rod  retraction/extension  maneuver,  and 
the  maneuver  was  designed  specifically  to  meet  these  requirements.  The  requirements 
were: 

1,  The  time  required  to  complete  inversion  should  not  exceed  2.  5 hours. 

2,  Spacecraft  oscillations  should  be  held  to  a minimum. 

3,  It  is  desirable  to  perform  the  maneuver  on  the  basis  of  time  only. 

Several  pertinent  vehicle  parameters  used  in  this  study  are  listed  as  follows: 

1.  Nominal  Rod  Length  = 132. 34  feet 

2.  X-Boom  Half  Angle  =25  degrees 

3 . Rod  Extension  and  Retraction  Rate  = 1 ft/sec 


3—206 


The  effects  of  solar  pressure  torques  or  thermal  bending  of  the  rods  on  the  maneuver  was 
assumed  to  be  insignificant. 

Four  sets  of  initial  conditions,  listed  in  Table  3.4  6,  were  used  during  the  study.  The  nominal 

set  consists  of  an  undisturbed  spacecraft  rotating  at  orbital  rate  about  its  pitch  axis.  The 

other  three  sets  were  taken  from  computer  simulations  after  the  spacecraft  reached  steady 

state  conditions  (see  Section  3.5).  These  simulations  included  a 0.015  orbit  eccentricity,  solar 

pressure  and  rod  thermal  bending  with  the. sun  in  the  orbit  plane,  and  a 1000  pole-cm  magnetic 

dipole  moment  along  the  pitch  axis.  The  columns  labeled  "co  min"  and  "co  max"  are  those 

z z 

for  which  co  reached  its  minimum  and  maximum  values,  respectively.  The  set  labeled 
z 

"average  "was  chosen  to  include  near -maximum  values  for  bothco  and  co  . 

z X 


Table  3.4-6.  Initial  Conditions 


' 

Nominal 

CO  Min 
z 

CO  Max 
z 

Average 

6 p (deg) 

0 

0.1 

. ■ 

0.3 

1.9 

(deg) 

0 

-0.2 

0 

0.2 

0 Y 

0 

-3.0 

2.9 

2,2 

y (deg) 

0 

2.2 

-1.6 

-1.6 

0)  (deg/sec) 

X 

0 

-0.000166 

-0.000896 

-0.000606 

(deg/sec) 

• 0 

-0.000750 

-0.  000893 

1 

0. 000639 

w (deg/sec) 
z 

0. 01565 

0.01453 

0.01689 

0.01656 

(deg/sec) 

0 

-0.000419 

0.000173 

0.000225 

The  first  task  in  this  study  was  to  determine  to  what  length  the  rod  should  be  retracted. 

Under  nominal  initial  conditions, the  maximum  value  of  retracted  rod  length  for  which  inver- 
sion occurs  is  88  feet.  For  this  case  the  spacecraft  inertial  rate  is  increased  to  2.4  times 

orbital  rate.  In  the  most  severe  case,  using  the  w Min  initial  conditions,  the  maximum  value 

z 

of  retracted  rod  length  for  which  inversion  occurs  is  85  feet.  The  complete  maneuver  at 
this  retracted  rod  length  requires  2.  85  hours. 
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There  was  some  uncertainty  as  to  how  accurately  the  rods  can  be  retracted  to  a specified 
length  when  the  spacecraft  is  in  orbit.  The  accuracy  of  the  rod  extension  read-out  sensor 
is  +3  inches.  However,  there  are  other  factors  that  can  markedly  reduce  this  accuracy. 
These  included  variations  in  the  manner  in  which  the  rod  tape  is  tored  on  the  drum,  power 
supply  .variations  and  telemetry  errors.  The  latest  estimate  on  rod  length  accuracy  is  ± 2 
feet.  These  measurements  are  received  at  3 second  intervals. 

To  accomodate  these  errors  and  to  decrease  the  time  required  to  complete  the  inversion,  a 
.nominal  value  of  75  feet  was  chosen  for  the  retracted  rod  length. 

The  mechanics  of  rod  retraction  provide  that  the  nominal  length  rod  is  retracted  to  the 
specified  length.  One  rod  in  each  rod  pair  can  be  as  much  as  2 feet  short  at  its  nominal 
length,  and  the  shorter  rod  is  always  shorter,  even  in  the  retracted  position.  Therefore, 
the  effect  of ‘short  rods  is  to  reduce  the  spacecraft  moment  of  inertia  in  both  the  extended 
and  retracted  positions.  The  ratio  of  these  moments  of  inertia  for  the  case  of  one  rod  in 
each  pair  2 feet  short  is  almost  identical  to  the  moment  of  inertia  ratio  where  all  the  rods 
are  the  nominal  length.  Therefore,  the  increase  in  inertial  rate  is  almost  identical.  The 
net  result  is  that  short  rods  have  no  significant  effect  on  the  inversion  maneuver.  This  con- 
clusion has  been  verified  by  computer  runs. 

Figures  3.4-25  through  3.4-28  show  four  complete  inversion  maneuvers,  starting  with  the 
average  initial  conditions.  In  each  case,  rod  extension  was  commanded  when  the  spacecraft 
pitch  attitude  reached  180  degrees.  This  results  in  minimum  spacecraft  oscillations.  The 
case  shown  in  Figure  3. 4-25  uses  the  nominal  retracted  rod  length  of  75  feet  and  the  eddy 
current  damper.  Figure  3. 4-26  is  the  identical -case,  except  that  the  hysteresis  damper  is 
used.  There  is  virtually  no  difference  between  the  spacecraft  attitude  of  Fi^re  3. 4-25  and 
Figure  3.  4-26  during  the  period  of  the  inversion  maneuver.  The  choice  of  dampers  has  no 
significant  effect  on  the  inversion  maneuver.  All  other  computer  runs  in  this  study  employee 
the  eddy  current  damper. 
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Figure  3-  4-28.  ATS-A  Inversion  Maneuver 


Figures  3.4-27  and .3. 4-28  show  inversion  maneuvers  in  which  the  retracted  rod  lengths 
vary  +5  feet  and  -5  feet,  respectively,  from  the  nominal'  value  of  75  feet  and  rod  extension 
is  commanded  when  pitch  attitude  reaches  180  degrees.  Spacecraft  oscillations  are  relatively 
low  and  the  damper  boom  does  not  hit  its  stops.  It  is  apparent  that  the  maneuver  is  insensi- 
tive to  retracted  rod  length  provided  that: 

1.  The  rod  is  retracted  sufficiently  to  cause  inversion. 

2.  Rod  extension  occurs  when  pitch  attitude  reaches  180  degrees. 

The  times  required  to  complete  the  inversion  maneuver  for  the  cases  shown  in  Figures 

3.  4-25,  3.4-27,  and  3.  4-28  are  listed  below. 


Retracted  Rod  Length 
{Feet) 

Time  to  Complete 
Inversion  Maneuver 
(Hours) 

70 

1.166 

75 

1.589 

80 

1.798 

It  is  desirable  to  be  able  to  accomplish  the  inversion  maneuver  without  being  completely 
dependent  upon  spacecraft  pitch  attitude  information.  Four  computer  runs  were  made  for 
inversion  maneuvers  in  which  rod  extension  is  commanded  at  93, 45  minutes  after  reaching 
the  retracted  rod  length.  Retracted  rod  lengths  of  70,  72,  78  and  80  feet  were  used  which 
represent  errors  of  ± 3 and  * 5 feet.  Initial  conditions  were  chosen  to  provide  the  worst 
case.  The  "cu^  max"  initial  conditions  were  used  for  retracted  rod  lengths  above  nominal. 
All  four  inversion  maneuvers  were  successful.  However,  as  expected,  large  spacecraft 
oscillations  occurred.  For  the  cases  in  which  the  error  in  retracted  rod  length  was  ± 5 
feet,  pitch  oscillations  of  ± 70  degrees  occurred  which  in  turn  led  to  yaw  inversion.  The 
damper  rod  traveled  3. 7 degrees  into  the  snubber  spring.  These  four  cases  are  plotted 
in  Figures  3.4-29  through  3.4-32  inclusive. 


3-213 


After  2. 3 hours  (from  initial  thruster  turn-on)  a fourth  point  was  obtained  and  plotted. 

This  point  has  an  .energy  level  only  slightly  greater  than  one.  Since  an  energy  level  of 
three  is  preferred,  the  thrust  was  maintained.  To  determine  the  thrust  cutoff  time,  a 
time  curve  was  faired  in  (using  a French  curve),  and  from  this  curve  it  was  estimated  that 
the  r|  = 3 constant  energy  line  (the  nominal  line)  would  be  reached  in  8800  seconds  (2.44 
hours).  However,’  because  of  the  operational' time  lag  associated  with  obtaining  the  data 
point  at  2, 3 hours,  it  was  assumed  that  the  turnoff  time  had  already  been  passed.  As  a 
consequence,  the  thruster  was  turned  off  immediately  and  a data  point  taken  (t  = 2.  8 hours). 
Data  points  were  then  taken  continuously  during  the  coast  phase  at  approximately  regular 
interfals.  The  spacecraft  follows  the  constant  energy  line  fairly  well  and  crosses  90 
degrees  at  approximately  5. 1 hours.  Three  more  data  points  are  taken  at  5. 6 hours, 

6. 3 hours,  and  7. 2 hours.  At  7. 2 hours,  the  line  of  nominal  constant  thrust  was  being 
approached  and,  projecting  ahead,  the  nominal  thrust  line  should  be  crossed  at  7. 5 hours. 
The  time  estimate  was  made  assuming  that  equal  distances  are  "traveled"  in  equal  times 
on  lines  of  constant  energy.  Since  the  distance  from  t = 7. 2 hours  to  the  nominal  thrustii^ 
line  is  approximately  1/3  the  distance  between  the  points  at  6.  3 hours  and  7. 2 hours,  an 
additional  0.  3 hours  is  required.  At  this  time  (7.  5 hours),  the  retro  thruster  was  turned 
on.  The  nominal  burn  time  for  the  retro  thruster  is  7500  seconds  at  this  poisition.  At 

8. 3 hours  (3960  seconds  of  On-time),  a data  point  was  taken,  and  indicated  that  the  retro 
thruster  was  stronger  than  the  nominal.  At  t = 8.  3 hours,  the  thruster  could  be  turned 
off,  since  the  energy  level  was  less  than  one,  but  because  of  uncertainties  of  roll  and  yaw 
attitudes,  it  was  felt  that  it  was  better  to  reduce  the  pitch  rate  to  zero  (as  closely  as  possible 
A quick  estimate  of  the  time  to  cross  180  degrees,  based  onthe  amount  of  rate  change  in 

0.  8 hour  (8.  3 hours  -7.5  hours)  is  8.  7 hours.  At  8.  7 hours  the  thruster  was  turned  off, 
and  as  indicated  by  the  subsequent  data  points  in  Figure  3.4-21,  the  spacecraft  captured  in 
the  inverted  position.  Table  3.4-5  shows  the  steps  in  the  procedure  in  tabulated  form. 

(A  table  of  this  sort  is  recommended  for  keeping  track  of  times  and  events).  The  timing 
sequence  for  this  inversion  is  inversion  thruster  for  165  minutes,  a coast  of  285  minutes, 
and  a retro  thruster  On-time  of  71  minutes. 
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Figure  3.4-31..  ATS-A  Inversion  Maneuver 


It  should  be  noted  that  rod  retraction  and  extension  results  in  large  damper  cocking  torques. 
The  maximum  value  observed  during  this  study  was  48, 320  dyne-cm.  This  torque  will,  cause 
the  eddy  current  damper  to  bottom,  resulting  in  loss  of  damping  for  the  duration  of  rod  ex- 
tension or  retraction.  This  loss  of  damping  has  no  significant  effect  on  the  maneuver  because 
it  occurs  for  a very  short  period,  approximately  50  seconds.  However,  the  damper  must  be 
able  to  withstand  this  large  torque  without  being  damaged. 

3. 4. 3. 2 ATS-D  ROD  Retraction/Extension  Analysis 

This  section  describes  a study  performed  to  determine  a specific  inversion  maneuver  for 
ATS-D  employing  rod  retraction  and  extension.  This  work  closely  parallels  the  ATS- A in- 
version study  described  in  Section  3.4. 2. 1.  The  maneuver  was  designed  to: 

1.  Minimize  vehicle  oscillations 

2,  Be  performed  on  a time  basis  only  in  the  event  pitch  attitude  data  is  not  available 
The  pertinent  vehicle  parameters  used  in  this  study  are: 

1.  Nominal  Rod  Length  =123  feet 

2.  X-Boom  Half  Angle  = 25.0  degrees 

3.  Rod  Extension  and  Retraction  Rate  = 1 ft/sec 

As  with  the  ATS-A  study,  the  effects  of  solar  pressure  torques  or  thermal  bending  of  the 
rods  was  assumed  to  be  insignificant. 

Three  sets  of  initial  conditions  were  used  during  the  study  and  are  listed  in  Table  3.4-7.  The 
nominal  set  consists  of  an  undisturbed  spacecraft  rotating  at  orbital  rate  about  its  pitch  axis. 
The  other  two  sets  are  taken  from  a steady  state  computer  simulation  after  the  spacecraft 
reached  steady  state  conditions.  This  simulation  included  the  following  effects: 
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1.  Sim  in  the  orbit  plane  . 

2.  1000  pole-cm  magnetic  dipole  moment  along  the  roll  axis 

3.  CP- CM  displacement  of  1 inch  along  both  the  yaw  and  pitch  axes 

The  sets  labeled  "ct>  min"  and  "w  max"  are  those  for  which  w reached  its  minimum  and 
z z ' z • , 

maximum  values, respectively. 


Table  3.4-7.  Initial  Conditions 


Nominal 

Ci)  min 
z 

CO  max 
z 

0 p (deg) 

0 

-0.2 

-0.1 

6 p (deg) 

0 

-0.4 

-0.3 

0 Y (d®&) 

0 

2.8 

2.8 

y (deg) 

0 

4.8 

2.0 

w (deg/sec) 

0 

1.662  E-4 

-1.278  E-4 

(deg/sec) 

0 

7.440  E-5 

3.724  E-4  . 

CO  (deg/sec) 
z 

0. 004178 

4.  038  E-3 

4.307  E-3 

y (deg/sec) 

0 

1.290  E-4 

-2. 566  E-4 

The  first  task  in  this  study  was  to  determine  to  what  length  the  rod  should  be  retracted. 
Under  nominal  initial  conditions  the  maximum  value  of  retracted  rod  length  for  which  in- 
version occurs  is  80  feet.  For  this  case  the  spacecraft  inertial  rate  is  increased  to  2. 4 

times  orbital  rate.  In  the  most  severe  case,  using  the  o)  minimum  initial  conditions,  the 
• * z 

maximum  value  of  retracted  rod  length  for  which  inversion  occurs  is  also  80  feet. 

To  accomodate  the  uncertainty  in  rod  length  point  out  in  Section  3. 4.3,1,  a nominal  value  of 
70  feet  was  chosen  for  the  retracted  length.  The  effect  of  rod  shortness  is  considered  to  be 
neglible  for  ATS-D  as  it  was  for  ATS-A. 
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Two  computer  runs  were  made  for  inversion  maneuvers  in  which  rod  extension  is  commanded 
at  390. 68  minutes  after  reaching  the  retracted  rod  length.  Retracted  rod  lengths  of  65  and 
75  feet  were  used  which  represent  errors  of  +5  feet.  Initial  conditions  were  chosen  to  pro- 
vide the  worst  case.  The  max"  initial  conditions  were  used  for  retracted  rod  lengths 
below  nominal  and  minimum"  initial  conditions  were  used  for  retracted  rod  lengths 
above  nominal.  Both  inversion  maneuvers  were  successful.  However,  as  expected,  large 
spacecraft  pitch  oscillations  occurred.  The  maximum  amplitude  was  64  degrees. 

The  maximum  value  of  damper  cocking  torque  observed  in  the  ATS-D  inversion  study  was 
16070  dyne-cm. 

3.4.3. 3 ATS-E  Rod  Retraction/Extension  Analysis 

The  ATS-E  spacecraft  differs  from  the  ATS-D  spacecraft  in  several  ways.  From  the  rod 
retraction/extension  analysis  standpoint,  the  most  significant  difference  is  the  rate  at  which 
the  Westinghouse  rods  extend:  0.5  ft/sec  for  the  Westinghouse  rods  compared  to  1 ft/sec 
for  the  nominal  ATS-D.  The  first  step  in  the  analysis  of  ATS-E  was  to  apply  the  ATS-D 
timing  sequence.  Results  are  presented  in  Figure  3.4-33.  Obviously,  die  sequence  is 
unsuccessful  for  the  Westinghouse  extension  rates  and  a new  timing  sequence  is  required. 

A computer  study  similar  to  that  performed  in  Section  3. 4. 2. 2 was  planned  but  was 
delayed  until  it  was  ceiiain  that  the  Westinghouse  rods  would  be  available  for  the  flight. 

By  the  time  the  study  was  reinitiated,  the  spacecraft  had  been  launched  and  it  became 
obvious  that  the  study  was  no  longer  required.  As  a result,  the  analysis  was  terminated. 
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3-5  PERFORMANCE  ANALYSIS 

The  purpose  of  the  ATS  series  of  gravity  gradient  experiments  was  to  evaluate  the  perform- 
ance capability  of  gravity  gradient  stabilization  subsystems.  Part  of  this  evaluation  was 
directed  towards  comparing  the  actual  flight  performance  with  the  performance  predicted  by 
analysis  during  the  design  and  development  phase.  A performance  analysis  of  the  spacecraft 
was  therefore  performed  which  included  a performance  prediction.  Both  steady  state  and 
transient  damping  performances  were  included  in  the  prediction,  and  all  configurations, 
both  nominal  and  experimental,  were  evaluated.  The  experimental  configurations  are  those 
obtained  by  "scissoring"  the  rods  to  half  angles  other  than  the  nominal  of  25  degrees.  The 
steady  state  performance  was  obtained  using  the  procedure  originally  employed  for  the 
second  optimization  (Section  3.2.2),  and  identifies  and  evaluates  each  error  source.  For 
convenience  in  the  performance  prediction  phase,  however,  the  external  torques  were  as- 
sumed to  operate  on  an  ideal  spacecraft,  which  had  no  center  of  pressure/center  of  mass 
offset,  no  thruster  misalignment,  perfectly  straight  rods,  etc.  The  effects  of  manufacturing 
tolerances  were  evaluated  separately,  combined,  and  included  in  the  error  budgets  (Section 
3. 5. 3)  as  a separate  error  source.  Because  error  sources  due  to  tolerances  are  random, 
their  contribution  to  the  performance  prediction  was  approximated  by  root  sum  squaring  all 
the  individual  error  sources.  This  result  was  then  added  directly  to  the  error  estimates 
from  the  external  torques.  The  resulting  error  budgets  include  all  the  known  error  sources. 

Manufacturing  tolerances  not  only  affect  steady  state,  but  damping  and  settling  time,  and 
this  effect  was  determined  analytically.  Typically,  the  effect  on  damping  is  determined 
linearly,  in  conjunction  with  the  rest  of  the  characteristic  equation.  The  approach,  is,  of 
course  restricted  to  small  motions,  but  the  results  may  be  considered  as  representative  of 
the  damping,  at  all  spacecraft  attitudes. 

The  following  sections  contain  a brief  description  of  the  error  sources,  their  effect  on  the 
ATS  spacecraft,  and  an  estimate  (error  budget)  of  the  steady  state  performance  capabilities 
of  the  spacecraft. 
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3.5.1  EXTERNAL  DISTURBANCE  TORQUES 

The  majority  of  the  disturbance  torques  have  been  discussed  in  Section  3. 2. 2 and  the  defini- 
tion and  description  of  the  torques  will  not  be  repeated  here.  The  effect  on  the  optimized 
spacecraft  will  be  noted  in  this  section,  however,  as  well  as  the  effect  of  two  disturbances 
{tip  targets  and  internal  disturbances)  not  previously  considered.  The  "grotmd  rules"  for 
the  performance  prediction  are  shown  in  Table  3. 5-1.  They  consist  primarily  of  a standard 
set  of  spacecraft  and  orbit  parameters.  The  original  studies  assumed  ATS-D  and  ATS-E 
to  be  identical.  Therefore,  results  for  ATS-D  were  also  considered  applicable  to  ATS-E, 


Table  3.5-1.  Performance  Estimate  Assumptions 


• ■ Orbit  Eccentricity  = 0. 005  (ATS-A) 

= 0.  000  (ATS-D) 

• Magnetic  Dipole  = 1000  Pole-CM,  Z-Axis  (ATS-A) 

= 1000  Pole-CM,  Y-Axis  (ATS-D) 

• Internal  Disturbances  = 0. 2 Deg,  All  Axes 

• Stationkeeping  (ATS-D  Only) 

• Thrust  Level  = 10“^  Pounds 

• 30  Days  On/60  Days  Off  (Subsystem  Errors) 

• 1 - Degree  Thrust  Vector  Misalignment 

• Damper  Spring  Null  Shift  = 1 Degree 

• Surface  Properties 

•'  Boom  Reflectivity  = 0.  85  (Specular) 

• Cylindrical  Surface  = 0.  30  (Specular) 

• Solar  Pressure  Ring  = 0.30  (Specular) 

• Boom- Tip  Targets  = 0.50  (Diffuse)  9-Inch  Diameter 

• Solar  Pressure' = 9. 65  x 10"^  Lb/Ft^ 

• Boom  Geometry  Assumptions  (Worst  Case,  Each  Axis) 

• Alignment  Error  = 1.0  Degree 

• Initial  Straightness  = 0. 5 Ft  Env.  Rad.  at  100  Ft 

• Boom  Shortness  = 1.  80  Ft  (ATS-A)  - One  of  Each  Pair 

= 1.  64  Ft  (ATS-D)  - One  of  Each  Pair 

• Surface  Property  Unbalance  (Worst  Case,  Each  Axis) 

• Central  Body  Absorptivity  Unbalance  = 0. 10 

• Boom  System  Absorptivity  Unbalance  = 0. 10 
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3. 5. 1. 1 Magnetic  Torque 

The  magnetic  dipole  of  the  ATS  spacecraft  was  assumed  to  be  1000  pole-cm  (1  ampere 

2 -*  -* 
turn-meter  ) oriented  on  the  Y Axis  (roll) of  ATS- A,  and  the  Z Axis  (pitch)  of  ATS-D.  This 

magnetic  moment  was  not  arbitrary,  but  was  estimated  based  on  the  construction  of  the 

spacecraft.  There  was  concern,  however,  tliat  the  magnetic  moment  of  the  spacecraft 

would  be  higher  than  1000  pole-cm,  and  a brief  study  was  undertalcen  to  determine  the  effect 

of  large  magnetic  dipoles  oriented  arbitrarily.  The  results  for  ATS- A and  ATS-D/E  are 

shown  in  Table  3.  5-2.  For  ATS- A,  the  errors  are  both  sinusoidal  and  constant  (bias),  and 

increase  with  increasing  dipole  (as  would  be  expected  from  the  discussion  of  Section  3. 2. 2. 1. 1 

The  magnet  orientation  which  produces  the  largest  pitch  error  is  along  the  Y axis,  but  the 

orientation  which  produces  the  largest  yaw  error  is  along  the  Z Axis.  As  a worst  case,  the 

maximum  error  in  each  axis  is  quoted  in  the  ATS-A  error  budget  (Table  3.5-10)  for  a 1000 

pole-cm  dipole. 

For  ATS-D,  due  to  its  synchronized  orbit,  only  the  stationary  earth’s  magnetic  field  was  con- 
sidered. Hence  the  attitude  errors  are  biases  only.  The  dipole  orientation  with  the  largest 
error  is  along  the  Y axis,  and  the  error  quoted  in  the  ATS-D  error  budget  (see  Table  3.  5-11) 
is  for  a 1000  pole-cm  magnetic  dipole  located  on  that  axis.  ATS-E  has  the  same  error  (see 
Table  3.  5-12). 

During  the  course  of  the  study,  the  question  of  the  effect  of  magnetic  dipole  on  the  tip  masses 

arose.  The  dipoles  on  the  tip  masses  were  15  pole-cm  each  for  ATS-A,  and  at  6000  nm 

and  28  degree  orbital  inclination,  the  maximum  possible  torque  about  the  damping  axis  due 

_8 

to  these  magnets  is  3. 13  x 10  Ib-ft.  The  torque  may  be  either  sinusoidal  (once  orbital) 
or  constant,  depending  upon  the  orientation  of  the  dipole. 

The  torques  about  the  other  axes  are  transmitted  directly  to  the  spacecraft  since  the  damper 
boom  is  constrained  in  those  axes  and  the  magnets  produce  the  same  effect  as  a spacecraft 
fixed  dipole.  The  maximum  pitch  and  yaw  errors  occur  if  the  torque  is  sinusoidal,  and  the 
maximum  roll  error  occurs  if  the  torque  is  constant.  The  response  functions  for  these  cases 
are  (from  Figure  .3.2-8): 
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Table  3.5-2.  ATS-A  and  ATS-D  Magnetic  Errors 


ATS-A  Magnetic  Errors 


Magnetic 

Dipole 

Moment 

Dipole 

Pitch 

Roll 

Yaw 

Orientation 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

(pole-cm) 

(Axis) 

(Deg) 

(Deg) 

(Deg) 

1000 

-X 

0 

0.1 

0 

0 

0 

0 

5000 

^1 

-0.05 

0.45 

-0.2 

0 

-0.05 

0.55 

10,000 

^1 

-0.05 

0.85 

-0.4 

0.1 

-0.05 

1.05 

1000 

^1 

0 

0.2 

0 

0 

0.55 

0.25 

5000 

^1 

0 

0.8 

0 

0.1 

2.65 

1.45 

10,000 

-0.15 

1.45 

0 

0.2 

5.25 

2.  85 

1000 

0 

0.1 

0 

0 

0 

1.1 

5000 

-0.05 

0.55 

0 

0,2 

-0.25 

5.25 

10,000 

^1 

-0.1 

1.1 

0 

0.4 

-0.6 

10.0 

ATS-D  Magnetic  Errors 


Magnetic 

Dipole 

Moment 

Dipole 

Orientation 

Pitch 

Roll 

Yaw 

(Pole-cm) 

(Axis) 

(Deg) 

peg) 

peg) 

1000 

^1 

0 

0 

0 

5000 

X 

0 

-0.1 

0 

10,000 

-X 

0 

-0.2 

0 

1000 

^x 

0 

0 

0.3 

5000 

^x 

0 

0 

1.5 

10, 000 

^x 

-0.1 

0 

2.  9 

1000 

^x 

0 

0 

0 

5000 

^x 

i 

0 

0 

-0.2 

10,000 

^x 

0 

0.1 

-0.3 

0p/(To/Ioa.o'‘)  = 0-064 


9k'<'^dVo')  “ 

wW> ' 

where 

pitch,  roll  and  yaw  attitude  error  (rad) 
damper  torque  (Ib-ft) 

2 

damper  moment  of  inertia  (slug-ft  ) 
orbital  rate  (rad/sec) 

2 

The  errors  (with  a damper  moment  of  inertia  of  231  slug-ft  ) are  0.  006  degree  in  pitch, 

0.  0035  degree  in  roll,  and  0.  05  degree  in  yaw. 

If  the  torques  are  normal  to  the  damping  axis,  the  effect  is  to  increase  the  effective  dipole 
of  the  spacecraft  from  1000  pole-cm  to  1030  pole-cm  resulting  in  an  increase  in  the  magnetic 
error  of  3 percent.  The  pitch  error  would  increase  0.  006  degree,  and  the  yaw  error  would 
increase  0.  03  degree.  As  a consequence,  the  worst  errors  are  those  when  the  torques  are 
about  the  damping  axis,  hi  neither  case  were  the  errors  large  enough  to  record  on  the  ATS- 
A error  budget. 

The  physical  effect  of  these  torques  on  the  damper  was  also  checked  and  is  negligible.  The 
torque  of  3. 13  x 10  Ib-ft  is  0. 425  dyne-cm.  This  would  result  in  a damper  boom  offset 
(for  a constant  torque)  of  0.  02  degree  based  upon  a damper  spring  capability  of  21  djue- 
cm/deg.  The  cocking  torque  capability  of  the  damper  is  2500  dyne-cm  at  an  angular  offset 
of  approximately  20  minutes.  This  provides  an  average  spring  constant  of  2500  dyne-cm/deg. 
The  magnetic  torque  will  cause  an  angular  displacement  of  5.  6 x 10  degrees.  The  magnetic 
forces  are  negligible. 
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An  additional  magnetic  study  was  performed  for  ATS-E,  assuming  a 1000  pole-cm  dipole 
located  on  the  damper  boom.  The  large  dipole  would  have  been  the  result  of  using  a motorized 
deployment  mechanism  in  place  of  the  currently  employed  self-extending  rod  on  the  ATS-D 
damper  boom.  The  large  magnetic  dipole  is  created  by  the  use  of  nickel  cadmium  batteries 
for  the  deployment  mechanism.  It  was  felt  that  the  torque  created  by  the  dipole  could  signifi- 
cantly alter  the  damping  and  steady  state  characteristics  of  the  gravity  gradient  stabilization 
subsystem. 

To  accurately  evaluate  the  effect  of  this  large  dipole,  the  magnetic  field  at  synchronous 
altitude  had  to  be  more  accurately  modeled.  The  magnitude  of  the  field  (150  gamma)  is  not 
significantly  different  from  that  calculated  based  on  a pure  dipole  model  of  the  earth,  but  the 
direction  of  the  field  is  changed  drastically  by  the  magnetic  effects  of  the  sun.  For  the  pur- 
poses of  analysis,  the  direction  was  assumed  to  be  arbitrary. 

As  a conservative  estimate,  the  magnetic  field  strength  was  assumed  to  be  300  gamma 
(300  X 10  oersted).  The  torque  on  the  damper  boom  due  to  the  1000  pole-cm  magnetic 
dipole  is  3 dyne-cm.  If  the  unit  vector  is  normal  to  the  damping  axis  torque,  the  torque 
appears  as  a cocking  torque  on  the  combination  passive  damper.  The  maximum  value  of  the 
torque  is  3 dyne-cm  compared  to  the  cocking  torque  capability  of  1200  dyne-cm.  There 
should  be  no  structural  difficulty,  therefore,  and  the  only  other  effect  of  the  dipole  in  this 
orientation  would  be  an  attitude  error  on  the  spacecraft.  From  previous  work,  the  maxi- 
mum error  would  be  on  the  order  of  0. 3 to  1.  3 degrees,  depending  upon  the  frequency  of 
the  field  variation  and  its  strength. 


If  the  3 dyne-cm  torque  is  along  the  damping  axis,  it  may'add  or  subtract  from  the  spring 

constant  built  into  the  damper.  The  linear  spring  constant  associated  with  1000  pole-cm  is 

approximately  0.  05  dyne-cm/deg  which  is  slightly  less  than  2 percent  of  the  nominal  spring 

constant  of  3,  5 dyne-cm/deg.  The  actual  spring  constant  on  ATS-E  is  3.  99  dyne-cm/deg  and 

* adding  or  subtracting  0.  05  dyne-cm/deg  keeps  it  within  the  desired  table  tolerance  of 

3.  5 , although  somewhat  on  the  high  side.  No  difficulty  is  anticipated  from  this  effect. 

+20% 
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The  other  effect  of  the  dipole  in  this  orientation  is  to  excite  the  damper  boom  as  the  magnetic 
field  fluctuates.  Assuming  the  maximum  torque  {3  dyne-cm)  occurs  at  the  frequency  with 
the  highest  sensitivity  (0.  75  orbital),  the  peak  error  is  4. 4 degrees  in  yaw.  Pitch  and  roll 
errors  would  be  1. 7 degrees  (if  excited  at  1. 3 orbital)  and  0.  75  degree  (if  excited  at  2.  0 
orbital),  respectively.  The  most  likely  disturbance  torque  frequency  is  orbital,  however,  anc 
at  this  frequency  the  yaw  error  would  be  2.  5 degrees  and  the  pitch  error  would  be  0.  26 
degree.  If  the  torque  is  constant,  the  pitch  and  roll  errors  would  be  on  the  order  of  0. 1 
degree. 

These  error  values  have  been  obtained  assuming  a magnetic  field  of  300  gamma,  arbitrarily 
located,  and  varying  sinusoidally  at  arbitrary  frequencies.  While  there  is  a certain  amount 
of  randomness  to  the  field,  this  represents  an  extreme  case,  and  the  actual  errors  would 
probably  be  much  less.  An  order  of  magnitude  decrease  may  be  conceivable. 

The  errors  resulting  from  this  source  are  not  included  in  the  ATS-E  error  budget  since  the 
deployer  for  the  damper  booms  on  ATS-E  was  not  changed. 

3.  5, 1,2  Solar  Torque  and  Thermal  Bending 

The  estimates  of  the  errors  induced  by  solar  torque  and  thermal  bending  were  obtained  by 
computer  simulation,  assuming  the  spacecraft  to  be  perfect.  Perfection  requires  all 
rods  to  be  the  same,  the  spacecraft  body  to  be  perfectly  balanced  (no  CP/CM  misalignment), 
straight  rods,  etc.  The  error  estimates  obtained  from  this  simulation  will  be  less  than  the 
errors  obtained  for  the  optimization  (Section  3,  2. 2. 1. 3)  since  the  CP/CM  misalignment  is 
not  included.  The  center  of  mass  does  "wander"  as  a result  of  thermal  bending  however, 
and  this  effect  is  included  in  the  results.  As  indicated  in  Tables  3.  5-10,  3.  5-11  and  3,  5-12, 
the  errors  resulting  from  solar  torque  and  thermal  bending  are  primarily  oscillatory.  The 
errors  are  shown  for  two  sun  positions. 

3.  5. 1,  3 Tip  Target  Solar  Torque 

One  of  the  experiments  performed  on  the  ATS  spacecraft  was  to  use  a television  camera  to 
determine  the  motion  of  the  gravity  gradient  rod  under  the  influence  of  thermal  bending. 
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To  determine  the  motion  of  the  -tip  of  the  rod,  a.  9-inch  diameter  target  (of  very  small  thick- 
ness) was  attached  to  the  end  of  each  rod  with  the  target  facing  the  spacecraft.  The  solar 
torques  on  these  tip  targets  were  calculated  for  ATS-D  assuming  the  sun  was  at  the  winter 
solstice,  and  the  absorptivity  and  diffuse  reflectivity  of  the  targets  were  both  0,  5.  The 
torques  on  each  axis,  the  frequency  of  the  torques,  and  resulting  attitude  errors  are  shown 
in  Table  3. 5-3.  The  result  of  combining  the  torques  (with  attention  to  phasing  of  the  individ- 
ual. torques  and  the  responses)  is  shown  in  the  ATS-D'  error  budget  (Table  3."  5-11). 

Table  3.  5-3,  Errors  Due  to  Tip  Targets 


Torque 

Pyne-cm) 

Axis 

Frequency 
(X  Orbital) 

Pitch  Error 
peg) 

• Roll  Error 
(Deg) 

Yaw  Error 
(Deg) 

2.11 

X (Yaw) 

1 

' . . 0.1 

0,1 

1,0 

6.60 

Y (Roll) 

1 

0,1 

0.1 

0.3 

7.75 

Z (Pitch) 

1 

0.2 

oa  ■ . 

0 

The  effect  of  solar  pressure  on  ATS-A  was  determined  by  scaling  the  results  obtained  for 
ATS-D. 


3.  5. 1.  4 Orbit  Eccentricity 

It  is  pointed  out  in  Section  3. 2. 2. 1.  4 that  the  response  to  orbit  eccentricity  is  dependent  only 
upon  the.  non-dimensional  parameters  and  the  orbit  eccentricity.  Since  ATS-A  and  ATS-D 
have  essentially  the- same  non-dimensional  parameters,  their  response  to  orbit  eccentricity 
is  identical.  Only  ATS-A  has  an  orbit  eccentricity  error,  however,  because  ATS-D  is 
synchronous,  and  the  orbit  is  trimmed  to  remove  any  eccentricity.  The  maximum  eccentri- 
city for  ATS-A  was  estimated  to  be  0.  005  based  upon  updated  booster  characteristics.  The 
resulting  errors  are  shown  in  the  ATS-A  error  budget.  Table  3.  5-10.  The  errors  are  lower 
than  those  obtained  for  the  optimization  since  the  updated  eccentricity  estimate  was  less  than 
the  eccentricity  value  used  for  the  optimization. 
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3.  5. 1.  5 Internal  Disturbances 


Several  experiments  placed  aboard  the  ATS  spacecraft  were  known  to  have  rotating  or  scan- 
ning parts.  Movements  of  components  within  the  spacecraft  can  significantly  affect  the  per- 
formance of  a gravity  gradient  spacecraft  since  the  angular  momentum  caused  by  the  motion 
will  interact  with  the  angular  momentum  of  the  spacecraft.  Consequently,  the  effect  of  these 
components  should  be  evaluated.  The  components  were  not  adequately  defined  for  analysis, 
however,  and  an  upper  limit  was  placed  on  the  allowable  error.  The  maximum  was  0.  2 
degree  on  all  axes. 

3.  5. 1.  6 Stationkeeping  Errors 

ATS-D/E  has  two  stationkeeping  thrusters  nominally  located  on  the  roll  axes  of  the  space- 
craft. For  perfect  alignment  of  the  thruster  and  no  center  of  mass/center  of  geometry  off- 
set, the  attitude  error  due  to  stationkeeping  is  the  result  only  of  center  of  mass  wander  due 
to  thermal  bending.  The  magnitude  of  the  resultant  error  is  a function  of  the  distance  the 

center  of  mass  moves  and  the  pulsing  frequency  of  the  stationkeeping  thruster.  The  original 
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optimization  studies  (see  Section  3. 2.  2. 1.  5)  assumed  a constant  thrust  of  0.  5 x 10  pounds, 
half  the  maximum  value.  The  constant  thrust  approach  was  an  ideal  case,  but  provided  a 
basis  of  comparison  for  evaluating  configurations.  Subsequent  to  the  optimization,  it  was 
determined  that  a constant  thruster  could  not  be  employed  for  this  mission,  and  a pulsing 
mode  of  operation  would  be  necessary.  To  reduce  the  errors  associated  with  pulsing,  it  was 
necessary  to  select  a pulsing  frequency  more  compatible  with  gravity  gradient  stabilized 
vehicles.  To  determine  the  optimum  frequency,  use  was  made  of  the  frequency  response 
diagrams  (Section  3.  2.  2).  The  "square  wave"  pulse  train  of  the  thruster  was  approximated 
by  a constant  torque  equal  to  one-half  the  peak  thruster  torque  and  a sinusoidal  torque  of  one- 
half  the  peak  torque.  The  peak  torque  was  obtained  from  the  analysis  contained  in  Section 
3.  2.  2. 1.  5,  and  includes  thruster  errors  resulting  from  thermal  bending,  rod  misalignments, 
etc.  With  this  simplification,  the  principle  of  linear  superposition  can  be  applied  in  con- 
junction with  the  frequency  response  characteristics,  and  an  estimate  of  the  pitch,  roll  and 
yaw  errors  obtained. 
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Figure  3.  5-1  represents  the  estimated  attitude  errors  as  a function  of  pulsing  frequency. 
This  is  the  response  of  the  system  due  only  to  yaw  torques.  There  will  be  pitch  and  roll 
thruster  torques,  but  they  should  result  in  small  errors,  particularly  at  high  frequencies. 
The  curves  have  been  smoothed  in  the  range  of  zero  to  twice  orbital  forcing  frequency, 
because  higher  frequencies  would  normally  be  selected,  and  the  local  hills  and  valleys  are 
of  no  concern.  It  is  evident  from  Figure  3.  5-1,  that  frequencies  higher  than  twice  orbital 
produce  small  errors.  In  the  limit,  the  yaw  error  would  be  approximately  5.  5 degrees,  and 
the  pitch  and  roll  errors  would  be  zero.  The  approach  to  this  limit  is  quite  rapid  and 
negligible  pitch  and  roll  errors  occur  beyond  forcing  frequencies  four  times  orbital.  At 
this  point,  the  estimated  yaw  error  is  5.  7 degrees,  only  0. 2 degree  higher  than  the  minimuir 
In  view  of  the  difficulties  associated  with  high  frequency  pulsing  ftier  telephone  discussions 
with  NASA /Goddard),  and  the  limited  improvement  in  pointing  accuracy,  a pulsing  frequency 
of  four  times  orbital  was  recommended  as  a minimum.  The  relative  insensitivity  of 
spacecraft  performance  to  this  frequency  eases  the  tolerance  requirement  on  the  pulsing. 

The  analysis  from  which  the  frequency  response  characteristics  were  obtained  is  a linearizec 
small  angle  approximation  and  is  the  response  to  a sinusoidal  disturbance.  As  mentioned 
previously,  the  thruster  more  closely  approximates  a square  wave,  and  the  conclusions  drav 
from  the  analyses  were  verified  by  simulation.  Figure  3., 5-2  shows  the  performance  as 
determined  by  simulation  for  the  selected  pulsing  frequency  and  a 50  percent  duty  cycle.  Th< 
peak  yaw  error  is  6. 3 degrees,  slightly  higher  than  estimated.  Yaw  shows  two  characteristi 
frequencies.  The  first  one  is  approximately  four  times  orbital  with  an  amplitude  of  0. 3 
degree  agreeing  closely  with  that  predicted.  It  also,  however,  has  a beat  of  approximately 
0.  3 degree-  amplitude,  at  orbital  frequency,  which  may  be  due  to  the  pitch  excitation. 

As  further  verification  of  the  approximation,  two  additional  runs  were  made:  one  at  twice 
orbital' frequency  (6  hours  on,  6 hours  off)  which  is  the  roll  natural  frequency,  and  one  at 
0.  76  orbital  (the  yaw  natural  frequency).  Figures  3.  5-3  and  3. 5-4  show  the  results. 
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Figure  3.  5-1.  ATS-D  Attitude  Errors  for  Stationkeeping  Thruster 
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Figure  3.  5-2.  Effect  of  Thruster  on  ATS-D 
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PULSING  MODE  6 HRS  ON  - 6 HRS  OFF  (2  x ORBITAL) 
NO  DISTURBANCES  EXCEPT  THRUSTER 


Figure  3.  5-3.  Effect  of  Thruster  on  ATS-D 
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Figure  3.  5-4.  Effect  of  Thruster  on  ATS-D 


Table  3.  5-4  shows  the  estimated  values  from  the  frequency  response,  and  the  values  obtained 
from  simulation.  These  agree  reasonably  well  in  spite  of  the  approximation  and  linearization. 
The  3-liour  on,  3 hour  off  cycle  was  therefore  recommended. 


Table  3.  5-4.  Error  Comparison 


Frequency 
(X  Orbital) 

Pitch 

Error 

Roll 

Error 

Yaw 

Error 

Estimated 

Actual 

Estimated 

Actual 

Estimated 

Actual 

0.76 

1,4 

6.-0 

1.4 

4,5 

29 

2 

0. 25 

0.  72 

1 

mm 

8 

4 

ftiO 

0.1 

^ 0 

0.3 

■■ 
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As  the  stationkeeping  thruster  neared  completion,  it  became  evident  that  even  a 3-hour  on, 
3-hour  off,  cycle  could  not  be  employed.  After  reviewing  the  capabilities  of  the  thruster, 
and  the  stationkeeping  requirements,  a duty  cycle  of  36  days  on,  60  days  off,  was  selected. 
The  errors  shown  in  the  ATS-D  error  budget  (see  Table  3,  5-11)  were  determined  by  com- 
puter simulation  and  represent  the  steady  state  errors  with  no  tolerance  effects.  Peak 
errors  when  the  thruster  is  first  turned  on,  will  be  approximately  twice  as  high  as  those 
shown. 

3.  5.  2 TOLERANCES,  UNCERTAINTIES,  AND  VARIATIONS 

The  preceding  section  evaluated  the  effects  of  external  and  internal  disturbances  as  though 
the  spacecraft  were  perfect.  Manufacturing  limitations,  however,  prevent  a perfect  space- 
craft from  being  constructed,  and  there  will  be  departures-  from  the  ideal  in  many  areas. 

The  effect  of  these  tolerances  and  uncertainties  on  the  spacecraft  performance  were  evaluated 
in  terms  of  the  maximum  possible  attitude  error  they  can  induce,  and  their  influence  on 
transient  damping. 
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3.  5.  2. 1 Transient  Performance  Effects 


Manufacturing  tolerances  affect  not  only  steady  state  performance,  but  transient  damping  as 
well.  The  optimization  presented  in  Section  3. 2. 2. 2 defined  five  parameters  which  affect 
damping  performance: 

1.  Damping  coefficient 

2.  Spring  constant 

3.  Moment  of  inertia  of  the  secondary  boom  (I^) 

4.  Moment  of  inertia  of  the  spacecraft  (I^) 

5.  Angle  (0)  between  the  X rod  plane  and  damper. 

The  primary  effect  of  manufacturing  tolerances  is  to  alter  these  parameters  indirectly.  It 
is  convenient  to  ignore  evaluation  of  each  individual  tolerance,  however,  and  consider  only 
general  variations  of  the  five  parameters.  This  can  be  accomplished  by  using  the  solution 
of  the  characteristic  operation  as  discussed  in  Section  3. 2, 2. 2.  These  solutions  provide 
natural  frequencies,  and  damping  time  constants  for  the  system  for  small  amplitude  motion. 
The  damping  time  constant  quoted  here  and  in  Section  3,  2.  2.  2 is  the  time  constat  of  the 
least-damped  mode.  In  performing  the  analysis,  the  effect  of  spring  constant,  damping 
coefficient,  spacecraft  moment  of  inertia  and  orientation  angle  were  determined  directly 
by  individually  adjusting  the  specific  non-dimensional  parameter.  However,  the  damper 
moment  of  inertia  (I^)  appears  in  three  of  the  non-dimensional  parameters,  and  they  were  all 
adjusted  simultaneously. 

Figures  3.  5-5,  3.  5-6,  3.  5-7,  3.  5-8  and  3.  5-9  present  the  percentage  variation  in  system 
damping  as  a function  of  percentage  variation  in  parameter.  As  mentioned  previously,  the 
analysis  applied  only  to  small  amplitudes,  but  experience  has  shown  that  the  values  are  good 
indicators  of  the  relative  damping  performance  of  the  system  during  large  amplitude  oscilla- 
tions. The  fact  that  the  optimization  is  of  a "spike  type"  (Section  3. 2. 2. 2)  is  readily  apparent 
from  the  pointed  nature  of  the  curves  at  the  origin.  The  change  in  slope  is  real  and  is  not  the 
result  of  the  method  of  plotting. 
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For  the  nominal  system,  only  the  variations  allowed  by  specification  are  of  concern.  The 
variation  in  the  damping  coefficient  is  by  specification,  +40  percent  (15  percent  manufac- 
turing tolerance,  and  25  percent  temperature  effects).  The  effect  on  system  damping  is  a 
74  percent  increase  in  damping  time  (at  worst)  as  shown  in  Figure  3.  5-5.  The  allowable 
spring  constant  variation  is  also  by  specification,  -0,  + 20  percent.  The  effect  of  + 20 
percent  has  been  evaluated  and  the  results  as  shown  in  Figure  3.  5-6,  indicate  a 175  percent 
increase  in  dampin;.>  time. 

There  is  no  specific  illowance  on  the  damper  boom  moment  of  inertia,  but  a tip  mass 
tolerance  of  + 0.  05  poimd,  and  the  rod  length  tolerance  of  + 1/8  feet  allowed  by  specifica- 
tion would  result  in  a worst  case  damper  boom  moment  of  inertia  variation  of  0. 3 percent. 
The  plot  shown  in  Figure  3.  5-7  indicates  a negligible  effect. 

Variations  in  the  moments  of  inertia  of  the  primary  system  (i.  e. , the  X rods)  will  also 
cause  variations  in  damping  performance.  With  a + 0. 05  pound  tolerance  on  the  tip  weights, 
and  a + 2 feet  uncertainty  in  the  length  of  two  of  the  four  rods,  the  moment  of  inertia  of  the 
primary  system  will  vary  1.  6 percent  producing  a 3 percent  increase  in  damping  time 
(Figure  3.  5-8).  The  tolerance  on  the  alignment  of  the  damping  axis  (Figure  3.  5-9)  is 
+ 15  minutes,  and  produces  a negligible  effect. 

3.  5.  2.  2 Steady  State  Effects 

The  primary  effect  of  manufacturing  tolerances  and  uncertainties  on  the  steady  state  per- 
formance is  to  induce  external  torques  and  shift  the  principal  axes.  The  principal  axis 
shift  causes  the  spacecraft  to  "fly"  in  a biased  position,  'with  its  principal  axes  along  the 
orbiting  reference  frame.  Because  the  attitude  of  the  spacecraft  is  measured  with 
respect  to  the  reference  axes  (which  are  no  longer  the  principal  axes),  an  attitude  error 
appears. 

The  torques  created  by  manufacturing  tolerances  are  largely  "solar"  for  ATS- A and  D/E 
and  "thruster"  for  ATS- D/E.  The  gravity  gradient  rods  are  the  largest  sources  of  error  in 
this  respect  and  the  rod  tolerances  are  put  into  four  categories  for  convenience: 
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1.  Rod  length  variations 

2.  Rod  envelope  variations 

3.  Rod  alignment  variations 

4.  Solar  Absorptivity  variations. 

Two  of  these  tolerances,  rod  envelope  variations  and  rod  alignment  were  felt  to  be  impor 
ant  enough  to  be  included  in  the  stationkeeping  Section  (3.  2, 2. 1.  5)  of  the  optimization 
(3. 2. 2, 2),  Much  of  the  work  on  these  two  sources  was  performed  for  the  analysis  con- 
tained in  that  section,  and  is  utilized  in  the  following  sections.  The  work  has  been  ex- 
panded to  include  solar  torque  on  the  toleranced  rods. 

The  misalignment  of  the  stationkeeper  is  another  major  source  .of  torque  which  was  inclu( 
in  the  optimization.  A more  general  study  than  that  previously  performed  is  included  in 
Section  3.  5. 2.  2. 7. 

3.  5, 2. 2. 1 Gravity  Gradient  Rod  Length  Variations 

The  gravity  gradient  rod  specification  requires  that  when  one  rod  of  the  primary  pair 
reaches  its  fully  extended  length  (150  feet)  the  other  rod  of  the  pair  must  be  within  2 feet 
of  it.  Because  there  are  two  pair  of  rods  on  the  spacecraft,  the  specification  permits  two 
rods  to  be  shorter  than  the  other  two.  Depending  upon  which  rods  are  short,  the  principa 
axes  can  shift,  the  center  of  mass  can  shift  (with  respect  to  the  spacecraft),  or  both. 
Figure  3.  5-10  illustrates  all  three  possibilities.  Configuration  (a)  of  Figure  3.  5-10  has  r 
principal  axis  shift,  but  the  center  of  mass  of  the  spacecraft,  as  well  as  the  center  of  soh 
pressure  are  shifted  downwards.  Consequently,  a pitch  solar  torque  and  a pitch  thruster 
torque  (ATS-D/E)  are  created.  Configuration  (b)  has  a large  principal  axis  shift,  but  no 
appreciable  center  of  mass  shift.  There  is  a yaw  induced  solar  torque.  Configuration  (c) 
has  both  a center  of  mass  shift  and  a principal  axis  shift,  although  both  are  of  less 
magnitude  than  those  of  previous  configurations. 
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Figure  3.  5-10.  Gravity  Gradient  Rod  Length  Variations 

Figures  3.  5-11  and  3.  5-12  show  the  yaw  and  pitch  errors  resulting  from  principal  axes 
shifts.  No  roll  errors  were  caused.  The  most  significant  error  is  the  pitch  error. 

Assuming  that  the  variation  in  rod  length  is  linear  with  length,  the  maximum  variation  for 
a 124.  33  foot  rod  is  1. 66  feet.  If  two  rods  are  short  by  1.  66  feet,  one  up  and  one  down  as 
shown  in  Figure  3.  5-lOb,  a 0.  5 degree  pitch  error  results.  A computer  run  was, made 
to  verify  the  pitch  error,  as  well  as  the  yaw  error,  and  both  errors  were  verified. 

Figure  3.  5-13  and  3. 5-14  show  the  yaw  and  pitch  errors  resulting  from  CM  shifts.  No 
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roll  errors  are  caused.  Thruster  forces  of  0.  5 and  1.  0 x 10  pounds  were  assumed. 

The  maximum  pitch  errors  caused  by  principal  axis  shift  and  CM  shift  cannot  exist 
simultaneously.  However,  both  yaw  errors  can  exist  simultaneously.  The  yaw  error 
caused  by  principal  axis  shift  is  always  negative.  Therefore,  whether  the  two  yaw  errors 
add  or  subtract  depends  upon  the  directions  of  the  thruster  force  vector  and  the  CM  displace 
ment.  The  principal  axis  shift  and  the  thruster  errors  for  the  short  rods  are: 
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Figure  3.  5-13.  Yaw  Error  Caused  by  Center  of  Mass  Shift  Resulting  from 

Short  Primary  Rods 
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1, 


Pitch  - Principal  Axis  Shift  Error 


0, 5 degree 


2.  Yaw  - Principal  Axis  Shift  Error  ' 0.  068  degree 

3.  Pitch  - Thruster  Error  0. 14  degree 

4.  Yaw  - Thruster  Error  0.  055  degree 


Then  errors  are  recorded  in  the  ATS-D  and  E error  budgets  of  Section  3.  5, 3. 

The  solar  torque  error  estimates  for  rod  length  variations  contained  in  the  error  budgets 
were  made  by  assuming  the  worst  case  solar  condition  for  each  axis.  The  torques  were 
calculated  for  the  "extra"  rod  lengths,  and  the  errors  calculated  using  the  frequency 
response  characteristics  of  Section  3.  2,  2.  The  worst  case  pitch  errors  occur  when  the 
sun  is  in  the  orbit  plane,  and  the  rod  configuration  is  similar  to  that  of  Configuration 
(a)  in  Figure  3.  5-10.  The  maximum  pitch  error  is  0. 7 degrees,  with  a 0.  7 degrees  yaw 
error  resulting  from  coupling. 

The  largest  yaw  error  occurs  for  the  sun  at  23. 45  degrees  to  the  orbit  plane  with  the  rod 
configuration  similar  to  that  of  Configuration  (b)  of  Figure  3.  5-10.  The  direct  yaw  torque 
produces  a yaw  error  of  2. 6 degrees  with  the  pitch  error  (produced  by  coupling) 
approximately  0. 3 degree.  The  pitch  error  produced  by  solar  torque  at  this  sun  orienta- 
tion cannot  exceed  0.  3 degree  even  with  Configuration  (a);  hence,  the  pitch  error  recorded 
in  the  ATS-D  error  budget  is  0, 3 degree.  The  errors  were  scaled  from  ATS-D  to  obtain 
the  estimates  for  ATS-A. 

3. 5,  2.  2.  2 Gravity  Gradient  Rod  Envelope  Variations 

The  gravity  gradient  rods  are  not  straight  when  manufactured,  but  have  a distinct  curva- 
ture. At  the  start  of  the  ATS  program,  specifications  were  placed  to  restrict  the  curva- 
ture, and  this  specification  was  used  in  the  analysis.  However,  the  rods  for  the  ATS 
spacecraft  were  measured  for  straightness,  prior  to  mounting  in  the  spacecraft  and  indicat- 
ed significant  deviations  from  the  specified  value.  For  the  ATS-A  spacecraft,  the  deviations 
were  so  great  that  a special  study  was  made  using  the  Mathematical  Model  Digital  Computer 
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Program  to  simulate  the  curvature.  The  study  was  expanded  to  include  placement  of  the 
rods  on  ATS-D  in  order  to  minimize  the  attitude  error.  The  two  studies  are  as  follows. 

3.  5.  2,  2. 2. 1 ATS-A  Rod  Envelope  Study.  Strai^tness  measurements  taken  on  the  ATS-A 
gravity  gradient  rods  indicated  that  the  rods  were  significantly  curved  and  the  question 
immediately  arose  as  to  the  effect  on  spacecraft  performance  of  the  curved  rods.  The 
ATS  Mathematical  Model  computer  program  was  not  designed  to  accommodate  initially 
curved  rods,  but  the  measured  curvature  was  large  enough  (see  Figures  3.  5-15  and  3. 5-16) 
to  warrent  changing  the  model.  To  avoid  extensive  changes  in  the  Mathematical  Model, 
it  was  conventient  to  use  a parabolic  approximation  of  the  initial  curvature  of  the  rod,  and 
the  appropriate  additions  were  made  to  the  model. 

To  determine  the  effect  of  initial  rod  curvature  on  the  spacecraft  performance,  three 
computer  runs  were  made: 

1,  Nominal  straight  rod  case 

2,  Straight  rod  approximation  to  the  initially  curved  rod 

3,  The  parabolic  approximation  to  the  initially  curved  rod 

The  only  disturbances  considered  in  the  rims  were  those  due  to  the  sun,  and  the  orbit 
eccentricity. 

The  effects,  on  the  spacecraft  attitude  errors,  of  the  curved  rods  (see  Figures  3.  5-18  and 
3.  5-19)  are  significant  when  compared  to  the  attitude  errors  of  the  initially  straight  rods 
(see  Figure  3.  5-17).  The  difference  between  the  straight  rod  approximation  to  the  initially 
curved  rod  and  the  parabolic  approximation  are  negligible  (Figure  3.  5-20),  . As  a consequence 
the  simpler  straight  rod  approximation  to  the  curved  rods  was  adopted  and  the  error 
estimates  were  based  upon  that  model. 
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Figure  3.  5-15,  Serial 
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101  Primary  Boom  Profile 


3-254 


Figure  3.  5-16.  Serial  Number  102  Primary  Boom  Profile 


TIME  (HCUHS) 


Figure  S.  5-19.  Steady  State  Performance  of  ATS-A  Curved  Eod  Simulation 


The  error  contributions  of  the  rods  were  broken  into  biases  which  were  assumed  to  be  the 
result  of  solar  pressure.  The  errors  indicate  a pitch  error  growth  of  3. 4 degrees  in 
oscillation,  a roll  axis  bias  error  of  1. 1 degrees,  .with  an  oscillatory  error  increase  of 
2, 0 degrees,  and  a yaw  bias  of  -4.  5 degrees  with  an  oscillatory  increase  of  9, 1 degrees. 
These  errors,  however,  were  felt  to  be  too  much  of  an  extreme.  The  in-plane  bending 
shown  in  Figures  3. 5-15  and  3. 5-16  can  be  partially  corrected  by  scissoring' the  rod  deploy- 
ment units  in  orbit,  and  bringing  the  products  of  inertia  down.  This  significantly  reduces  the 
pitch  and  yaw  bias , and  brings  the  configuration  more  towards  the  nominal.  As  a result, 
the  solar  torque  on  the  configuration  is  also  reduced.^  The  estimated  attitude  errors  for 
ATS-A  with  the  rod  half  angles  trimmed  are  shown  in  the  ATS-A  error  budget  of  Section 
3,  5.3.  The  biases  cannot  be  completely  removed,  however,  since  scissoring  is  symmetri- 
cal and  the  rod  offsets  are  not.  Note  that  the  roll  bias  error  is  not  significantly  reduced 
by  scissoring,  because  it  is  largely  the  result  of  the  out-of-plane  bending  of  the  rods  of 
Serial  No.  102  rod  deployment  .mechanism.  The  "positive"  bending  of  one  rod,  and  the 
"negative"  bending  of  the  other  is  particularly  severe. 

Subsequent  to  these  studies,  structural  analyses  performed  on  the  rods  indicated  that  much 
of  the  curvature  measured  on  the  rods  was  a result  of  the  manner  in  which  the  rods  were 
measured  (see  Section  3. 5, 2.  2, 2, 2).  Subsequent  measurements,  in  conjimction  with 
structural  analyses,  revealed  that  in  a zero  0 field  the  rods  would  bend  considerably  less 
in  most  cases  by  a factor  of  at  least  three.  Consequently,  the  attitude  errors  would  be 
much  less  than  those  recorded  in  the  error  budgets. 

3.  5,  2,  2.  2.  2 ATS-D  Rod  Envelope  Study.  The  effect  of  the  initially  curved  rods  in  ATS-A 
was  quite  severe  as  noted  in  the  ATS-A  error  budget.  The  effect  on  ATS-D  would  be  even 
more  severe  because  the  reduction  in  gravity  gradient  torque  at  synchronous  altitude 
increases  the  solar  torque  effects.  As  a consequence,  every  rod  planned  for  use  on  ATS-D 
was  measured  for  straightness.  As  anticipated,  the  rods  were  not  straight,  and  the  curva- 
ture varied  from  rod  to  rod  in  both  magnitude  and  direction.  The  actual  value  of  the 
curvature  obtained  by  ground  test  was  felt  to  be  pessimistic,  however,  because  the  rods 
were  constrained  in  one  axis,  the  effect  of  gravity  was  not  removed,  and  the  overlap  seam 
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was  artificially  forced  to  repeat  the  contour  observed  in  vertical  suspension  tests.  To 
correct  for  this,  a structural  analysis  was  performed  which  removed  all  test  constraints 
and  projected  the  results  into  a zero  G field.  Six  gravity  gradient  rods  were  evaluated  in 
- this  manner  for  two  primary  boom  units;  Serial  No.  100  and  Serial  No.  105. 

To  minimize  the  spacecraft  attitude  errors  resulting  from  these  rods,  it  was  decided  to 
evaluate  spacecraft  performance  for  all  possible  rod  combinations  and  permutations. 

To  determine  the  best  rods  to  use  on  ATS-D,  studies  were  performed  to  determine  the 
solar  pressure  errors,  and  the  principal  axis  rotations  caused  by  the  curved  rods.  A 
preliminary  study  immediately  eliminated  two  of  the  rods,  Rod  2 of  Serial  No.  105 
primary  rod  erection  unit,  and  Rod  1 of  Serial  No.  100  primary  unit.  The  curvature  of 
these  two  rods  was  excessive,  and  significantly  impaired  spacecraft  performance. 

To  determine  the  best  location  for  each  of  the  remaining  four  rods,  it  was  necessary  to 
calculate  the  effect  of  solar  pressure,  center  of  mass  shift,  and  principal  axis  rotation. 
Since  there  are  four  rods  and  four  rod  locations,  the  number  of  permutations  is  24. 

The  use  of  the  mathematical  model  for  evaluation  of  the  performance  was  felt  to  be 
unwarranted,  as  well  as  expensive,  and  a small  linearized  program  was  utilized.  This 
program  performs  all  calculations  assuming  the  rods  are  straight,  and  it  is  necessary  to 
make  a straight  rod  approximation  to  the  curved  rods.  The  most  accurate  approach  is  to 
calculate  the  tip  mass  location  of  the  curved  rod,  and  determine  the  orientation  a straight 
rod  must  have  in  order  to  have  the  same  tip  mass  location.  This  calculation  was  per- 
formed (see  Appendix  F)  for  the  ATS-D  configuration.  The  tip  deflections  for  all  the  rods 
are  shown  in  Table  3,  5-5.  The  rod  lengths  were  assumed  to  be  121  feet  rather  than  the 
normal  123  feet  to  reflect  the  latest  change  in  rod  length  (for  ATS-D),  All  other  parameters 
were  nominal. 

Since  the  rods  were  considered- independently,  a number  designation  was  given  to  each  rod 
corresponding  to  the  primary  boom  unit  on  which  it  was  originally  installed,  and  the 
number  the  boom  had  on  that  unit  (i,  e. , 1041  is  Boom  Number  1 on  Serial  No.  104  primary 
boom  unit).  There  are  four  locations  on  the  spacecraft,  and  these  were  given  letter 
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Table  3.  5-5.  Rod  Tip  Deflections 


Boom  No. 

Parallel  to 
X Rod  Plane 
(ft) 

Perpendicular  to 
X Rod  Plane 
(ft) 

104-1 

3.0 

1.0 

104-2 

0.  9 

1.1 

105-1 

0,3 

2.4  '• 

105-2 

4,  9 

4,6 

100-1 

4,2 

2.6 

100-2 

0.1 

0,2 

The  sign  of  the  deflection  was  adjusted  at  each  boom  location 
(A,  B,  C,  and  D). 

designations  A,  B,  C and  D as  shown  in  Figure  3.  5-21,  With  the  original  boom  place- 
ment plan,  the  booms  have  the  designations:  1041A,  1051B,  1052C  and  1042D.  Rod 
1052  was  subsequently  replaced  by  1002,  and  the  new  configuration  was  considered  the 
"standard, " 

Because  all  possible  combinations  of  rods  were  considered,  "mirror  images"  appear. 
Mirror  images  are  the  configurations  which  require  only  an  interchange  of  the  primary 
boom  xmits,  not  relocation  of  the  booms.  The  mirror  image  of  the  standard  configuration 
is  1051A,  1042B,  1041C,  and  1002D. 

The  results  of  the  computer  runs  are  shown  in  Table  3. 5-6,  Ail  the  errors  shown,  with 
the  exception  of  the  yaw  oscillation  error,  are  those  of  a rigid  body  (i,  e. , fixed  damper 
boom).  The  difference  in  the  pitch  and  roll  performance  between  a rigid  body  and  an 
ATS- type  spacecraft  is  not  very  large  (approximately  10  percent  at  orbital  frequency), 
and  no  adjustment  was  required.  The  yaw  error  had  to  be  adjusted  for  the  ATS-type  con- 
figuration because  of  a significant  difference  in  performance.  Coupling  between  the  axes 
was  not  considered. 
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Figure  3,  5-21.  ATS  Standardized  Configuration 


Table  3,  5-6.  Results  of  Computer  Runs 


* Reference  Case  **  Selected  Case 

MI  Mirror  Image  of  Preceding  Case 
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The  error  values  on  Table  3.  5-6  indicate  that  effect  of  the  curved  rods  is  not  major,  but  is 
too  large  to  be  ignored.  The  standard  ease  is  not  a good  arrangement  when  compared  to  . 
many  of  the  other  cases  because  of  the  large  pitch  error  (1, 4 degree  oscillation).  Its 
mirror  image  is  quite  good,  however,  and  was  tentatively  recommended. 

To  check  the  recommendation,  two  computer  runs  were  made  on  the  Mathematical  Model, 
simulating  the  standard  case,  and  its  mirror  image.  The  results  are  peak  errors  (bias 
plus  oscillation)  of  1.4  degrees  in  pitch,  0. 8 degree  in  roll,  and  4.  0 degrees  in  yaw  for  the 
standard  case,  and  0.  8 degree  in  pitch,  0. 6 degree  in  roll,  and  1. 7 degrees  in  yaw  for  the 
mirror  image.  These  runs  agree  with  the  conclusions  drawn  from  the  linearized  program. 
As  a result,  the  rod  units  were  interchanged. 

The  attitude  errors  for  the  selected  rod  configuration  are  included  in  the  ATS-D  error  budgi 
of  Section  3.  5.  3,  The  errors  represent  the  absolute  difference  between  the  nominal  con- 
figuration and  the  reference  configuration.  The  biases  were  assumed  to  be  due  to  principal 
axis  shift  entirely,  and  the  oscillations  were  attributed  to  solar  pressure.  The  solar  torque 
errors  were  corrected  for  sun  out  of  the  orbit  plane. 


The  attitude  error  created  by  the  stationkeeper  is  also  influenced  by  the  rod  envelope, 
because  the  spacecraft  center  of  mass  shifts  due  to  the  non-straight  rods.  The  amount  of 
shift  is  not  large  for  the  selected  rods,  however,  being  less  than  0.  6 inch  along  the  pitch 
axis.  The  steady  state  yaw  error  (constant  torque)  is  approximately  1.  8 degrees  for  this 
amount  of  shift.  The  pitch  error  is  negligible  because  the  direct  pitch  torque  is  much  less 
than  the  yaw  torque  and  the  pitch  axis  is  considerably  stronger.  The  roll  error  is 
negligible  since  there  is  no  direct  roll  torque. 

3. 5. 2.  2. 3 Rod  Alignment  Variations 

Misalignment  of  the  gravity  gradient  rods  will  produce  attitude  errors  in  a manner  similar  ' 
to  the  rod  curvature.  It  was  in  fact,  pointed  out  in  Section  3.  5. 2. 2.  2. 1 that  the  effect  of 
curved  rods  could  be  simulated  by  appropriately  oriented  straight  rods.  Rod  alignment 
causes  a change  in  the  geometry  which,  as  with  the  other  rod  tolerance  effects,  produces 
solar  torque  errors,  thruster  errors,  and  principal  axis  alignment  errors. 
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The  worst  case  principal  axis  alignment  is  when  ail  the  rods  are  misaligned  in  such  a way 
as  to  add.  This  results  in  either  a pitch  or  roll  error  of  1 degree.  The  pitch  error  can 
be  partially  overcome  by  appropriate  rod  scissoring.  The  yaw  error  does  not  relate 
directly  to  the  rod  alignment,  but  must  be  calculated  considering  the  geometry  of  the  space- 
craft. This  results  in  a yaw  error  which  is  beyond  the  misalignment  of  one  degree.  The 
worst  case  error  is  1.  9 degrees  and.  is  shown  in  the  error  budget  in  Section  3. 5,  3, 

The  solar  torque  error  produced  by  rod  misalignment  is  maximized  when  the  rods  are 
oriented  such  as  to  produce  a large  center  of  pressure  shift.  The  two  positions  of  great- 
est solar  torque  are  with  rods  all  misaligned  forward  (or  backward)  so  as  to  move  the 
center  of  pressure  along  the  z axis.  The  latter  arrangement  provides  both  roll  and  yaw 
torques  when  the  sun  is  in  the  orbit  plane,  and  the  former  prevents  roll  and  yaw  torques 

when  the  sun  is  out  of  the  orbit  plane.  The  solar  torques,  as  determined  by  simulation, 
are  shown  in  the  error  budgets. 

The  yaw  attitude  error  caused  by  the  stationkeeping  thruster  for  ATS-D/E  as  a function  of 
out  of  plane  rod  misalignment  is  shown  in  Figure  3.  5-22.  This  error  is  the  static  error, 
and  coupling  to  the  other  axes  is  negligible.  A direct  pitch  torque  can  be  obtained  with 
appropriate  rod  position,  but  the  center  of  mass  shift  is  in  the  X-Y  plane,  and  is  much 
smaller  than  the  actual  plane  shift.  The  pitch  error  from  this  small  CM  offset  is  negligi- 
ble. The  roll  torque  is  essentially  zero,  producing  no  attitude  error. 

3. 5. 2, 2. 4 Solar  Absorptivity  Variations 

The  nominal  coefficient  of  absorptivity  for  the  gravity  gradient  rods  is  required  to  be  0. 15 
and  the  rods  have  been  silver-plated  to  achieve  this  absorption.  However,  variations  in 
silver  plate,  silver  corrosion  while  stored  on  the  ground,  and  variations  in  surface  con- 
dition will  alter  the  actual  absorptivity;  The  absolute  absorptivity  is  of  importance  to 
thermal  bending,  but  the  difference  among  the  rods  is  of  importance  to  solar  torque.  The 
pitch,  roll  and  yaw  torques  for  ATS-^A  and  D have  been  calculated  assuming  the  worst 
arrangement  of  absorptivites  on  each  axis,  and  the  "worst"  time  in  orbit.  For  pitch  and 
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roll,  the  worst  rod  arrangement  is  when  the  two  up  rods  have  reflectivities  different  from 
the  down  rods  (or  vice  versa).  The  worst  case  for  yaw  is  when  the  two  leading  rods  have 
reflectivities  different  from  the  two  trailing  rods  .(or  vice  versa). 

The  errors  shown  for  a rod  absorptivity  difference  of  1.  0 are  shown  in  Table  3, 5-7  for 
ATS-A  and  Table  3,  5-8  for  ATS-D,  and  the  analysis  is  contained  in  Appendix  G.  Such  a 
difference  in  reflectivities  is  virtually  impossible  because  one  rod  would  have  to  be 
purely  absorptive  and  one  purely  reflective.  A difference  of  0. 1 is  more  likely,  and  the 
error  budgets  of  Section  3.  5. 3 reflect  this  value, 

3,  5,  2.  2.  5 Spring  Null  Shift 

hi  Section  3. 1,  it  was  pointed  out  that  the  principal  of  operation  of  the  spacecraft  requires 
that  the  damper  boom  be  placed  in  unstable  gravity  gradient  equilibrium,  and  stabilized 
with  a spring.  For  this  reason,  the  damper  boom  is  in  the  horizontal  plane,  and  the 
spring  is  adjusted  to  have  zero  torque  when  the  boom  is  perpendicular  to  the  spacecraft 
yaw  axis.  Nominally,  therefore,  the  spring  null  is  coincident  with  the  gravity  gradient 
null. 


The  actual  position  of  the  spring  null  with  respect  to  the  yaw  axis  is  determined  by  the 
alignment  procedures  on  the  ground.  Preliminary  indications  were  that  the  spring  in  the 
passive  hysteresis  damper  could  not  be  controlled  to  accuracy  any  better  than  approximately 
1.  5 degrees.  The  effect  of  this  spring  null  shift  is  to  cause  the  damper  boom  to  be  in 
unstable  equilibrium  when  horizontal,  and  it  will  "droop."  The  new  equilibrium  position 
for  the  boom  is  where  the  spring  torque  equals  the  gravity  gradient  torque.  With  the 
damper  in  the  new  position,  the  principal  moments  of  inertia  of  the  spacecraft  are  no 
longer  along  the  reference  axes,  and  bias  errors  develop.  The  errors  were  determined 
by  computer  simulation  (the  simplest  approach)  for  ATS-A  and  ATS-D.  The  results  are 
shown  in- Table  3.5-9.  A value  of  1.5  degrees  was  selected  as  the  spring  null  shift  for 
the  error  budgets  of  Section  5.3.3. 
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Table  3.  5-9.  Error  Budget  for  Steady-State  Conditions 


ATS-A 


Spring  Null 

Ay  = 0. 5° 
r? 

Ay  = 1° 

T? 

Ay  = 1.  5° 
V 

9 

Bias 

0.1 

0. 1 

0.2 

P 

Amp 

0 

0 

0 

Bias 
-0. 1 

-0. 1 

-0.1 

r 

Amp 

0 

0 

0 

Bias 

0 

0 

0.  05 

Amp 

0 

0 

0.  05 

ATS-D 

«p 

> 

CD 

Spring  Null 

Bias 

Amp 

Bias 

Amp 

Bias 

Amp 

Ay  = 0. 5° 

0. 1 

0 

-0.1 

0 

0 

0 

T) 

Ay  = 1. 0° 

0.1 

0 

-0.1 

0 

0 

0 

T? 

-0.2 

Ay  = 1. 5° 

0.  2 

0 

0 

0.1 

<0.05 

V 

3.  5.  2.  2.  6 Spacecraft  Solar  Torque 

The  ATS  spacecraft  is  a cylindrical  vehicle,  72  inches  long  by  56  inches  in  diameter  (see 
Figure  3.  5-23).  Externally  it  is  divided  into  three  bands;  two  outer  bands  consisting  primarily 
of  solar  cells,  and  a center  band  (the  primary  structure)  whose  surface  is  coated  for  thermal 
control. 

For  the  spacecraft  to  have  zero  solar  torque,  the  center  of  solar  pressure  must  be  at  the 
center  of  mass  for  all  sun  angles.  This  can  be  accomplished  only  if  the  center  of  mass  is 
at  the  center  of  geometry,  and  only  if  the  ends  of  the  spacecraft  have  the  same  specular 
reflectivity  as  the  cylindrical  portion  of  the  spacecraft.  The  first  criterion  was  met  by 
making  the  spacecraft  mass  distribution  symmetrical  with  respect  to  the  center  of  geometry. 
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Figure  3.5-23.  ATS-E  Configuration 
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The  second  criterion  was  met  fay  the  introduction  of  solar  pressure  rings  on  the  ends  of 

the  spacecraft.  The  rings  are  high  reflectivity  annuluses  which  correct  for  the  dark  end 
section. 

3.  5.  2. 2, 6. 1 ATS-A  and  ATS-D.  The  nominal  solar  torque  is  zero,  but  solar  torque  will 
appear  on  the  spacecraft  whenever  the  solar  reflectivities  deviate  from  the  nominal.  Two 
cases  are  considered:  variations  in  reflectivity  of  the  cylindrical  section  and  variations 
between  the  cylindrical  portion  and  the  end  section.  The  cylindrical  reflectivities  produce 
the  greatest  torque  when  the  sun  is  in  the  orbital  plane.  The  torque  is  a function  of  the 

reflectivity  variations  of  the  surface.  Assuming  a variation  of  0. 1,  the  errors  are  as  shown 
in  the  error  budget. 

The  end  effect  is  most  severe  when  the  sun  is  out  of  the  orbit  plane,  and  the  errors 
shown  in  the  error  budget  are  for  a reflectivity  variation  of  0. 1 between  the  end  and  the 
cylindrical  surface. 

3.  5.  2.  2.  6,  2 ATS-E.  The  ATS-E  spacecraft  preserved,  the  basic  solar  symmetry  of  ATS-D, 
but  a large  number  of  experiments  were  added  which  upset  the  solar  pressure  balance.  The 
experiments  include  a solar  cell  experiment  and' an  L-band  experiment,  as  well  as  the 
magnetometer  and  boom  associated  with  the  magnetic  sample  and  hold  damping  system. 

These  experiments  (shown  in  Figure  3.5-23),  produce  a significant  solar  torque  which  must 
be  included  in  the  error  budget. 

To  obtain  the  appropriate  solar  torque  profile,  a small  computer  program  simulating  solar 
torques  was  used.  The  complexity  of  the  configuration  prevented  a meaningful  three-axis 
simulation,  and  the  errors  caused  by  the  central  body  were  calculated  on  a linear  basis. 

The  errors  are  shown  in  the  ATS-E  error  budget  (see  Table  3.  5-12),  which  has  not  been 
divided  into  end  effects  and  surface  effects' since  only  the  attitude  error  (total)  is  known. 
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3.  5.  2, 2.  7 Stationkeeping  Tolerances 

The  stationkeeper  produces  the  largest  force  on  the  A'TS-D/E  spacecraft,  and  to  keep  the 

level  of  applied  torque  low,  the  force  vector  must  pass  through  the  center  of  mass  of  the 

spacecraft.  Two  tolerances  identifiable  with  the  thruster  can  prevent  that  from  occurring: 

misalignment  of  the  thruster  and  mounting  location  tolerances.  The  latter  effect  is  small 

compared  to  the  misalignment  effect  and  is  not  considered.  The  torque  caused  by  the 

misaligned  thruster  is  given  by  Equation  3..2-29  and  with'  the  thruster  thrusting  along  the 

roll  axis,  will  produce  a yaw  or  pitch  torque.  For  a one  degree  misalignment,  a thrust  of 
-5 

10  pounds,  and  the  thruster  located  at  the  periphery  of  the  spacecraft  (29  inches),  the 

-7 

torque  is  4. 2x10  ft-lb,  which  produces  a yaw  error  of  1, 4 degrees  or  a pitch  error  of 
0. 1 degree.  There  is  no  roll  error  because  there  is  no  roll  torque. 

3.  5.  2.  2.  8 Center  of  Mass  Uncertainty 

The  position  of  the  center  of  mass  is  nominally  coincident  with  the  center  of  geometry. 
However,  the  center  of  mass  is  not  known  exactly,  and  to  allow  for  variations  and  unknowns, 
it  is  assumed  that  the  center  of  mass  is  not  known  to  within  0.  5 inch.  This  imcertainty  will 
produce  only  solar  torque  errors,  and  thruster  errors  because  it  is  assumed  that  there  is 
no  principal  axis  shift  associated  with  the  uncertainty. 

The  center  of  mass  uncertainty  can  produce  either  a pitch  or  yaw  stationkeeper  torque. 
Coincidentally,  the  errors  induced  by  the  center  of  mass  uncertainty  are  virtually  identical 
to  those  created  by  the  rod  misalignment  errors.  These  errors  for  ATS-D/E  are  0, 1 
degree  in  pitch  and  1. 4 degrees  in  yaw,  and  they  are  shown  in  the  error  budget  in  Section 

3.5.3. 

The  solar  torque  error  is  largest  on  yaw,  especially  with  the  sim  in  the  orbit  plane. 
Nominally,  the  center  of  pressure  (CP)  is  at  the  geometric  center  of  the  spacecraft;  hence, 
the  CP/CM  misalignment  is  due  only  to  the  CM  uncertainty,  and  is  therefore  one-half  inch. 
The  yaw  error  produced  by  this  offset  is  1.  6 degrees  with  a pitch  error  of  0. 2 degree,  and 
a roll  error  of  0. 1 degree  for  ATS-D/E.  These  were  calculated  using  the  total  area  of  the 
spacecraft,  and  the  frequency  response  functions  of  Section  3.  2. 2.  The  errors  are  some- 
what smaller  with  the  sun  out  of  the  orbit  plane.  The  results  were  scaled  down  for  ATS-A. 
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3.  5.  3 ERROR  BUDGETS 

The  error  budgets  for  ATS-A,  D,  and  E are  shown  in  Tables  3. 5-10,  3. 5-11,  and  3, 5-12 
respectively.  Each  table  is  divided, into  two  main  charts,  one  containing  the  overall 
performance  estimates,  including  the  effect  of  disturbance  torques,  and  one  detailing  the 
effects  of  individual  manufacturing  tolerances.  Several  sun  position  are  considered  since 
the  sun  position  changes  with  time.  The  extreme  cases  for  ATS-D/E  are  equinox  (sun  in 
the  orbit  plane)  and  solstices  (sun  23.  5 degrees  to  the  orbit  plane).  Both  cases  are  shown. 
The  highest  sun  position  relative  to  the  orbit  plane  for  ATS-A  is  approximately  51.  5 degrees 
but  this  position  is  not  reached  in  the  first  year  of  operation.  Consequently,  "a  position 
of  26  degrees  was  used. 


The  attitude  errors  are  broken  into  bias  errors  and  oscillation  errors  for  convenience  in 
evaluating  flight  performance.  As  a total  error  estimate,  the  effect  of  the  external  dis- 
turbance torques  were  added  directly  without  regard  to  phasing.  This  total  is  then  added 
to  the  root  sum  square  of  the  tolerance  effects  for  a total  error  estimate.  For  ATS-D, 
the  stationkeeper  is  a significant  error  source,  but  is  not  on  at  all,  times.  The  ATS-D 
error  budgets  therefore  contain  error  estimates  with  and  without  stationkeeper.  The 
transient  caused  by  turmng  the  thruster  on  or  off  has  not  been  included. 

3.5.4  SPECIAL  DAMPING  STUDIES 

In  conjunction  with  the  spacecraft  performance  estimates  discussed  in'  the  preceeding 
section,  several  special  studies  were  performed.  These  were  related  to  the  effects  of 
actual  damper  parameters  on  spacecraft  capture  and  damping.  The  actual  damper  charac- 
teristics were  obtained  from  test  and  used  to  initialize  the  computer  simulation.  One 
modification  had  to  be  made,  however.  Previous  computer  studies  (to  determine  the 
optimum  hysteresis  contour)  used  an  ideal  approximation  to  the  Variable  Torque  Hystereses 
Damper.  To  correctly  simulate  the  actual  VTHD  damper,  a curve  fitting  routine  was  ' 
added  to  the  Mathematical  Model.  This  routine  accepted  input  test  data  and  constructed 
a hysteresis  contour  to  fit  the  data. 
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Table  3. 5-lOA.  ATS- A Error  Budget 


Sun  26  To  Orbit  Plane 


Error  Source 
Magnetic  Errors 

Solar  Torque  and  Thermal  Bending 
Eccentricity  = 0. 005 
Tip  Targets 

Internal  Disturbance  (Limit) 

RSS  Errors  (See  Table  3.5-lOB) 

Total  Sum  of  Errors 


Pitch 

Roll 

Bias 

— 

Osc 

Bias 

Osc 

Pitch 


Sun  in  Orbit  Plane 


Roll 


as  Osc  Bias  Osc  Bias  Osc 


Moments  of  Inertia 

Pitch  Roll  Yaw  Damper 

1378.4'  5804.3  1378.4  231 


58.  20  53.  40 


6 

-4.  8° 


i 

25. 02O 


I X Rods 

d / 


. HTCK-AXIS 


Damper 

Boom 
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Table  3,5-lOB.  ATS-A  Design  Tolerance  Effects 


Sun  26°  To  Orbit  Plane 


Sun  in  Orbit  Plane 


ATS-A 

Tolerance  Effects 


Cylinder  Reflectivity 
End  Effect 
Surface  Effect 

Unequal  Rod  Absoiptivity 

Spring  Null  Shift 

Rod  Shortness 

Principal  Axis  Shift 
Solar  Torque 

Rod  Non- Straightness 
Principal  Axis  Shift 
Solar  Torque 

Rod  Misalignment  Angle  = 1.  0 Degree 
Principal  Axis 
Solar  Torque 

Center  of  Mass  Shift  {Solar  Torque) 

RSS  Errors 


Pitch 


Bias  Osc  Bias  Osc  Bias  Osc  Bias  Osc  Bias  Osc  Bias  Osc 


0.2  0 


0.2  0 


0.5  0 


0.3  0 


0.5  0 

0 0 


0.2  0 


0.1  0 


0.3  0 


0. 6 0 

0 0 


0 0.1  0 0 

0. 8 0.2  0.7  0.2 


Osc 

Bias 

0 

0 

0 

0 

0.2 

0 

0 

0.2 

0 

0.5 

0. 1 

0 

0 

0.  3 

0 

0.5 

0 

0 i 

0.  1 

0 

0.2 

0.8 

Moments  of  Inertia 


ROLL  AXIS 


Table  3.5-llA.  ATS-D  Error  Budget 


Sun  23. 5^  To  Orbit  Plane 

Sun  In  Orbit  Plane  ^ 

Pitch 

Roll 

Yaw 

Pitch 

Roll 

Yaw  1 

Error  Source 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

With  Station-Keeping: 

Magnetic  Errors  (Fixed  Field) 

0 

0 

0 

0 

0.3 

0 

0 

0 

0 

0 

0.3 

0 

Solar  Torque  and  Thermal  Bending 

0.2 

1.4 

0.1 

1.7 

0.2 

2.0 

0 

1.3 

0 

1.2 

0 

1.1 

Tip  Targets 

0 

0.2 

0 

0.2 

0 

1.1 

0 

0.1 

0 

0.1 

0 

0.7 

Internal  Disturbances  (Limit) 

0 

0.2 

0 

0.2 

0 

0.2 

0 < 

0.2 

0 

0.2 

0 

0.2 

Thruster  Errors  (30  Days  On) 

0.1 

0.6 

0.2 

0.1 

1.0 

2.3 

0.1 

0.4 

0.1 

0.4 

1.6 

2.2 

RSS  Errors  (See  Table  3.5- IIB) 

1.2 

1.7 

1.0 

0.2 

5,3 

3.0 

1.2 

1.5 

1.0 

0.2 

5.3 

4.9 

Total  Sum  of  Errors 

1.5 

4.1 

1.3 

2.4 

6.8 

8.6 

1.3 

3.5 

1.1 

2.1 

7.2 

9.1 

Without  Station-Keeping: 

Magnetic  Errors  (Fixed  Field) 

0 

0 

0 

0 

0.3 

0 

0 

0 

0 

0 

0.3 

0 

Solar  Torque  and  Thermal  Bending 

0.2 

1.4 

0.1 

1.7 

0.2 

2.0 

0 

1.3 

0 

1.2 

0 

1.1 

Tip  Targets 

0 

0.2 

0 

0.2 

0 

1.1 

0 

0.1 

0 

0.1 

0 

0.7 

Internal  Disturbances  (Limit) 

0 

0.2 

0 

0.2 

0 

0.2 

0 

0.2 

0 

0.2 

0 

0.2 

RSS  Errors  (See  Table  3.5-llB) 

U2 

1.7 

1.0 

0.2 

i 2.3 

3.0 

1.2 

1.5 

1.0 

0.2 

2.2 

4.9 

Total  Sum  of  Errors 

1.4 

3.5 

1.1 

2.3 

2.6 

6.3 

1.2 

3.1 

1.0 

1.7 

2.5 

6.9 

Moments  of  Inertia 

Pitch  Roll  Yaw  Damper  a 

16.662  13.591  3158  540.0  58.2  53.4 


c 

24.94 


Table  ATS-D  Tolerance  Effects 


ATS-D  Tolerance 
Effects 

Sun  23.  5°  To  Orbit  Plane 

Sun  In  Orbit  Plane 

i 

Pitch 

Pitch 

Boll 

1 

DUs 

Obc 

Bias 

Osc 

Bias 

Osc 

BUS 

Osc 

Bias 

Oso 

Bias 

Osc 

Cylinder  Reflectivity 

End  Effect 

0 

0 

0 

0 

0 

0.1 

0 

0 

0 

0 

0 

0.1 

Surfacc4tifect 

0 

0 

0 

0 

0 

0.1 

0 

0 

0 

0 

0 

0.2 

Unequal  Rod  Absoiptlvlly 

0.1 

1 4 

0 

0 2 

0 7 

l.S 

0 

1.4 

0 

0 

0 

1.5 

Spring  Null  Shift 

0.2 

0 

0 2 

0 

0 1 

0 

0.2 

0 

0.2 

0 

0,1 

0 

Rod  Shortness 

Pnncipal  Axis  Shift 

O.S 

0 

0 

0 

0.1 

0 

0.5 

0 

0 

0 

0.1 

0 

Thruster 

D.1 

0 

0 

0 

0.1 

0 

0.1 

0 

0 

0 

0.1 

0 

Solar  Torque 

0 

0.7 

0 

0 

0 

0,7 

0 

0.3 

0 

0 1 

0 

2.6 

Rod  En\elopc 

Pnncipii  Axis 

0 -1 

0 

0 2 

0 

1.0 

0 

0.4 

0 

0.1 

0 

1.0 

0 

Thruster 

0.0 

0 

0 

0 

l.d 

0 

0.0 

0 

0 

0 

1.8 

0 

Solar  Torque 

0 

0.5 

0 

0.1 

0 

0.1 

0 

0 4 

0 

o.l 

0 

0.1 

Hod  Mlsalii^mcnt  -1^* 

Principal  Axis  Shift 

1.0 

0 

I.O 

0 

1.9 

0 

1,0 

0 

1.0 

0 

"1.9 

0 

Thruster 

0.0 

0 

0 

0 

4.0 

0 

0 

0 

0 

0 

4.0 

0 

Solar  Torque 

0 

0.3 

0 

0 

0 

2.0 

0 

0.2 

0 

0 

0 

3.5 

Thruster  -1*  Misalignment 

0 1 

0 

0 

0 

1.4 

0.1 

0 

0 

1.4 

0 

CM  Uncerlalntv 

Thruster 

O.l 

0 

0 

0 

1.4 

0 

0.1 

0 

0 

0 

1*4 

0 

Solar  Torque 

0 

0.1 

0.1 

0 

1.4 

0 

0.2 

0 

0.1 

0 

1.6 

RSS  Error* 

No  Thruster 

1 2 

1.7 

! 1.0 

0.2 

2.3 

3.0 

1,2 

1 s 

1.0 

' 0.2 

2.2 

4,9 

WUh  Thruster 

0 

O.X 

0 

0.1 

0 

1.4 

0 

0 2 

0 

0.1 

0 

1.6 
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Table  3.5-12A.  ATS-D  Error  Budget 


Sun  23. 5^  To  Orbit  Hane 

Stin  in  Orbit  Plane 

] 

£ . 

Pitch  1 

Roil  1 

Taw  I 

Pitch 

Rtdl  i 

* Yaw 

Error  Source 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

Bias 

Osc 

Bias 

Oec 

Bias 

Osc 

With  Stalton-KoQplng: 

0.3 

Ma^etic  Errors  (Fixed  Field) 

0 

0 

0 

0 

0.3 

0 

0 

0 

0 

0 

0 

Solar  Torque  4»d  Thermal  Bonding; 

d*o 

0*1 

0 

0.2 

0 

0,2 

0 

0.1 

0 

0.1 

6 , 

O.i 

Tip  Targets 

fi 

0.2 

D 

tt.2 

0 

1.1 

0 

0.1 

0 

0. 1 

0 

0.7 

internal  Distmrtiaittes  (XJUnit) 

0 

0.3 

0 

0.2 

0 

0,2 

0 

0-2 

0 

0.2 

0 

0.2 

Thrusters  errors  (30  days  od) 

0*0 

0.1 

0.0 

0.0 

0.1 

0.1 

0 

0 

0 

C 

0.2 

0.2 

RSS  Errors  (See  TitOe  3*S-I2B) 

1.0 

1.6 

O.T 

0.4 

6.3 

4,8 

1.0 

1.6 

0.7 

0.3 

6.3 

4.3 

Total  Sum  of  Errors 

1.0 

2.2 

6.7 

1.0 

6.7 

6.5 

1.0 

2.0 

0.7 

0.7 

6-7 

5*5 

Without  StaUoTi-Keeping;: 

0.3 

M^etlc  Errors  (Fixed  Field) 

0 

0 

0 

0 

0.3 

0 

0 ] 

^ i 

0 

0 

0 

Solar  Torque  and  Thermal  Bending 

0.2 

0.1 

9 

0.2 

0 1 

0*2 

0 

0,1 

0 

0-1 

0 

0.1 

Tip  Targets 

0 

0.2 

0 

0.2 

0 

1.1 

0.1 

0 

0.1  , 

0 

0,7 

Ifttesnal  Disturbances  (limit) 

0 

0.2 

0 

0*2 

0 

0.2 

0 1 

#.2 

0 

0.2  1 

0 

0.2 

RSS  Errors  (See  TaHe  3*5-l2B) 

0.8 

1.6 

0.7 

0.4 

1.7 

4.6 

0.8 

1.6 

0.7 

0.3 

1.6  1 

4.3 

Total  Sum  of  Errors 

l.O 

2.1 

0,7 

1.0 

2.0 

6,3 

’0.8 

2.0 

0,7 

1.7 

1.9 

6.3 

M03^extt«  or  Snortlx. 


Pitch 
IK.  662 


Soil  Yavf 
13.  SSI  31S8 


Damper  ^ 
S40.0  56.2 


tf  d i 
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Table  3.5-12R  ATS-D  Tolerance  Effects 


Sun  23  5®ToOrbitPiino 

Sun  Ju  Orfjit  Pli 

oe 

“ Pitch  1 

RoU  1 

Yaw  j 

Pitch  j 

Roll  1 

Y*v  j 

rCCecti 

m«R 

0«c 

miu) 

Bias 

Osc 

BbS 

Osc 

Bit* 

Clue 

Oae. 

CyUndar  SieSeciivity 

Q 

0.4 

0 

0.4 

0 

3.7 

0 

0.1 

0 

0,3 

0 

0.4 

Ibd 

0 I 

1 4 

0 

0.2 

0,7 

1 5 

0 

X.6 

0 

0 

1.1 

KuU  Shtit 

0.2 

0 

0 2 

€ 

0-1 

0 

0.2 

0 

0-2 

0 

0.1 

0 

Rod  ShorUlea* 

0,1 

priBCfpsi  A3d«  shift 

0-S 

0 

0 

0 

0.1 

0 

0.5 

0 

» 

0 

0 

Thruster 

0.4 

0 

0 

0 

3 7 

0 

0.4 

0 

0 

0 

3.7 

0 

3»}ar  “ToJ^u* 

0 

o.a 

0 

0 

0 

2.0 

O 

«.$ 

o 

0.1 

0 

3 5 

Bod  E&vctcpo 

iHdncip*!  Aide 

0.4 

0 

0*2 

0 

t.o 

0 

0.4 

0 

0.3 

0 

1,0 

0 
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a 

0 

0 

0 

1.8  ' 

0 

0 

0 

0 

1.6 

0 

Solitr  Torque 

0 

0,6 

0 

0,1 

0 

0.1 

0 

0 4 

0 

o.t 

0 

0.1 
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o,e 

1.2  ’ 

PriocJpti  A;d»  Shift  i 

O.S 

0 

0 6 

0 

1.S 

0 

0.5 

0 

0 

0 

Thruster 

0.2 

0 

0 

0 

4.0 

0 

0.2 

a 

0 

0 

4.0 

0 

Solar  Torque 

0 

0.* 

0 

$ 

0 

0,5 

0 

o.i 

♦0 

0 
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3.5.4. 1 Performance  of  ATS-D  with  Actual  VTHD  Damper 

After  conqjletion  of  the  curve  fitting  modification  to  the  ATS  Mathematical  Model,  a 
simulation  of  the  ATS-D  capture  performance  was  made.  The  curve  fitting  routine  fits 
hysteresis  torque  data  points  with  an  nth  order  (12th  order  maximum)  polynomial.  Figure 
3.5-24  is  the  data  obtained  from  test  for  the  VTHD  used  on  ATS-D.  Superimposed  over  the 
data  points  are  points  calculated  by  the  Mathematical  Model  curve  fitting  routine.  In 
general,  the  fit  is  excellent,  the  most  significant  difference  being  at  -45  degrees  damper 
angle  and  at  -0. 75  dyne-cm  hysteresis  torque.  The  error  is  approximately  7 percent.  For 
convenience  in  the  simulation,  the  spring  torque  was  included  in  the  hysteresis  torque.  The 
venience  in  the  simulation,  the  spring  torque  was  included  in  the  hysteresis  torque.  The 
results  of  the  computer  run  are  shown  in  Figure  3,  5-25  and  Figure  3.  5-26.  The  initial 
conditions  for  this  run,  as  well  as  the  spacecraft  parameters,  are  identical  to  those  used 
in  simulating  the  constant  torque  hysteresis  damper  in  Section  3, 2. 3.  A direct  comparison 
between  Figure  3,  5-25  of  this  Section  and  Figure  3,2-53  of  Section  3.2. 3.2  indicates  the 
VTHD  has  damping  nearly  equivalent  to  the  constant  torque  hysteresis  damper  at  high 
oscillations.  Comparing  Figure  3.  5-26  with  Figure  3. 2-54  of  Section  3,  2. 3. 2,  however, 
indicates  that  the  VTHD  damps  the  spacecraft  much  more  rapidly  than  the  constant  torque 
hysteresis  damper  at  intermediate  and  low  amplitude  oscillations.  At  the  end  of  400  hours, 
the  constant  torque  hysteresis  damper  has  reduced  the  pitch,  roll,  and  yaw  errors  to  10. 7 
degrees,  7,0  degrees,  and  8.4  degrees,  respectively.  In  the  same  time,  the  VTHD  damper 
has  reduced  the  pitch,  roll,  and  yaw  errors  to  1.  5 degrees,  1.3  degrees  and  11.2  degrees, 
respectively.  These  results  confirmed  that  the  VTHD  manufactured  for  ATS-D  would 
result  in  a significant  improvement  in  damping  time  over  the  constant  torque  hysteresis 
damper. 

3.5. 4.  2 Performance  of  ATS-E  with  Actual  Damper 

The  measured  values  of  the  spring  and  damper  constant  for  the  ATS-E  damper  were 

found  to  be  high  (3.99  dyne-cm/deg  and  11,500  dyne-cm/deg/sec,  respectively) 
compared  to  the  nominal  (3.  5 dyne-em/deg  and  9860  dyne-cm/deg/sec,  respectively).  In 
addition,  there  was  a small  amount  of  hysteresis  (5.  5 dyne-cm)  present  in  the  damper. 
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Figure  3.  5-24.  VTHD  No.  007  Post- Vibration  Static  Test  Data 
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Figure  3,  5-25,  Performance  of  ATS-D  with  Variable  Torque  Hysteresis  Damper 
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TIME  (HOURS) 

Figure  3.  5-26.  Performance  of  ATS-D  with  Variable  Torque  Hysteresis  Damper 


Because  the  time  and  effort  involved  in  physically  adjusting  these  coefficients  is  extensive, 
the  question  was  raised  as  to  the  effect  of  these  actual  values  on  the  performance  of  ATS-E. 

To  determine  the  effect  on  the  capture  performance,  a computer  run  was  made  using  the 
"standard"  capture  conditions  and  the  actual  damper  parameters.  In  addition,  a reference 
run  was  made  simulating  the  nominal  case.  The  results  are  shown  in  Figures  3.5-27, 
3.5-28,  3.5-29  and  3.5-30  and  indicate  that  there  is  little  effect  on  damping  of  the  "out  of 
spec"  values. 

On  the  surface,  this  appears  to  be  contrary  to  the  linearized  damping  estimates  presented 
in  Section  3. 5.  2. 1 which  would  have  indicated  an  increase  in  damping  time  of  approximately 
156  percent.  Remember,  however,  that  these  estimates  assume  small  angle  motion.  For 
small  angles,  the  damper  boom  motion  is  controlled  by  gravity  gradient,  the  spring  and 
damping  constant,  and  the  motion  of  the  spacecraft.  For  large  amplitude  motions,  however, 
the  damper  is  driven  by  the  spacecraft  motion;  gravity  gradient  and  the  spring  constant 
are  secondary  effects  (for  reasonable  values  of  spring  constant).  Hence,  for  large 
amplitude  motions,  the  damping  time  is  determined  largely  by  the  damping  constant 
(within  limits).  This  is  higher  for  the  actual  ATS-E  than  the  nominal.  As  a consequence, 
the  actual  ATS-E  damps  slightly  faster  than  the  nominal  ATS-E  for  the  period  of  perfor- 
mance covered  by  these  runs.  It  is  expected  that  if  the  runs  had  been  extended,  the  nominal 
ATS-E  would  have  achieved  steady  state  sooner  than  the  actual  ATS-E. 

To  verify  this  conclusicm,  two  damping  runs  were  made.  These  runs  were  transient  runs, 
but  did  not  start  from  capture  conditions  and  were  intended  to  show  relative  damping  and 
steady  state  performances.  The  initial  conditions  were  zero  roll  and  yaw  rate,  with  pitch 
at  50  degrees  with  an  angular  rate  (inertial)  of  one-half  orbital. 

The  results  of  the  simulations  are  shown  in  Figures  3.  5-31  and  3.  5-32.  The  performances 
are  very  similar,  with  the  actual  damp>er  settling  to  steady  state  slightly  faster  than  the 
nominal.  The  performance  of  the  spacecraft  with  the  actual  combination  passive  damper  is 
quite  satisfactory  from  the  stabilization  standpoint  even  in  the  slightly  "out-of-spec" 
condition. 
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Figure  3.5-28.  Performance  of  ATS-E  with  Nominal  Eddy  Current  Damper  Characteristics, 

Second  200  Hours 
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Figure  3.5-29.  Performance  of  ATS-E  with  Actual  Spring  and  Eddy  Current  Damper, 

First  200  Hours 
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Figure  3.5-30.  Performance  of  ATS-E  with  Actual  Eddy  Current  Danger  Characteristics, 

Second  200  Hours 
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Figure  3.  5-31.  Performance  of  Actual  ATS-E  Damper 
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Figure  3.  5-32.  Performance  of  Nominal  ATS-E  Damper 


The  fact  that  this  damper  damped  faster  than  the  nominal  raised  questions  regarding  the 
validity  of  the  optimization  studies.  It  should  be  pointed  out  again  that  the  optimization 
studies  are  developed  from  linearized  (and  small  angle)  equations  where  external  dis- 
turbances are  not  considered.  For  these  studies,  the  spacecraft  is  defined  exactly  (from 
the  standpoint  of  numerical  inputs).  External  disturbances,  damper  offsets,  actual  rod 
orientations,  etc. , are  all  included  in  the  full  simulations.  All  these  factors  affect  both 
the  damping  and  steady  state  performance  of  the  spacecraft.  To  avoid  the  requirement  for 
re-optimization  studies  after  every  small  hardware  change,  the  linearized  studies  were 
used  to  provide  a basis  for  estimating  the  relative  importance  of  each  parameter.  It  was 
ejqjected  that  this  would  represent  a worst  case  and  it  is  not  surprising  that  the  performance 
of  ATS-E  with  the  actual  damper  is  somewhat  different  than  predicted.  Fortunately  (but 
not  predictably) , the  real  damping  is  better  than  the  nominal  damping. 

3.5.5  EXPERIMENTAL  CONFIGURATIONS 

The  primary  purpose  of  the  ATS-A,  D/E  spacecraft  was  to  perform  attitude  stabilization 
experiments  on  the  gravity  gradient  stabilization  subsystem.  To  this  end,  the  rod  deploy- 
ment mechanisms  on  the  primary  spacecraft  were  equipped  with  scissor  mechanisms  which 
permitted  the  rod  angles  to  be  changed  while  the  spacecraft  was  in  orbit.  In  addition,  two  types 
of  dampers  were  included  on  the  spacecraft,  a magnetic  hysteresis  damper  and  an  eddy  current 
rate  damper.  Part  of  the  mission  profile  was  to  determine  the  performance  of  the  spacecraft 
with  several  rod  half  angles,  both  dampers,  and  several  rod  lengths. 

3.5.  5.1  ATS-A 

To  estimate  the  performance  of  the  experimental  configurations,  a series  of  computer 
simulations  was  made  which  included  a combination  of  error  sources.  Included  in  the  errors 
were  a magnetic  dipole  along  the  pitch  axis,  an  eccentric  orbit,  and  solar  pressure  and  thermal 
bending,  with  initial  position  angles  in  pitch  and  roll.  Three  parameters  were  varied  among 
the  runs  to  obtain  various  conditions.  These  are : 
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1.  • Type  of  Damping  - eddy  current  or  hysteresis  • 

2.  Rod  Half  Angle  (Zeta)  - 11,  15,  19,  25.  02  and  31  degrees 

3.  Sun  Vector  to  Orbit  Plane  Angle  ~ 0 and  28  degrees 

A complete  set  of  twenty  runs  was  made  to  cover  all  combinations  of  the  variables.  Each 
run  was  plotted  and  both  the  plot  and  the  tabular  data  were  examined  to  determine  approxi- 
mate damping  time  and  the  final  oscillation  and  bias  of  each  axis.  These  data  are  tabulated 
on  the  attached  error  budgets  (see  Table  3,  5-13),  The  damping  times  listed  are,  for  the 
eddy  current  runs,  approximations  taken  from  the  plots.  For  the  hysteresis  damping  runs, 
the  damping  times  are  the  ends  of  the  major  portion  of  decay.  Previous  experience  indicates 
that  hysteresis  damping  continues  for  a longer  time  than  the  eddy  current  does,  but  eventually 
matches  the  biases  and  amplitudes  at  steady  state.  The  amplitude  and  bias  values  were  ex- 
tracted from  the  last  15  hours  of  the  tabulated  data.  As  such,  they  represent  steady  state 
values  for  eddy  current  damping  and  interim  values  for  hysteresis  damping. 

For  purposes  of  comparison,  the  runs  are  grouped  by  type  of  damping,  then  by  sun  in  or 
out  of  orbit  plane,  and  finally  by  the  main  rod  half  angle.  From  these  lists  it  is  seen  that, 
while  local  points  of  quicker  damping  occur  randomly,  all  four  runs  show  minimum  damping 
time  at  the  design  main  rod  half  angle  of  25.  02  degrees.  Lower  values  of  oscillations  and 
biases  occur  at  different  points  throughout  the  runs.  As  an  example,  the  pitch  axis  shows 
an  increase  in  oscillation  amplitude  with  increase  in  zeta.  The  exception  is  at  zeta  equals 
25.  02  degrees,  hysteresis  damping,  sim  out  of  plane.  A very  sharp  drop  in  value  was 
noted  here.  Roll  axis  oscillations  are  lowest  in  the  15  to  25.  02  degree  range  .for  zeta.  No 
special  comment  can  be  made  concerning  this  range.  The  point,  or  points,  of  minimum 
amplitude  depends  on  sun  relationship  and  type  of  damping.  Oscillations  about  the  yaw  axis 
are  generally  lowest  at  the  19  degree  point.  Here  again,  an  exception  occurred  for  eddy 
current  damping,  sun  out  of  plane,  zeta  equals  25.  02  degrees. 

As  a means  of  illustrating  the  relative  damping  of  the  two  types  of  dampers,  the  times  for  the 
eddy  current  damper  envelope  to  decay  to  the  final  values  for  the  hysteresis  damper  are 
given  in  Table  3.  5-14.  The  bias  and  amplitude  values  are  listed  for  convenience  of  comparison. 
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Table  3.  5-13,  Results  of  Buns 


Hysteresis  Damping 
Sun  in  Orbit  Plane 


Zeta 

Amp 

Pitch 

Bias 

11° 

3,3 

0.3 

Damping  Time  Hours 

44 

15° 

4,6 

0.3 

Damping  Time  Hours 

48 

19° 

3.7 

0.4 

Damping  Time  Hours 

40 

25.  02° 

3.  9 

0.2 

Damping  Time  Hours 

36 

31° 

10.3 

0,  8 

Damping  Time  Hours 

88 

Sun  28°  Out  of  Orbit  Plane 

11° 

2.3 

0.3 

Damping  Time  Hours 

56 

15° 

5.1 

0.2 

Damping  Time  Hours 

50 

19b 

5.1 

0 

Damping  Time  Hour  s 

58 

25.  02° 

1.  5 

-0.2 

DampingTime  Hours 

44 

31° 

7.1 

0.8 

Damping  Time  Hours 

88 

Amp 

Roll 

Bias 

Amp 

•Yaw. 

Bias 

6.7 

68 

0.1 

9,3  . 

64 

-18.6 

3.2 

48 

0.1 

8.1 

38 

- 7,3 

3.  5 

64 

0.  5 

9.0 

56 

- 3.2 

2.4 

56 

0.2 

15,  8 

50 

180.3 

3 

88 

0.2 

3 

76 

1.9 

o 

o 

68 

-0.1 

11,8 

76 

-17.9 

00 

• 

00 

62 

0 

8,7 

60 

171.3 

0.5 

54 

0 

6.8 

56 

177.  8 

3.4 

50 

0 

15.9 

50 

0,9 

2.8 

0.2 

6.2 

2.3 

94  100 
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Table  3.  5-13.  Results  of  Runs  (cont'd). 


Eddy  Current  Damping 

. Sun  in  Orbit  Plane 

Zeta 

Amp 

Pitch 

Bias 

Amp 

RoU 

Bias 

Amp 

Yaw 

Bias 

11° 

1.3 

0,2 

0,5 

0 

2,8 

-17.8 

Damping  Time  Hours 

76 

76 

84 

15° 

1,4 

0.3 

0.5 

0.1 

2,8 

171.5 

Damping  Time  Hours 

70 

80 

100 

19® 

1.6 

0.2 

0.2 

0 

2,  9 

-3,5 

Damping  Time  Hours 

80 

88 

96 

• 25. 02° 

2,4 

0,2 

0.1 

0 

3.4 

- 0.3 

Damping  Time  Hours 

48 

60 

76 

31° 

7,5 

0.3 

1.7 

-0,1 

7.2 

180.9 

Damping  Time  Hours 

96 

88 

108 

Sun  28°  Out  of  Orbit  Plane 

- 

11° 

1.3 

0,2 

0.7 

0.1 

3 

-18 

Damping  Time  Hours 

56 

70 

80 

15° 

1.4 

0,3 

0.7 

0 

1.9 

171.1 

Damping  Time  Hours 

62 

72 

76 

19° 

1.6 

0.2 

0.4 

0 

3.1 

- 3,4 

Damping  Time  Hours 

74 

96 

86 

25.  02° 

2.4 

0.2 

0.5 

0 

2.3 

180 

Damping  Time  Hours 

54 

72 

62 

31° 

7.9 

0.3 

1.7 

-0,2 

6.0 

181.0 

Damping  Time  Hours 

88 

88 

84 
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Table.  3.5-14.  Sun  In  and  Out  of  Orbit  Plane 


Zeta 

(degree) 

Amplitude 

(degree) 

Sun  In  Orbit  Plane 

Hysteresis 

Eddy 

Time  (hour) 

Bias  (degree) 

Time  (hour) 

Bias  (degree) 

11 

9.3 

• 150 

-18.  6 

9'8 

-19.8 

15 

8.1 

150 

-7.3 

90 

-6.  3 

19 

9.  0 

150 

-3.2 

78 

-3.0 

25.  02 

15.8 

150 

0.  3 

49 

0.2 

31 

3 

150 

1.  9 

* 

3.0 

■-‘‘Did  not  damp  to  this  level. 

■ "■  *—■ — < ■ i 

Sun  Out  of  Orbit  Plane 

Zeta 

Amplitude 

Hysteresis 

Eddy 

(degree) 

(degree) 

Time  (hour) 

Bias  (degree) 

Time  (hour) 

Bias  (degree) 

11 

11.8 

150 

-17.  9 

78 

-18 

15 

8.  7 

150 

171.3 

52 

-6 

19 

6.8 

150 

177.8 

88 

-3 

25.  02 

15.  9 

150 

0.  9 

43 

1 

31 

6.2 

150 

2.3 

136 

2 

As  the  rod  half  angle  is  increased  from  11  degrees  toward  25.  02  degrees, the  eddy  current 
damper  shows  a corresponding  improvement  in  damping  times.  Between  25.  02  and  31 
degrees  a sharp  worsening  occurs  such  that  for  ’*Sun  in  Plane,  ” the  hysteresis  damper 
is  the  better.  The  sharp  increase  which  occurs  for  "Sun  Out  of  Plane"  shows  the  approach- 
ing of  an  equal  time  point.  Probably,  if  the  rod  angle  were  opened  to  35  degrees,  the 
hysteresis  damper  would  be  the  more  effective. 
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The  results  seem  to  indicate  that  hysteresis  damping  is  the  more  efficient  at  rod  half 
angles  above  25.02  degrees  and  eddy  current  damping  is  more  effective  at  rod  half  angles 
below  25.  02  degrees. 

Most  of  the  tabulations  and  graphs  show  the  range  of  19  to  25  degrees  for  rod  half  angle  to 
offer  the  best  combination  of  low  residual  bias  and  oscillation.  In  this  range,  using  the 
eddy  current  damper,  the  damping  times  were  minimized. 

3. 5. 5. 2 ATS  D/E 

A study  identical  to  that  performed  for  the  ATS-A  experiment  configurations  was  performed 
for  ATS-D.  The  results  agree,  in  general  with  those  obtained  for  ATS-A,  and  are  shown 
in  Tables  3.5-15  and  3.5-16. 
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Table  3.  5-15.  Results  of  Runs 


Eddy  Current  Damping  - levels  at  400  hours  Sun  in  the  Orbit  Plane 


Half 

Pitch 

Roll 

Yaw 

Angle 

Amp 

Bias 

Amp 

Bias 

Amp 

Bias 

11 

1.7 

-0.1 

3.4 

0.1 

6.4 

-19 

15 

1.5 

0.2 

2.0 

0.3 

1.8 

-7.2 

19 

1.4 

0 

1.7 

0 

0.8 

-3.5 

24.  94 

1.9 

0.5 

1.1 

0 

0.5 

-0.1 

31 

3.4 

0.2 

0.8 

0 

3.0 

+1.3 

Sun  Out  of  Orbit  Plane 

- 

11 

1.6 

0 

3.7 

0.2 

2.5 

-20.3 

15 

1.5 

-0.2 

2,  3 

+0,2 

•3.7 

-8.  0 

19 

1.2 

0.1 

1.5 

0.3 

3.  8 

-2.8 

24.  94 

1,3 

-0.1 

1.  6 

0.1 

2.  0 

0.4 

31  - 

1 

2.8 

1 

-0.2 

1.8 

-0.1 

3.8 

1.6 

Hysteresis  Damping  - Levels  at  400  hours. 

Sun  in  the  Orbit  Plane 

11 

6.8 

0.  3 

5.3- 

0.2 

42:  0 

■ -22. 2 

15 

10.9 

0.5 

5.9 

0.1 

35.  0 

-8.8 

19 

4.7 

-0.4 

2.1 

-0.6 

* 

* 

24.94 

6.2 

0.8 

8.6 

-0.3 

18 

-0.8 

31 

15.5 

-0.  3 

5.  3 

-0.  6 

9.1 

1.0 

Sun  Out  of  • 

the  Orbit  Plane 

11 

8.2 

0.3 

6.5 

-0.1 

19.1 

-17.3 

15 

5.8 

0.2 

7.0 

-0.  6 

29.3 

-10 

19 

8.5 

-1.0 

7.0 

0.6 

21.  5 

-6 

24.  94 

8.9 

-0.1 

3.1 

0 

26.2 

-3.2 

31 

5.6 

0.1 

6.1 

-0.1 

23.6 

-0.2 

*Did  not  damp  within  400  hours. 
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Table  3.5-16.  Sun  In  and  Out  of  Orbit  Plane 


Sun.In  Orbit  Plane 

Zeta 

Amplitude 

Hysteresis 

Eddy 

(degree) 

(degree) 

Time  (hour) 

Bias  (degree) 

Time  (hour) 

Bias  (degree) 

11 

42 

400 

-22.2 

. 218 

-24 

15 

35 

400 

-8.8 

169 

-6 

19 

* 

400 

* 

** 

** 

24.  94 

18 

400 

-8.2 

165 

-3 

31 

9.1 

400 

1.0 

208 

+4 

*Did  not 

damp  within  4( 

)0  hours. 

**No  comparison  was  drawn. 

• 

Sun  Out  of  Orbit  Plane 

Zeta 

Amplitude 

Hysteresis 

Eddy 

(degree) 

(degree) 

Time  (hour) 

Bias  (degree) 

Time  (hour) 

Bias  (degree) 

11 

19.1 

400 

-17.3 

193 

-21 

15 

29,3 

400 

-8,5 

241 

-6 

19 

21.5 

400 

-6.8 

291 

-4 

24.94 

26.2 

400 

-3.2 

174 

+2 

31 

23.6 

400 

-0.16 

135 

+5- 
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3, 6 ADDITIONAL  STDDIES 


3. 6. 1 KESPONSE  OF  ATS  TO  SOLITARY  IMPDLSE 

The  response  of  the  ATS  gravity  gradient  vehicle  to  a solitary  impulse  can  be.  determined  by 
a simplified  analysis.  The  pulse  is  assumed  to  be  solitary  in  that  it  is  not  preceded  or  followec 
a pulse  of  similar  nature. 


The  simplified  analysis  used  to  estimate  the  performance  (Appendix  H)  assumes  each  axis 
is  individual  and  decoupled  from  the  other  axes.  The  results  obtained  from  this  analysis 
were  cheeked  in  the  simulation,  and  good  agreement  was  obtained  for  pitch  and  roll.  • The 
yaw  agreement  was  not  as  good  however,  and  additional  compvxter  runs  were  made.  The 
results  indicate  the  performance  is  linear  wdth  impulse,  but  because  of  the  large  oscillations 
of  the  damper  boom,  the  performance  of  the  yaw  axis  cannot  be  determined  without  regard 
to  the  odier  axes  (primarily  the  damper). 

The  results  of  the  simplified  analysis  were  combined  with  flie  results  of  the  simulation,  and 
plotted  as  shown  in  Figures  3. 6-1  through  3. 6~6.  The  errors  are  linear  with  impulse  for 
impulses  which  do  not  cause  large  errors  or  those  which  are  not  applied  for  a time  exceeding 
the  natural  period  of  oscillation.  If  this  is  not  the  case,  the  amplitude  of  osciEation  (or 
tumble)  is  not  a direct  function  of  the  imptilse. 

3,6.  2 ATS  PITCH-UP  MANEUVER 

As  part  of  the  ATS  experiment  plan,  the  spacecraft  was  to  be  pitched  up  to  evaluate  its 
damping  characteristics.  The  approach  taken  was  to  use  the  inversion  thrusters  to  disturb 
the  spacecraft,  but  not  to  invert  it.  To  do  this,  the  invei'sion  thrusters  must  be  cutoff 
earlier  than  for  inversion,  Figux*es  3,6-7  and  3,6-8  give  the  Inversion  thruster  cutoff  time 
required  to  reach  a given  pitch  attitude  for  ATS-A  and  ATS-D, respectively.  These  data 
are  based  upon  computer  runs,  assuming  nominal  initial  conditions  and  no  disturbances. 

Note  that  for  a given  value  of  thruster  torque,  the  maximum  pitch  angle  attained  is 
approximately  proportional  to  thruster  cutoff  time.  Also,  for  a given  value  of  thruster  cut 


ATTITUDE  ERROR  (DEGREES) 
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Figure  3.6-2  ATS-A  Response  To  Roll  Impulse 
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Figure  3.6-4  ATS-D  Response  to  Pitch  Impulse 
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off  time,  the  maximum  pitch  angle  is  approximately  proportional  to  thruster  torque.  These 
relationships  hold  for  pitch  angles  up  to  40  degrees. 

Figure  3. 6-9  shows  the  total  time  required  to  reach  the  maximum  pitch  an^le.  These  times 
include  the  thruster  cutoff  time  and  a coast  time. 

Negative  values  of  thruster  torque  were  used  in  these  computer  runs.  However,  when^ 
positive  torques  are  used,  the  results  are  identical. 

3. 6. 3 EFFECT  OF  DAMPER  DEPLOYMENT  SQUIBS  ON  ATTITUDE  PERFORMANCE 
Deployment  of  the  damper  booms  on  both  ATS-A  and  ATS-D  requires  firing  several  squib 
actuated  pistons  (ref:  Sixth  Quarterly  Progress  Report).  Leakage  of  the  combustion  pro- 
ducts to  ambient  could  disturb  the  spacecraft.  To  calculate  the  attitude  error  resulting 
from  this  disturbance,  it  is  necessary  to  determine  the  angular  impulse  imparted  by  the 
squib  and  to  evaluate  the  response  of  the  vehicle.  The  response  of  the  vehicle  is  depender 
upon  the  manner  in  which  the  impulse  is  expended.  Two  modes  of  expenditure  are  consic’ 
ered  in  this  section:  instantaneous  and  "trickle".  Peak  errors  are  calculated  for  each 
mode. 


To  calculate  the  angular  impulse , several  assumptions  must  be  made.  The  source  of  the 
impulse  is  the  squib  mechanism  used  to  deploy  the  damper.  The  total  quantity  of  explosiv 
per  valve  is  75  milligrams,  approximately  1.65. 10"“^  lb.  If  the  combustion  products  leak 
a thrust  will  be  produced  for  a short  period  of  time.  The  impulse  produced  by  this  thrust 
is  directly  dependent  upon  the  specific  impulse  of  the  combustion  products.  The  leakage 
is  not  through  a carefully  designed  nozzle  and  the  specific  impulse  will  not  be  large.  As  an 
estimate,  a specific  impulse  of  100  sec  was  assumed.  The  total  impulse  per  squib  is 

1 = 1. 65. 10"^  lb  X 100  sec  = 0.  0165  lb-sec 

To  convert  this  to  angular  momentum,  the  moment  arm  to  the  center  of  mass  is  required. 
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MAXIMUM  PITCH  ANGLE  (DEGREES) 


Figure  3. 6-9  Time  Required  to  Reach  Maximum  Pitch  Angle  for  ATS  Pitch-up  Maneuvers 


The  squib  valves  are  located  22. 3 in.  from  the  center  of  mass  (CM)  along  the  y axis  and 
16. 2 in.  from  the  CM  along  the  z axis.  The  maximum  moment  arms  are  therefore  1.  86  feet  fo 
pitch  torque,  1.35  feet  for  roll  torque,  and  2.30  feet  for  yaw  torque.  The  corresponding 
angular  impulse  bit  for  each  squib  is  0. 0307  Ib-ft-sec  for  pitch,  0.  0223  Ib-ft-sec  for  roll, 
and  0. 0369  Ib-ft-sec  for  yaw. 

If  the  impulse  bits  were  expended  instantaneously,  the  amplitude  of  oscillation  would  be 
0.7  degree  in  pitch,'  0.4  degree  in  roll  and  4.8  degrees  in  yaw  (per  squib)  for  ATS-A,  and 
1 degree  in  pitch,  0, 6 degree  in  roll,  and  7.5  degrees  in  yaw  for  ATS-D.  These  errors  are 
the  maximum  which  could  be  realized  irrespective  of  the  manner  in  which  the  gas  leaked. 

If  the  lealsage  occurs  during  the  capture  phase  of  operation,  its  effect  on  attitude  dynamics 
will  probably  be  unrecognizable  because  of  the  large  amplitude  motions  the  vehicle  is 
already  undergoing.  To  affect  steady  state  motion,  the  leakage  must  occur  either  after  the 
capture  and  transient  phase  of  operation,  or  **trickle  out"  slowly  following  squib  firing. 

Since  approximately  three  days  are  required  for  ATS-A  to  reach  steady  state,  the  impulse 
must  be  "stretched  out"  over  that  time  period  if  leakage  starts  immediately  after  firing. 

This  would  produce  a maximum  yaw  error  (the  largest  error)  of  0. 1 degree  (per  squib). 

For  ATS-D,  the  steady  state  will  not  be  reached  for  approximately  15  days.  The  resulting 
yaw  error  is  0. 1 degree.  Pitch  and  roll  attitude  errors  are  less  than  0. 01  degree.  If  the 
trickle  is  even  slower,  the  attitude  errors  will  be  less. 

3. 6. 4 COMPENSATION  FOR  SHORTENED  DAMPER  BOOMS  AND  INCREASED  STIFFNESS 
OF  DAMPER  SPRING  FOR  ATS-A 

The  combination  of  manufacturing  tolerances  encoimtered  during  ATS-A  boom  fabrication 
resulted  in  the  damper  booms  for  the  ATS-A  being  43. 3 feet  long.  Since  the  nominal  design 
value  was  45  feet,  the  damper  boom  moment  of  inei'tia  was  reduced  from  231  slug  ft^  to 
about  213  slug  ft 

At  the  time  of  measurement,  the  damper  spring  constant  for  the  combination  passive 
damper  was  on  the  high  end  of  the  tolerance  range  (1.  0184  x lo”'^  ft-lb  per  radian 
instead  of  the  nominal  0. 8874  ft-lb  per  radian)  and  the  damping  coefficient  was 
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6.  342  X 10  ^ ft-lb-sec  per  radian,  which  is  below  its  nominal  value  of  6. 680  x 10  ^ ft-lb-sec 
per  radian.  Since  each  of  these  parameters  is  used  in  the  specification  of  system  perform- 
ance, the  effects  of  each,  and  the  total  effect  was  reexamined  for  this  vehicle.  The  non- 
dimensional  parameters  arrected  are: 

K/IdC0^2>  I^/lp. 

The  values  of  0,  ly/Ips  were  unaffected. 

The  most  serious  effect  of  these  changes  is  the  degradation  of  damping  performance.  The 
combined  effects  increase  the  system  damping  time  constant  by  227  percent.  This  was 
considered  to  be  intolerable  and  corrections  were  necessary.  Moment  of  inertia 
compensation  for  damper  rod  shortness  required  the  addition  of  0. 1528  pound  to  each 
secondary  tip  weight.  This  however,  while  helpful,  does  not  adequately  compensate  for 
the  increased  spring  constant;  the  system  damping,  time  constant  will  still  be  120  percent 
over  nominal  value.  Bringing  the  damper  time  constant  back  to  normal  required  that  the 
nondimens ional  parameter  value  of  K/Ij^co^2  “ 1504  be  maintained.  In  turn,  this  require- 

ment increased  each  damper  boom  tip  mass  by  0. 443  lb  (i.  e. , from  1. 60  lb  to  2.  043  lb). 

2 

Asa  consequence,  the  damper  boom  moment  of  inertia,  increased  from  230. 88  slug  ft 
2 

to  264.  96  slug  ft  about  the  hinge  point  and  its  product  of  inertia  increased  from  110. 11 
2 2 

slug  ft  to  126. 72  slug  ft  about  the  vehicle  yaw  axis.  The  increased  product  of  inertia 
2 

(16. 6 slug  ft  ) Introduced  a yaw  error  of  approximately  0. 6 degree. 

Correction  of  the  yaw  error  could  be  accomplished  in  either  of  two  ways.  The  first  method 
required  the  addition  of  0. 47  pound  to  each  primary  tip  mass  (i.  e. , a weight  increase  from 
2.  5 to  2.  97  lb  each  tip  weight).  This  method  adds  1.  88  lb  in  addition  to  the  0. 89  pound 
required  by  the  damper  booms,  for  a total  of  2. 77  pounds.  Scissoring  the  primary  booms 
to  a half  angle  of  26. 4 degrees  instead  of  the  nominal  value  of  25  degrees  will  also  effect 
the  yaw  correction.  Since  the  scissoring  capability  already  existed,,  and  since  it  added  no 
weight,  this  method  was  recommended. 
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With  the  adjusted  damper  momeat  of  inertia,  the  noadimensiooal  damping  time  constant  is 
low  (i.  e. , 0.  8818  vs.  1. 0588).  As  a consequence,  the  damping  performance  of  the  system 
will  be  degraded  by  approximately  17. 7 percent;  this  was  considered  acceptable. 

3. 6.  5 SIMULATION  OF  ATS-A  FAILURE  MODE 

Two  computer  runs  were  made  simulating  ATS-A  fe-ilure  modes.  One  assumed,  that  a 
scissor  unit  had  malfunctioned,  while  the  second  assumed  that  one  damper  boom  unit  had 
malfunctioned  (i.  e. , failed  to  deploy).  In  each  of  these  runs,  the  eccentricity  was  0.  01, 
the  magnetic  dipole  was  1000  pole-cm  oriented  along  the  positive  roll  axis,  and  the  sun 
was  in  the  orbit  plane.  The  steady  state  results  are  shown  in  Table  3. 6-1.  The  nominal 
errors  for  the  normal  configurations  are  also  shown. 

The  effect  on  damping  time  was  not  evaluated  in  this  study,  but  a significant  increase  in 
time  to  steady  state  could  be  expected  with  only  one  camper  boom  deployed.  A 400  to 
500  percent  increase  is  not  unreasonable.  The  reduced  spacecraft  moment  of  inertia 
associated  with  the  malfunctioned  scissor  unit  should  not  significantly  affect  damping  time. 


Table  3.  6-1.  Steady  State  Results 


Malfunctioned 
Scissor  Unit 

Malfunctioned 
Damper  Unit 

Nominal 

Bias 

Osc. 

Bias 

Osc. 

Bias 

Osc. 

Pitch 

0.3 

6.8 

0.1 

2.9 

0 

1.7 

Roll 

0.2 

2.0 

0.2 

2.0 

0 

0.3 

Yaw 

0.3 

6.8 

2.7 

13.8 

0.6 

1.7 

Damper 

2.6 

7.6 

1 

9.0 

0 

2.3 

3.  6.  6 PERFORMANCE  OF  ATS-A  IN  AN  ORBIT  WITH  A 0.  2 ECCENTRICITY 
The  ATS-A  spacecraft,  designated  ATS-2  after  launch,  was  injected  into  a highly  eccentric 
orbit  (e  = 0. 4)  and  was  unable  to  stabilize.  The  primary  causes  of  nonstabilization  were  the 
high  eccentricity  and  the  influence  of  aerodynamics  at  low  altitude  (perigee).  Because  of 
aerodynamic  drag,  the  apogee  began  to  decay  and  the  eccentricity  grew  smaller. 
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This  began  to  prompt  questions  concerning  the  performance  of  gravity  gradient  spacecraft 
in  M^ly  eccentric  orbits. 

To  more  accurately  simulate  the  effect  of  orbit  eccentricity  in  the  Mathematical  Model, 
the  power  series  used  to  determine  the  true  anomaly  of  the  spacecraft  as  a function  of  time 
was  expanded  to  represent  orbits  of  high  eccentricity.  The  secular  effects  (motion  of  the 
right  ascension  of  the  ascending  node,  and  rotation  of  the  line  of  apsides)  were  not  altered 
since  their  effect  on  attitude  stability  is  small. 

A computer  run  was  made  using  the  ATS-A  spacecraft  parameters  (Figure  3.  6-10)  and  an 
orbit,  eccentricity  of  0. 2.  The  results  are  shown  in  Figure  3. 6-11.  After  an  initial 
transient  (due  to  the  inputs  not  exactly  simulating  steady  state),  the  spacecraft  settles  out 
to  a "steady  state"  oscillation.  The  pitch  axis  is  oscillating  at  30  degrees  with  no  clear 
pattern.  The  roll  axis  has  settled  to  an  amplitude  of  approximately  nine  degrees, 
although  a "beat"  may  be  present.  Yaw  is  not  under  control  and  is  unlikely  to  achieve 
control  at  this  orbit  eccentricity. 

3.  6.  7 EFFECT  OF  THERMAL  FLUTTER  ON  ATS-D  AND  ATS-E 
Prior  to  the  launch  of  ATS-D  and  ATS-E  there  was  concern  about  thermal  flutter  of 
gravity  gradient  rods  and  the  effect  on  spacecraft  performance.  The  concern  centered  on 
the  damper  boom,  since,  according  to  the  then  current  theory,  this  is  the  boom  most  likely 
to  flutter. 
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SPACECRAFT  WEIGHT  = 304.  7658  Rg 


Figure  3.  6-10  ATS-A  Configuration 
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Figure  3, 6-11  Performance  of  ATS-A  in  an  Orbit  of  0.2  Eccentricity  (No  Aerodynamics  and  No  Solar  Effects) 
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Figure  3. 6-12  Effect  on  ATS-D  of  Thermal  Flutter  of  the  Damper  Boom 


A computer  simulation  was  made  using  a modified  ATS  Mathematical  Model.  It  was 
assumed  that  only  the  damper  boom  fluttered.  The  characteristics  of  the  flutter  were, 
estimated  and  an  equivalent  momentum  wheel  determined  (Table  3. 6-2).  The  simulation 
was  made  with  the  nominal  ATS-D  spacecraft,  but  with  no  external  disturbances  other 
than  the  momentum  wheel.  The  pitch  and  roll  errors  were  zero,  and  the  yaw  error  was 
approximately  three  degrees  when  thermal  flutter  was  assumed  to  start- at  50  hours. 


The  result  of  the  simulation  is  shown  in  Figure  3. 6-12.  Pitch  attained  a peak  error  of 
10  degrees,  roll  reached  a peak  error  of  10  degrees,  and  yaw  reached  apeak  of  50  degrees. 
•Neither  pitch  nor  roll  achieved  a large  .bias,  but  yaw  is  biased  approximately;  26  degrees. 
Steady  state  was  not  reached  at  the  end  of  300  hours , although  damping  was  obviously 
taking  place.  The  effectiveness  of  the  damper  was  impaired  because  of  the  yaw  bias 
position  assumed  by  the  spacecraft,  and  the  resistance  to  motion  of  the  "momentum  wheel" 
on  the  damper  boorn.  Basically,  however,  the  configuration  is  stable. 

The  results  of  this  run  are  in  good  agreement  with  linearized  estimates  of  11  degree 
pitch  error,  7 degree  roll  error,  and  25  degree  yaw  bias. 


Table  3.6-2.  Thermal  Flutter  Parameters 


Radius  of  Tip  Mass  Revolution 

5 

ft 

Period  of  Tip  Mass  Revolution 

100 

sec 

Time  to  Reach  Peak  Radius 

1200 

sec 

Equivalent  Momentum  Content  - 

0.236 

Ib-ft-sec 

Equivalent  Momemtmn  Wheel  Time  Constant 

310 

sec 
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The  performance  of  the  ATS-E  spacecraft  was  also  evaluated  by  means  of  the  GE  Math 
Model  under  various  conditions  of  applied  angular  momentum.  The  momentum  .wheel 
subroutine  of  the  Math  Model  was  used  to  sipiulate  ai^ular  motion  of  tip  masses  on  the  ends 
of  all  the  booms,  rather  than  just  the  damper  booms.  Specifically,  twelve  computer  runs 
were  made.  The  results  are  shown  in  Figures  3. 6-13  through  3.  6-24  in  terms  of 
spacecraft  attitude  and  damper  boom  angle  relative  to  the  orbiting  reference  frame  as  a 
function  of  time.  Most  of  the  runs  represent  one  orbit  (24  hr);  however,  for  the  cases  in 
which  the  momentum  was  held  for  24  hours,  the  runs  were  extended  to  30  hours. 


Table  3.6-3  lists  the  computer  runs  made.  For  convenience,  the  magnitude  of  the  momentum 
for  each  run  is  referenced  to  that  of  run  no.  1 (Figure  3. 6-13).  The  primary  booms  have 
been  referred  to  as  No.  1 and  No.  2.  In  reality,  No.  1 represents  a "co-linear  pair", 
one  of  which  extends  forward  and  upward  from  the  spacecraft  body.  Primary  No.  2 is  the 
other  co-linear  pair.  On  rim  No.  1 through  6,  the  applied  momentum  is  positive  in  the 
direction  of  the  upper  and  forward  rod.  On  run  No.  7 through  10,  the  positive  momentum 
vector  is  parallel  to  the  forward  pointing  damper  rod.  Run  No.  11' is  identical  to  run  No.  6, 
except  that  the  same  momentum  is  placed  on  both  sets  of  co-linear  pairs.  The  direction 
of  the  momentum  vectors  are  such  that  the  vertical  components  add.  (Horizontal  components 
cancel. ) Run  No.  12  has  angular  momentum  applied  to  both  primary  pairs  and  to  the  damper 
boom  in  such  a manner  that  all  horizontal  components  add  in  the  forward  direction. 
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. 6-19.  ATS  Thermal  Flutter 


POINTING  ANGLES  (DEGREES) 


Table  3. 6-3.  Computer  Runs 


Run  No . 

H 

H ■ ■ 

ymax 

Ati 

and 

Angular 

Location 

- (ft) 

• (iir) 

(hr) 

Figure  No. 

Momentum 

1 

3.6-13 

H * 
1 

Primary 

5 

0. 15 

. 8.0  ' 

Boom  No.  1 

* 

2 

3.6-14 

4Hi 

Primary 
Boom  No.  1 

10 

0. 15 

4,0 

3 

3:6-15 

4H^ 

Primary 
Boom  No.  1 

10 

0. 15 

8.0 

4 

3. 6-16 

16H 

Primary 
Boom  No.  1 

20 

0. 15 

8.0 

5 

3. 6-17 

4Hi 

Primary 
Boom  No.  1 

10 

2.  0 

4.0 

6 

3.6-18 
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ymax  = simulated  radius  of  circular  motion  of  tip  mass, 
^tj^  = Rise  time  and  decay  time  of  angular  momentum. 
Atg  — Time  for  which  constant  momentum  maintained.  ■ 
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3. 6. 8 PERFORMANCE  OF  ATS-E  WITH  A YAW  STABILIZING  FLYWHEEL 
The  use  of  a yaw  stabilizing  momentum  wheel  for  gravity  gradient  spacecraft  has  been 
suggssted  for  several  spacecraft.  Yaw  stabilization  is  obtained  by  the  gyrocompassing 
action  of  the  momentum  sheel,  which  tends  to  align  itself  with  the  orbit  normal.  The  yaw 
performance  obtained  with  this  device  is  typically  an  order  of  magnitude  better  tlian  can 
be  obtained  by  pure  gravity  gradient. 

With  an  ATS-type  system,  there  is  a drawback  associated  with  the  use  of  a yaw  stabilizing 
flywheel.  Damping  of  the  spacecraft  oscillations  (resulting  from  deployment,  etc. ) in  all 
axes  is  accomplished  by  a single-axis  damper  oriented  such  that  all  three  spacecraft  axes 
are  coupled.  Placing  a yaw  stabilizing  flywheel  on  the  spacecraft  pitch  axis  will  increase 
the  coupling  between  roll  and  yaw,  but  will  tend  to  "decouple”  pitch.  As  a consequence, 
pitch  damping  may  be  decreased,  requiring  longer  to  reach  steady  state  with  the  momentum 
wheel  than  without  it. 

A rapid  qualitative  determination  of  the  effect  was  obtained  by  simulating  the  flywheel  in  the 
Mathematical  Model,  The  momentum  wheel  selected  was  the  OAO  fine  momentum  wheel 
with  a no  load  momentum  capabHiiy  of  2 Ib-ft-sec.  This  wheel  was  selected  based  upon 
previous  studies  with  "rigid  body"  type  configurations.  The  wheel  was  assumed  to  be 
operating  at  75  percent  of  the  no-load  momentum  in  order  to  be  compatible  with  a tentative 
control  system.  The  initial  conditions  were  similar  to  those  of  a capture  run  after  initial 
capture  had  been  achieved.  For  this  run,  it  was  assumed  that  the  yaw  position  was  correct 
to  within  ten  degrees,  since  it  is  expected  that  during  initial  deployment,  the  spacecraft 
will  be  aligned  reasonably  well. 

Table  3. 6-4  shows  the  initial  conditions  and  Figure  3. 6-25  shows  the  results  of  the  run.  At 
the  end  of  400  hours,  the  roll  and  yaw  errors  are  0.6  and  0,5  degrees,  respectively. 
Typically,  these  errors  would  be  1. 6 degrees  in  roll  and  7.4  degrees  in  yaw  at  the  same 
time.  However,  pitch  is  higher  than  normal  after  400  hours,  being  5. 6 degrees  with  the 
flywheel,  as  compared  to  2. 1 degrees  without.  This  tends  to  confirm  the  increase  in  the 
time  to  reach  steady  state. 
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Figure  3.  6-25.  Performance  of  ATS-E  with  OAO  Flywheel 


The  increase  in  damping  time,  however,  is  not  large,  and  in  view  of  the  large  improvement  in 
yaw,  may  be  an  acceptable  penalty.  Of  course,  optimization  can  improve  the  "tradeoff" 
between  yaw  pointing  and  pitch  damping. 


Table  3.6-4  Initial  Conditions  for  ATS-E/Fl5rwheel  Run 


Pitch  Error 

= 

42. 6 deg 

Roll  Error 

= 

3.8  deg 

Yaw  Error 

= 

8. 9 deg 

Damper  Angle 

= 

-4. 7 deg 

Pitch  Rate  (Inertial) 

= 

7.  591  X lO"^  deg/sec 

Roll  Rate  (Inertial) 

= 

-5 

5.69x10  deg/sec 

Yaw  Rate  (Inertial) 

= 

»3 

-2.542  X 10  deg/sec 

Damper  Rate  (Relative) 

= 

-4 

-3. 324  X 10  deg/sec 

3. 6. 9 DETERMINATION  OF  SPIN  RATE  DIRECTION  ON  ATS-E 

For  a period  of  time  following  the  orbit  circularization  at  synchronous  altitude,  the  ATS-E 
spacecraft  was  spinning  about  an  axis  normal  to  the  cylinder  axis. 

To  make  the  spacecraft  operational,  the  empty  case  of  the  spent  apogee  motor  was  to 
be  jettisoned.  After  its  release,  the  spacecraft  would  reach  a stable  spin  about  the  z axis, 
which  is  the  proper  axis.  Because  of  the  initial  conditions,  however,  the  direction  of  spin 
was  uncertain,  and  since  the  ATS-E  spacecraft  uses  a yo-yo  despin  mechanism  which  only 
works  one  way,  the  possibility  of  not  being  able  to  despin  arose.  This  section  presents  the 
results  of  a brief  study  to  determine  if  the  proper  final  direction  of  spin  could  be  achieved  by 
controlling  the  initial  conditions. 

At  the  time  of  the  study,  ATS-E  was  spinning  about  its  x axis  at  approximately  90  rpm. 

The  X axis  was  the  axis  of  maximum  moment  of  inertia  with  the  spent  apogee  motor  case 
attached.  Because  of  the  large  amount  of  passive  damping  on  the  spacecraft,  the 
motion  was  quite  stable.  Unfortunately,  successful  completion  of  the  mission  required 
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that  the  spacecraft  be  spinning  aobut  the  z axis  (the. cylinder  axis)  and  in. the  proper 
direction.  The  limitation  is  imposed  by  the  yo-yo  which  only  works  on  one  axis,  and 
only  in  one  direction 


When  the  apogee  motor  case  is  jettisoned,  .the  x axis  becomes  the  intermediate  axis 
of  inertia,  and  has  a moment  of  inertia  greater  than  that  of  the  y axis  and  less,  than  that 
of  the  z axis.  The  intermediate  axis  of  inertia  is  the  only  djmamically  unstable  axis  of  the 
three  axes.  Spin  about  the  axis  of  maximum  moment  of  inertia  is  completely  stable,  and  spin 
about  the  axis  of  minimum  moment  of  inertia  is  unstable  only  in  the  presence  of  damping. 

The  axis  of  intermediate  moment  of  inertia,  however,  is  totally  unstable  and  rates  will 
almost  immediately  appear  on  the  other  axes.  Qualitatively,  tlte  direction  of  these  rates 
is  arbitrary  depending  on  the  initial  rate  conditions.  A study  was  therefore  undertaken  to 
determine  the  effect  of  initial  conditions  on  the  final  conditions  (Appendix  I).  Qualitative 
evaluation  of  the  dynamical  equations  indicated  that  the  rates  on  the  y and  z axes  were 
related  to  each  other,  but  that  they  would  continue -in  whatever  direction  they  were  started. 

The  analysis  was  continued  and  the  equations  were  linearized.  The  results  of  the  linearization 
indicated  that  the  rate  of  rate  buildup  was  exponential  with  the  exponent  being  proportional 
(and  close  to)  the  spin  rate.  Hence,  following  the  jettison  of  the  circularizing  engine,  the 
spacecraft  would  almost  certainly  go  into  wild  oscillations.  . 

The  results  of  the  linear  analysis  were  checked  by  use  of  an  analog  simulation  which  included 
the  total  equations  of  motion  for  a rigid  body.  The  exponential  increase  in  rates  was 
observed,  but  the  nonlinearities  associated  with  large  motions  of  rigid  bodies  appeared,  and 
the  spacecraft  went  into  a cyclic  motion  (the  general  nature  of  which  is  predictable  on 
theoretical  grounds).  If  an  initial  rate- was  put  on  one  axis*  the  rate  on  that  axis  never  fell 
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below  (in  absolute  terms)  that  initial  rate  during  any  part  of  the  motion.  The  motion,  how- 
ever, was  cyclic,  and  the  indications  were  that  once  an  initial  rate  was  added,  that  rate 
controlled  the  direction  of  the  final  rate. 

An  observation  from  these  runs  was,  that  the  dynamic  coupling  terms  were  on 
the  order  of  hundreds  of  pound-feet  of  equivalent'.torque.  Consequently,  after  the  motion 
had  started,  short  bursts  from  the  available  thrusters  (in  the  pound -feet  category)  would 
probably  be  useless.  • Therefore,  the  proper  initial  conditions  would  have  to  be  set  up  prior 
to  apogee  motor- case  jettison. 

Damping  was  not  included  in  the  simulations  and,  as  a preliminaiy  estimate  of  the  damping 
effect,  rate  proportional  damping  was  added  to  all  axes.  The  results  were  that  all  axes 
were  damped  with  no  transfer  of  momentum.  The  changeover  of  spin  rate  from  the  minimum 
to  the  maximum  moment  of  inertia  applies  only  if  momentum  is  conserved  for  the  system, 
and  apparently , not  even  a rough  approximation  can  be  made  using  direct  rate  proportional 
damping. 

To  simulate  a,  spin  nutation  damper,  the  equations  for  a passive  spring  mass  damper  (deve- 
loped for  a dual  spin  spacecraft)  were  implemented.  The  results  were  less  than  satisfactory, 
however,  since  the  damper  could  not  be  tuned  to  damp  the  observed  nutation.  The  nutation 
frequency  of  a dual  spin  spacecraft,  when  the  damper  is  on  the  de-spun  section,  is 
approximately  the  spin  frequency.  The  nutation  frequency  is  slightly  higher  or  slightly 
lower  than  the  spin  frequency  depending  upon  the  ratio  of  the  transverse  moment  of  inertia 
to  the  spin  moment  of  inertia. 

For  the  damper  located  on  the  spinning  section,  however,  the  nutation  frequency  is  much 
lower  than  the  spin  frequency  for  this  case  by  nearly  an  order  of  magnitude.  In  the 
simulation,  if  the  natural  frequency  of  the  nutating  damper  were  dropped  to  the  nutation 
frequency,  the  damper  went  unstable  due  to  the  spin  rate,  and  produced  no  system  damping. 

If  the  natural  frequency  of  the  damper  were  high  enough  to  be  stable,  it  was  too  stiff  to 
damp  effectively.  As  a consequence,  the  approach  was  abandoned. 
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To  s.itnulate  the  damping  present  in  the  real  spacecraft,  the  source  of  the  damping  had  to 
be  identified.  The  conclusions  drawn  from  the  orbit  transfer  phase  of  ATS-E  were  that  the 
heat  pipes  located  on  the  spacecraft  were  responsible  for  the  majority  of  the  passive  damping. 
It  was  decided,  therefore,  to  simulate  one  of  the  heat  pipes.  The  analysis  is  in  Appendix  J, 

The  heat  pipes  were  considered  to  be  continuous  loops  around  the  periphery  of  the  space- 
craft containing  a "slug”  of  fluid.  The  equations  are  in  complete  form,  but  require  digital 
integration  for  an  exact  answer.  A simplified  set  of  equations  was  pro^ammed  on  the 
analog  computer  and  simulations  attempted.  Unfortunately,  scaling  and  sine  function 
generator  difficulties  prevented  a meaningful  simulation.  Hand  calculations,  however, 
indicated  that  the  motion  of  the  fluid  within  the  tube  was  dominated  by  the  spacecraft 
dynamics,  and  a heavily  damped  fluid  could  easily  provide  considerable  system  damping. 

The  results,  on  a qualitative  basis,  appear  to  agree  with  independent  conclusions  regarding 
the  heat  pipe  as  the  probable  source  of  excess  damping.  A side  effect,  not  contained  within 
the  simulation  but  calculated  by  hand,  was  the  movement  of  the  fluid  from  one  side  of  the 
spacecraft  to  the  other.  This  could  cause  a principal  axis  shift  of  approximately  10  degrees 
and  interfere  with  the  action  of  the  active  nutation  damper. 


Within  the  limitations  of  this  study,  therefore,  it  appears  that  the  initial  conditions  .control 
the  final  spin  direction.  It  also  appears  that  short  bursts  of  thrust  from  the  available 
thrusters  can  be  effective  only  initially,  since  the  dynamics  of  the  spacecraft  dominate  the 
motion  immediately  after  apogee  motor  ejection.  The  final  spin  direction,  therefore,  can 
be  controlled  only  to  the  extent  that  the  initial  conditions  immediately  preceding  apogee 
motor  ejection  can  be  controlled. 
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SECTION  4 

DATA  PROCESSING  SYSTEM 
4.1  DATA  SYSTEM  REQUIREMENTS 

A brief  description  of  the  ATS  "Long-Term”  Gravity  Gradient  Data-  Processing  System 
was  presented  in  Section  2.  3.2,  The  requirements  for  the  system  were  based  primarily 
on  the  multiple  needs  for  an  in-depth  analysis  of  spacecraft  attitude  data  and  a correlation  of 
that  data  with  the  system  status  of  the  gravity  gradient  hardware.  The  data  and  analysis 
were  required  at  GE  to  satisfy  the  mission  requirements  of  the  gravity  gradient  e2q)eriment  an 
were  required  at  NASA/GSFC  for  redistribution,  along  with  other  payload  data,,  to  other 
ATS  experimenters. 

Command,  control  and  data  acquisition  for  all  ATS  flights  was  handled  fay  three  tracking 
stations  located  at  Rosman,  North  Carolina,  Mojave,  California  and  Toowoomba,  Australia. 
Operations  control  was  centered  at  the  ATS  Operations  Control  Center  (ATSOCC)  at  the 
Goddard  Space  Flight  Center  in  Greenbelt,  Maryland, 

During  satellite  operations,  each  tracking  station  in  view  of  the  satellite  recorded  data 
in  accordance  with  a master  schedule  generated  by  ATSOCC.  The  data  was  delivered 
weekly  to  GSFC's  Information  Processing  Division  for  formatting  to  user  requirements. 

The  GSFC  data  reduction  essentially  entailed  the  conversion  from  serial  PCM  data  to 
parallel  binary  data,  and  stripping  and  formatting  the  telemetry  words  required  by  each 
experimenter.  In  GE's  case,  the  formatted  telemetry  words  were  those  required  to  compute 
spacecraft  attitude  and  to  analyze  gravity  gradient  subsystem  performance.  The  resultant 
magnetic  tape  was  provided  GE  on  a weekly  basis  and  was  designated  the  Raw  Telemetry 
Data  Tape  (RTDT).  Along  with  the  RTDT,  GSFC  was  to  prepare  and  deliver  to  GE  a 
magnetic  tape  containing  tracking  station  measurements  of  the  spacecraft  antenna  polari- 
zation angle  (POLANG).  Due  to  the  unfortunate  circumstances  surrounding  each  flight,  the 
system  for  provision  of  POLANG  tapes  was  given  only  minimal  implementation.  In  addition 
to  the  digital  magnetic  tapes,  GE  was  to  receive  35  mm  film  negatives,  developed  and 
processed  at  GSFC  after  photographic  recording  of  TV  monitors  at  the  tracking  stations. 


4-1 


This  film  data  was  to  be  manually  read  on  a Gerber  Scientific  Film  Viewer  and  the  resultant 
data  processed  through  a TV  Data  Reduction  Program  (TVDRP,  see  Appendix  K).  The  end 
result  would  have  been  data  on  gravity  gradient  boom  tip  deflections  for  analysis  of  boom 
dynamics  and  thermal  bending,  as  well  as  data  on  the  earth  disk  for  use  in  evaluating  the 
gravity-gradient  system  TV  as  a potential,  attitude  .sensor. 

GE  data  requirements  and  a specification  of  GE/NASA'  data  system  interfaces  and  formats 
were  consolidated  in  the  following  documents: 

1.  SVS-7429,  ATS  DATA  FORMATS,  27  April  1966  (ATS-A)  (Revision  A,  17 
November  1966;  Revision  B,  15  March  1967) 

2.  SVS-7556,  ATS-D  DATA  SYSTEM  INTERFACES,  14  June  1968 

3.  ATS-7723,  ATS-E  DATA  SYSTEM  INTERFACES,  July  1969 

The  volume  (or  quantity)  of  data  for  GE  processing  was  established  by  mutual  agreement 
between  the  GE  and  GSFC  Project  Offices  and  was  based  on  the  type  of  orbit  (subsynchrbnous 
or  synchronous),  the  operation  plan  schedules,  and  a series  of  studies  which  attempted  to 
optimize  the  desired-versus- required  data  coverage  for  satisfaction  of  gravity  e^^eriment 
attitude  requirements.  For  the  ATS-A  subsynchronous  orbit,  the  data  volume  was  es- 
tablished on  the  basis  of  average  tracking  station  coverage  for  weekly  periods.  For  the 
synchronous  ATS-D  and  E orbits,  the  quantity  of  data  to  be  processed  weekly  was  established 
at  a nominal  56  hours  of  real-time  transmission  to  a tracking  station.  This  was  primarily 
dictated  by  overall  program  economics.  A turnaround  time  of  24  hours  (after  receipt  of 
data  by  GE)  was  established  as  a goal  for  the  production  and  delivery  of  computed  attitude 
data  to  NASA/GSFC.  The  format  of  data  to  be  supplied  NASA  was  also  specified  in  the 
data  system  interface  documents  and  the  deliverable  NASA  Attitude  Data  Tape  was  referred 
to  as  the  NADT.  The  remaining  data  processing  requirements  were  scheduled  on  a weekly 
basis  for  specified  periods  after  each  launch. 
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4.  2 program  development 


The  original  system  design  and  software  development  for  ATS  was  performed  with  the 
IBM-7094  computer  which  was  the  large-scale  batch  processing  EDP  Tnar.in-TiP  in  use  at 
GE/VFSTC  in  1967  for  engineering  and  scientific  computations.  The  data  processing 
for  ATS-A  was  performed  on  this  machine.  The  machine  configuration  consisted  of  32,  000 
words  of  core  (36  bits  per  word)  and  2 banks  of  10  digital  tape  transports  each.  ' It  became 
evident  in  the  early  design  and  specification  stages  that  the  total  ATS  Data-  Processing 
System  would  exceed  the  computer  storage  capacity.  The  system  was  therefore  segmented 
into  three  functional  packages: 

1.  Preliminary  Processing  (using  the  Data  Reduction  Module  or  DRM) 

2.  Attitude  Determination  (using  the  Data  Analysis  Module  or  DAM) 

3.  Diagnostic  Data  Processing  (using  the  Line  Image  Sort  and  Listing  Program  or 
LISLP) 

Computer  processing  to  generate  the  NASA  Attitude  Data  Tape(NADT)  required  the  Pre- 
liminary Processing  and  Attitude  Determination  Programs.  These  were  processed  within 
the  required  24-hour  period,  including  the  intermediate  time  for  evaluation  of  the  raw 
attitude  data.  The  Diagnostic  Data  Processing  was  usually  performed  during  the  24-hour 
period  immediately  following  delivery  of  the  NADT.  A single  processing  run  through  the 
IBM-7094  was  timed  using  20  hours  of  telemetry  data  recorded  on  an  RTDT.  The  computer 
running  time  per  hour  of  data  was  calculated  as  follows; 


1. 

Preliminary  Processing; 

0. 03  hr  per  hr  of  data 

2. 

Attitude  Determination: 

0.  004  hr  per  hr  of  data 

3. 

Diagnsotic  Data  Processing: 

0.  0092  hr  per  hr  of  data 

The  Attitude  Determination  timing,  however,  is  low  by  at  least  a factor  of  two  because 
the  data  quality  was  very  poor  and  the  logic  of  the  program  deleted  poor  quality  data 
rather  than  continue  the  computations.  Neither  is  the  time  for  processing  of  merged 
POLANG  data  included. 
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With,  the  changeover  from  the  IBM-7094  conc^uter  to  the  GE-635  computer,  at  VF  STC  in 
1968,  the  ATS  Data  Processing  System  was  converted  to  the  newer  computer  before  the 
launch  of  ATS-D.  The  GE-635  computer  is  a large  scale  processor  with  128,  000  words 
of  core  (36  bits  per  word),  12  digital  tape  transports  and  two  24  million  character  disks. 

The  use  of  this  computer  allowed  almost  complete  processing  to  be  performed  in  a single 
pass;  however  it  was  felt  necessary  to  incorporate  an  intervention  for  the  determination  of 
data  quality  before  the  computation  of  attitude  and  the  concept.of  a three-pass  system  was 
retained.  This  new  system  utilized  52,  000  words  of  core,  7 digital  tape  transports  and 
portions  of  both  disks.  The  changeover  from  the  IBM-7094  to  the  GE-635  also  entailed  a 
change  in  peripheral  printers  from  the  IBM- 1401  to  the  GE-415.  As  a subsequent  cost 
improvement  for  ATS-E,  preparations  had  been  made  to  accomplish  all  output  data  printing 
on  an  SDS-910  computer  (GFE)  in  the  Data  Systems  Laboratory  at  VF-STC.  This  would  have 
eliminated  all  leased  printer  costs  on  the  ATS  contract.  Use  of  the  system  was  severely 
curtailed,  however,  by  the  anomalous  operational  conditions  on  ATS-E.  Plotted  data 
(for  intermediate  and  final  evaluation  at  GE  and  presentation  of  selected  functions  to  NASA/ 
GSFC)  was  generated  on  the  Stromberg-Carlson  SC-4020  Plotter.  All  plot  formats  were 
generated  on  the  computers  (IBM-7094  or  GE-635)  and  outputted  on  digital  tapes.  These 
tapes  were  in  turn  processed  through  the  SC-4020  system  to  produce  35  mm  film  strips. 
Associated  film  processing  equipment  then  produced  hard  copy  plots  on  11-inch  paper  rolls. 

4.3  DATA  DESCRIPTION 

4.  3. 1 TELEMETKY  DESCRIPTION 

4.  3. 1. 1 Normal  Mode 

The  spacecraft  telemeter  configuration  is  a PCM  (pulse  code  modulation)  design.  The  bit 
stream  is  generated  at  the  rate  of  194. 18  bits  per  second.  Each  word  or  channel  of  the 
format  consists  of  9 bits.  The  telemetry  word  is  then  generated  at  a rate  of  21.  58  words 
per  second.  The  bit  numbering  method  for  the  word  is  shown  below  with  .Bit  1 being  the 
most  significant  (MS)  and  Bit  9 the  lease  significant  (LS). 
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bit  weight 
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2^ 

2^ 

2^ 

2^ 

The  bit  weight  of  Bit  1 is  therefore  2^  = 256  and  the  bit  weight  of  Bit  9 is  2'°  = 1.  A telemetr 
word  contains  a PCM  count  varying  from  zero  to  511.  A Main  Frame  of  the  telemeter  de- 
fines 64  words  with  the  first  three  words  containing  a fixed  and  unique  bit^'pattern  known  as 
sync  words.  A sequence  of  64  Main  Frames  is  known  as  a Master  Frame.  Two  words  of 
a Main  Frame  are  isubcommutated  as  shown  in  Figure  4. 3-1.  Main  Frame  Word  62  is  sub- 
commutated by  64  words  and  Word  63  by  32  words. 


Main  Frame  = 64  words  transmitted  in  2. 9664  seconds 
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Words  0,  1»  2 are  sync  words  of  non  varying  format. 
*Word  62  IS  subcommutated  by  64  words  (1/192  word  rate)* 
**Word  63  IS  subcommutatcd  by  32  words  (1/96  word  rate). 

All  words  (channels)  are  9 bits  each. 


Figure  4. 3-1.  ATS  Telemetry  Configuration 
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Therefore,  any  single  subcommntated  word  in  Word62is  sampled  once  per  Master  Frame  i 
and  a single  word  in  Word  63  is  sampled  twice  per  Master  Frame.  All  telemetry  functions 
are  classified  as  analog.  Gray  code,  or  event.  The  analog  voltage  fed  to  the  telemetry 
processor  varies  from  zero  to  -5. 11  volts  corresponding  to  the  PCM  count  from  zero  to 
511.  Gray  code  data  and  event  data  are  fed  to  the  processor  bit-for-bit  such  that  the  tele- 
meter reads  out  the  data  in  the  9-bit  word  patterns  as  inputted. 

4.  3. 1. 2 Dwell  Mode 

The  spacecraft  telemeter  is  commandable  from  ground  stations  into  a dwell  mode  in  which 
the  telemeter,  instead  of  sequentially  oulputting  all  words,  repeatedly  outputs  the  value 
from  a single  word  of  a Main  Frame.  This  can  be  performed  on  any  Main  Frame  word 
except  Words  0,  1,  2,  or  3.  A dwelled  Main  Frame  then  consists  of  the  normal  mode's 
first  four  telemetry  words  followed  by  60  channels  of  the  dwell  word.  This  mode  will  con- 
tinue until  a command  for  a new  dwell  word  or  for  a return  to  the  normal  mode  is  sent  to 
the  vehicle.  In  either  mode,  Channel  3 will  indicate  the  last  commanded  mode  of  the  telemeter. 
If  the  telemeter  is  made  to  dwell  on  the  subcommutated  channels  62  or  63,  the  telemeter 
Main  Frame  is  filled  with  the  subcommutated  word  sequence  of  that  particular  word.  Since 
there  can  be  64  subcommutated  words  (Channel  62)  and  only  space  for  60  words,  the  first 
4 subcommutated  words  are  lost  when  the  telemeter  is  dwelled  on  Channel  62. 

4.  3.  2 ANTENNA  POLARIZATION  DATA 

Antenna  Polarization  Data  is  used,  in  complement  with  Infrared  (IR)  and  Solar  Aspect 
Sensor  (SAS)  data,  to  determine  spacecraft  attitude.  An  RF  antenna,  coaxial  with  the 
satellite  pitch  axis,  transmits  a polarized  RF  signal  to  the  tracking  station  where  the 
orientation  of  the  electric  vector  (as  determined  by  maximum  signal  strength)  is  mea- 
sured normal  to  the  line  of  sight.  Thus,  except  for  Faraday  rotation  and  atmospheric 
refraction,  the  measured  electric  vector  lies  in  a plane  defined  bj^  the  spacecraft's  pitch 
axis  and  the  line  of  sight  from  the  station  to  the  satellite.  The  orientation  of  the  electric 
vector  is  defined  relative  to  a reference  plane  which  is  defined  by  the  local  vertical  of  the 
station  and  the  line  of  sight  to  the  satellite.  Positive  sense  is  defined  by  the  right-hand 
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rule  with  the  thumb  pointed  along  the  line  of  sight  from  satellite  to  ground  station.  Hence, 
as  viewed  from  the  ground  station,  counterclockwise  angles  are  positive. 

The  POLANG  data  was  to  be  subjected  to  data  reduction  at  GSFC  before  transmittal  to  GE. 
This  consisted  of  digitization,  filtration,  interpolation  and  corrections  due  to  Faraday 
rotation  and  earth's  magnetic  filed.  After  these  procedures,  the  sampling  period  of  the 
POLANG  output  could  vary  from  a minimum  of  about  3 seconds  to  a maximum  of  about  5 
minutes.  The  period  for  any  given  batch  of  data  was  to  be  established  through  ATSOCC, 
based  on  actual  needs  at  the  time  of  data  acquisition.  Data,  in  all  cases,  was  to  coincide 
with  whole  units  of  time.  The  data  processing  programs  at  GE  could  handle  the  POLANG 
at  these  different  rates;  however,  at  too  large  a time  Interval  between  samples,  the  data 
would  have  lost  its  usefulness  in  combination  with  sun  and  earth  attitude  sensor  data. 

4.  3.  3 ATS  SYSTEM  TIME 

A timing  system  is  utilized  by  ATSOCC  such  that  the  tracking  stations  and  the  control 
center  can  communicate  on  a common  time  base.  Each  tracking  station  uses  a time  gen- 
erator to  maintain  this  base  during  an  orbital  mission.  All  data  received  by  the  trackii^ 
stations  from  the  satellite  are  recorded  with  this  time  code.  The  time  code  in  use  is  the 
NASA  36-bit  Time  Code,  a 100  pps  puls  e-width- modulated  (PWM)  time  code  which  modulates 
a 1000-cycle  sine  wave  carrier.  The  code  is  composed  of  a Reference  Marker  and  nine, 
subcode  words  which  describe  time  of  year  in  seconds,  minutes,  hours,  and  days.  Each 
subcode  is  weighted  in  BCD  format.  The  leading  edges  of  all  pulses  are  precisely  spaced 
at  lO-nullisecond  intervals.  The’ Time  Frame  is  completed  by  100  pps  index  markers  and 
by  index  markers  occurring  every  100  to  900  milliseconds.  The  frame  Reference  Marker 
is  described  by  five  binary  one's  followed  by  a binary  zero.  The  leading  edge  of  the  binary 
zero  is  the  reference  time.  The  Time  Frame  provides  for  the  insertion  of  control  functions 
for  identifying  the  recording  stations  (four  bits).  The  time  code  is  formatted  with  the 
telemetry  data  by  GSFC's  Information  Processir^  Division  when  the  individual  experimenter 
tapes  are  prepared. 


4.  3. 4 ORBIT  PARAMETERS 

Orbit  parameters  are  those  mathematical  quantities  which  describe  the  initial  conditions 
and  confinements  of  the  elliptic  orbital  path  of  the  spacecraft.  These  quantities  must  be 
inputted  to  the  Lyddane-Brouwer  orbit  model  program,  a subroutine  of  the  Attitude 
Determination  Processor,  before  the  calculations  of  attitude  can  be  performed.  The  orbit 
parameters  were  to  be  received  weekly  from  NASA/GSFC  along  with  the  RTDT  and  POLANG 
tapes.  In  the  event  no  new  parameters  were  received,  and  in  the  absence  of  any  other 
information,  parameters  from  the  previous  week  were  to  be  used.  The  parameters  to  be 
supplied  were  as  follows : 

Epoch  Time;  Year,  day  of  year,  hour,  minute,  and  second  (GMT) 

2.  Semimajor  Axis;  Mean  semimajor  axis  of  the  eUiptical  orbit  at  epoch  (kilometers) 

3.  Eccentricity;  Mean  eccentricity  of  the  elliptical  orbit  at  epoch  (dimensionless  ratio) 

Inclination;  Mean  inclination  of  the  elliptical  orbit  at  epoch  (degrees) 

Right  Ascension  Ascending  Node;  Mean  right  ascension  of  ascending  node  at 
epoch  (degrees) 

6-  Argument  of  Perigee;  Mean  argument  of  the  perigee  at  epoch  (degrees) 

Mean  Anomaly;  Mean  "mean  anomaly"  of  the  satellite  point  at  epoch  (dimensionless) 

4.  3.  5 TV  DATA 

TV  data  was  to  be  received  at  GE  in  rolls  of  time- annotated  35  mm  negative  transparent 
film.  The  presentation  format  was  carefully  defined  in  the  Data  System  Interface  specs. 
ATS-A  TV  data  was  transmitted  from  two  TV  subsystem  cameras  mounted  on  opposite  sides 
of  the  spacecraft;  one  pointing  toward  earth  and  the  other  pointing  toward  space.  ATS-D 
had  only  a space-oriented  camera  and  ATS-E  had  only  an  earth-oriented  camera.  The  TV 
signal  was  displayed  on  monitors  located  at  each  of  the  tracking  sites.  There,  periodically, 
in  response  to  direction  from  ATSOCC,  the  TV  monitors  were  to  be  photographed  by  35  mm 
cameras  along  with  the  system  time  clock.  These  film  strips -were  then  to  be  shipped- to 
NASA/GSFC  for  development  before  shipment  to  GE.  The  TV  data  was  then  to  be  manually 
read  on  the  Gerber  Scientific  Film  Viewer  to  obtain  the  data  input  for  the  TV  Data  Program 

(TVDP).  TV  camera  data  processing  techniques  and  procedures  are  discussed  in  detail 
in  Appendix  K. 


4.4  GENERAL  SYSTEM  DESCRIPTION  (Reference  Figure  4.4-1) 

The  requirement  for  a 24-hour  turnaround  on  the  production  of  a NASA  Attitude  Data  Tape 
(NADT)  was  a major  factor  in  the  development  of  a three-phase  operational  approach  to  the 
processing  of  gravity  gradient  experiment  data.  The  first  phase  of  operations  (Pre-Process- 
ing Phase)  utilized  the  Telemetry  Configuration  and  Calibration  Tape  Generation  Program 
(TCCTGP)  to  prepare  the  Telemetry  Configuration  and  Calibration  Tape  (TCCTP),  The 
TCCTP  was  prepared  in  advance  of  receipt  of  the  RTDT  and  POLANG  tapes  from  NASA  so 
that  processing  of  the  NASA  tapes  could  begin  immediately  upon  receipt,  (The  TCCTP  con- 
tained all  fixed  information  essential  to  the  processing  and  merging  of  data  from  the  RTDT 
and  POLANG  tapes. ) The  second  phase  of  operations  (Normal  Processing  Phase)  required 
three  computer  passes.  The  first  pass  utilized  the  Data  Reduction  Module  (DRM)  to  merge 
data  from  the  RTDT  and  POLANG  tapes,  convert  the  data  to  useful  engineering  units  and 
produce  a smnmaiy  listing  of  spacecraft  status,  a Data  Analysis  Module  Tape  (DAMTP),  a 
Data  List  Tape  (DLT),  a Telemetry  Data  Tape  (TDT)  and  a plot  tape  for  the  SC4020  plotter. 
The  second  pass  utilized  the  Data  Analysis  Module,  Version  2 (DAM  2)  to  compute  space- 
craft attitude  performance  as  a function  of  time.  Before  commitment  to  Pass  Number  2, 
data  plots  and  reports  from  Pass  Nvunber  1 were  closely  examined  to  ensure  a quality  of 
data  commensurate  with  requirements  for  a reliable  computation  of  spacecraft  attitude.  Any 
required  changes  resulting  from  this  examination  were  introduced  by  DAM  2 parameter  card 
modifications.  The  DAMTP,  produced  during  Pass  Number  1,  provided  the  DAM  2 input 
data  and  three  tapes  were  produced  as  output: 

1.  NASA  Attitude  Data  Tape  (NADT) 

The  requirements  for  this  tape  took  precedence  over  all  other  requirements.  The 
NADT  was  required  by  NASA/GSFC  within  24  hours  after  GE  receipt  of  the  RTDT 
and  POLANG  tapes.  The  NADT  was  to  be  utilized  by  GSFC  in  the  production  of  a 
world  map  for  distribution  to  all  ATS  experimenters.  The  world  map  was  to  con- 
tain the  time  history  of  spacecraft  orbital  position  and  attitude  relative  to  the  earth 
and  sun. 

2.  GE  Attitude  Data  Tape  (GEADT) 

This  tape  was  produced  for  subsequent  use  by  GE  in  an  in-depth  analysis  of  space- 
craft attitude  performance.  It  was  therefore  of  prime  importance  to  the  gravity 
gradient  evaluation  team. 
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Figure  4.4-1.  ATS  Data  Processing  System 
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3.  SC-4020  Plot  Tape 

This  tape  provided  for  the  automatic  production  of  attitude  plots  (pitch,  roll,  yaw 
and  damper  boom  angle  as  a function  of  time)  on  the  SC-4020  plotter.  Two  sets 
of  plots  were  to  be  produced:  one  for  NASA/GSFC  and  the  other  for  the  GE  evalua- 
tion team. 

The  third  pass  of  the  Normal  Processing  Phase  was  accomplished  after  delivery  of  the 
NADT  - usually  during  the  second  24-hour  period  following  receipt  of  the  RTDT  and  POLANG 
tapes.  The  third  pass  utilized  the  Line  Image  Sort  and  Listing  Program  (LISLP)  to  output 
the  reports  required  by  the  gravity  gradient  experiment  evaluation  team.  This  included  means 
and  standard  deviations,  event  levels,  event  conditions,  and  point-by-point  listings  of  selected 
sensors.  The  input  to  the  LISLP  was  the  Data  List  Tape  (DLT)  produced  during  Pass  Number 
1.  The  Telemetry  Data  Tape  (TDT)  was  used  for  this  purpose  on  ATS-A  (see  Figure  2.  3-2), 
but  by  the  time  of  the  ATS-D  and  E launches,  enough  additional  report  requirements  and  out- 
put format  options  existed  that  a separate  tape  (the  DLT)  was  created  for  processing  of  nor- 
mal report  requirements.  The  TDT  was  then  reserved  for  use  during  the  Post-Processing 
Phase.  The  TDT  contained  all  scaled  telemetry  values  and  was  used  as  input  to  the  Selective 
Listing  Program  (SLP).  The  SLP  was  an  analysis  tool  which  was  used  to  provide  listings 
of  selected  parameters  over  time  intervals  of  special  interest.  The  SLP  could  output  a list- 
ing of  up  to  15  parameters,  each  pass,  in  a time  ordered  column  format.  In  addition  to 
SLP  operation,  the  Post-Processing  Phase  included  processing  of  filmed  TV  data  on  the  Gerber 
Film  Scanner  and  processing  of  the  punched  card  output  through  the  TV  Data  Program  (TVDP). 
The  TVDP  was  designed  to  provide  an  output  listing  of  data  on  boom  tip  deflections  and  earth 
orientation.  The  essentials  of  the  TVDP  are  outlined  in  Appendix  K. 

4.5  PROGRAM  FUNCTIONAL  DESCRIPTIONS 

The  ATS  Data  Processing  System  is  actually  composed  of  six  separate  and  distinct  programs 
which  are  interrelated  through  their  input  and  output.  Table  4. 5-1  summarizes  the  input  and 
output  for  each  program.  Reference  to  Figure  4.4-1  will  provide  an  overview.  The  follow- 
ing paragraphs  describe  the  specific  functions  of  each  program. 
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Table  4.5-1.  Input/Output  For  ATS  Data  Processing  Programs 


Program 

Input 

Output 

TCCTGP 

a)  Control  Cards 

b)  Telemetry  Configuration  and  Parameter 
Description  Cards 

c)  Calibration  and  Event  Level  Assignment  Cards 

a)  Telemetry  Configuration  and  Calibration 
Tape  (TCCTP) 

b)  A summary  listing  of  the  setup,  organized 
by  parameter 

DRM  (Pass  No.  1) 

a)  Control  Cards 

b)  Telemetry  Configuration  and  Calibration 
Tape  (TCCTP) 

c)  Raw  Telemetry  Data  Tape  (RTDT) 

d)  POLANG  Data  Tape 

a)  Data  Analysis  Module  Tape  (DAMTP) 

b)  Telemetry  Data  Tape  (TDT) 

c)  Data  List  Tape  (DLT) 

d)  Time  history  plots  of  Solar  Aspect  Sensor, 
Earth  IR  Sensor,  Angle  Indicator,  POLANG 
and  Magnetometer  '*raw"  data  outputs  and 
related  status  items  such  as  SAS  ID,  Earth 
Sensor  Sun-in-View,  etc. 

DAM  2 (Pass  No.  2) 

a)  Control  Cards 

b)  Data  Analysis  Module  Tape  (DAMTP) 

a)  NASA  Attitude  Data  Tape  (NADT) 

b)  GE  Attitude  Data  Tape  (GEADT) 

c)  Summary  Listing 

d)  SC  4020  Plot  Tape  (Pitch,  Roll,  Yaw, 
Pointing  Angle  and  Damper  Boom  Angle 
as  a function  of  time) 

LISLP  (Pass  No.  3) 

a)  Control  Cards 

b)  Data  List  Tape  (DLT) 

One  or  more  printed  data  list  reports  by 
pre-established  report  format  (Mean  and 
SD,  Higjh/Low  Limits,  etc. ) 

SLP 

a)  Control  Cards 

b)  Telemetry  Data  Tape  (TDT) 

Parameter  listings  in  a column  format 
(time  controlled  with  editing  options) 

TVDP 

a)  Control  Cards 

b)  Digitized  Cards  from  scanner  film  processing 

a)  Listing  of  coordinate  deflections  of  boom 
tips  in  field  of  view 

b)  Listing  of  earth  center  and  terminator 
coordinates 

4.  5. 1 TELEMETRY  CONFIGURATION- AND  CALIBRATION  TAPE  GENERATION 
PROGRAM  (TCCTGP) 

The  primary  function  of  the  TCCTGP  is  to  translate  and  convert  fiinction-oriented  parameter 
input  specifying  the  frame  position,  sampling  rate,  conversion  requirements,  calibration/ 
gray  codes,  titles  and  other  basically  fixed  Information  into  matrices  and  tables  which  are  . 
utilized  by  the  DRM  for  normal  processing.  This  program  is  run  only  a few  times  for  a 
normal  launch.  This  program  is  the  first  program  required  in  the  data  reduction  system. 

It's  primary  output  is  the  telemetry  configuration  and  calibration  tape  (TCCTP).  This  pro- 
gram is  run  during  the  pre-processing  phase  before  receipt  of  RTDT  and  POLANG  tapes 
from  NASA.  The  ATS  Calibration  Book  and  flight  evaluation  requirements  are  the  source  for 
much  of  the  input  information.  Tables  are  created  in  a systematic  order  with  appropriate 
linking  to  allow  functional  separation  of  each.  These  tables  provide  a complete  condensed 
source  of  setup  information  to  the  DRM: 

1.  A table  is  built  to  define  each  function  as  to  telemetry  word,  bit,  and  order  re- 
quired to  form  the  word  (including  normal  and  subcommutated  positions). 

2.  A table  of  reduction  type  of  each  parameter  is  formed.  In  addition,  scaling  tables 
are  built  in  PCM  levels  versus  engineering  units  when  required.  Options  provided 
are  scaling  (funtionalizing),  gray  code,  event  level  (on/off),  or  bit  configuration 
(no  reduction).  Section  4. 6.  2 details  the  scaling  procedure. 

3.  Normalization  tables,  indicating  channels  to  be  corrected  for  analog- to-digital 
converter  drift  and  instrumentation  voltage  variations,  are  built. 

4.  Arrays  providing  parameter  titles,  output  accuracy,  presentations,  and  indications 
of  checks  to  be  performed  are  organized. 

5.  All  inputs  are  cheeked  for  errors  and  inconsistencies. 

4.  5. 2 DATA  REDUCTION  MODULE  (DRM) 

The  heart  of  the  ATS  Data  Processing  System  is  the  Data  Reduction  Module  (DRM).  The  DRM 
is  composed  of  two  essential  subprograms,  the  Master  Control  Data  Reduction  Program 
(MCDRP)  and  the  input  module  referred  to  as  INPATS.  The  MCDRP  is  a small  FORTRAN 
program  which  directs  the  flow  and  processing  of  data  during  Preliminaiy  Processing  (Pass  No. 
No.  1)  by  transferring  control  to  predeveloped  task-oriented  modules.  The  first  module  called  is 
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the  input  module  (INPATS).  This  module,  by  MCDRP  direction,  unpacks  one  complete 
frame  of  data  at  a time  from  the  RTDT  and,  according  to  instructions  previously  taken  from 
the  TCCTP  (Section  4.  5. 1)  evaluates,  normalizes,  converts  to  meaningful  units  and  stores 
in  the  data  base  with  respect  to  time,  all  data  from  that  particular  data  frame.  The  POLANG 
data  for  the  corresponding  time  period  is  also  unpacked  and  stored  during  this  operation. 
INPATS  returns  to  the  MCDRP  after  each  complete  frame  of  telemetry.  The  MCDRP  then 
calls  the  modules,  which  need  this  data  to  produce  the  Data  Evaluation  Reports  specified  by 
the  input  parameters.  Each  module  generates  one  type  of  Data  Evaluation  Report,  and  has 
its  own  input  parameter  set  so  that  any  combination  of  telemetry  functions  can  be  processed 
by  each.  The  modules  are’ designed  to  retrieve  all  data,  parameters,  linkage  directives  and 
communications  from  the  data  base.  The  following  Data  Evaluation  Report  Modules  are  avail- 
able to  the  MCDRP: 

1.  Mean  and  Standard  Deviation  Reports 

2.  Out  of  Limits  Summary 

3.  Event  Status  Summary 

4.  Data  List  Reports 

After  all  the  Modules  have  utilized  the  stored  data  for  the  particular  data  frame,  the  MCDRP 
transfers  back  to  the  INPATS  Module  to  continue  processing.  This  procedure  is  continued 
until  preliminary  processing  has  been  completed  for  all  RTDT  and  POLANG  data.  If  require- 
ments change,  this  procedure  gives  the  user  the  capability  of  simply  adding  or  deleting  a 
CALL  statement  or  input  parameters  at  time  of  execution. 

The  following  submodules  are  included  in  and  executed  specifically  by  the  INPATS  Module. 

The  Data  Analysis  Tape  Generator  Module  (DMTGEN)  collects  the  RTDT  and  POLANG  data 
needed  by  the  DAM  2 Attitude  Determination  Program.  Selected  telemetry  function  data  and 
(if  available)  Polarization  Angle  Data  is  merged  at  a pre-selected  rate.  The  selected  data 
is  written  on  a magnetic  tape  (referred  to  in  this  document  as  the  Data  Analysis  Module  Tape, 
DAMTP)  and  stored  in  the  Data  Base  as  input  to  the  ATS  SC-4020  Display  Module,  which 
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generates  a time  history  display  of  the  telemetry  function  data  used  in  the  computation  of 
spacecraft  attitude.  For  historic  (and  possible  post  processing  purposes)  all  the  processed 
RTDT  and  POLANG  data  is  written  on  a magnetic  tape  (referred  to  herein  as  .the  Telemetry 
Data  Tape,  TDT)  by  the  INPATS  Module.  Production  of  the  DAMTP  and  TDT  complete  the 
essentials  of  Pass  No.  1.  As  a part  of  Pass  No.  1,  the  operating  technician  was  supplied  with 
a summary  list  of  the  files  on  the  tape.  This  was  done  for  record  keeping  and  to  establish 
data  quality  that  might  have  affected  the  insertion  of  parameter  cards  for*’subsequent  com- 
puter processing. 

This  summary  initially  shows  the  label  record  information  of  the  data  file.  It  then  presents 
the  time  period  of  the  data  (i.  e. , the  times  of  the  first  and  last  data  frames  and  the  number 
of  main  frames  contained  in  that  period).  If  the  commutator  was  dwelled  during  the  time 
period,  the  dwell  channel  number,  either  in  the  main  frame  words  or  subcom  words  is  indi- 
cated, The  time  interval  and  the  repetition  rate  of  the  POLANG  data  from  the  POLANG  tape, 
if  it  exists,  is  shown  on  the  Summary  report.  The  report  presents  a list  of  the  frames  omit- 
ted from  further  processing  due  to  a tune  discrepancy.  This  was  designed  to  alleviate  any 
problem  in  the  fixed-rate  merging  of  the  telemetry  and  POLANG  data.  Finally,  the  Summary 
list  provides  information  on  filled  data  frames.  Some  filled  frames  are  by  design  and  are 
called  out  in  the  Data  System  Interface  Specifications;  others  are  due  to  data  dropout. 

One  of  the  prime  functions  of  Pass  No.  1 is  the  merging,  by  flight  time,  of  the  PCM  telemetry 
data  and  POLANG  data.  Some  difficully  was  experienced  in  obtaining  general  agreement  on 
the  data  sampling  rate  for  POLANG  and  an  internal  requirement  was  established  to  provide  the 
capability  for  merger  of  the  two  sets  of  data  at  almost  any  POLANG  sampling  rate. 

The  applicability  of  POLANG  for  attitude  determination  decreases  as  its  sampling  rate  drops 
below  that  of  the  PCM  data.  As  an  example,  the  sun  sensor  data  is  sampled  at  intervals  of 
approximately  3 seconds.  The  sampling  of  POLANG  at  a rate  of  one  sample  per  minute  would 
require  that  either  19  of  the  20  values  of  sun  sensor  data  not  be  used  or  that  20  samples  of 
sun  data  be  used  in  combination  with  one  value  of  POLANG  data  for  one  attitude  calculation. 
Since  POLANG  data  for  this  particular  application  was  not  considered  to  be  as  reliable  as 
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the  sun  data,  the  quality  value  of  either  of  these  meaus  of  determining  attitude  was  con- 
sidered quite  low  for  "high  frequency"  attitude  components.  Accordingly,  GE  has  always 
requested  that  POLANG  exhibit  a sampling  rate  at  least  equal  to  that  of  the  sun  sensor  data, 
since  the  "high  frequency"  data  is  quite  fundamental  to  studies  of  thermal  twang  or  thermal 
flutter.  The  merging  procedure  uses  logic  to  locate  the  data  time  on  the  POLANG  tape  that 
most  closely  coincides  with  data  time  on  the  telemetry  tape.  The  POLANG  words  are  then 
added  to  that  respective  telemetry  frame  of  data.  For  telemetry  frames  with  no  associated 
POLANG  data,  the  added  POLANG  data  is  inserted  as  all  zeros.  POLANG  data  from  asmany 
as  four  tracking  stations  is  provided  for.  The  output  of  this  merge  module  is  two  tapes, 
one  (labelled  TDT)  contains  all  telemetry  and  POLANG  data  and  the  other  (labelled  DAMTP) 
contains  only  that  telemetry  data  and  POLANG  data  required  for  computation  of  attitude. 
Incomplete  frames  of  data,  questionable  data,  and  dwell  mode  data  are  not  included.  The 
TDT  and  DAJVfTP  are  retained  in  the  GE  tape  library  and  the  RTDT's  and  POLANG  tapes 
are  returned  to  GSFC. 

The  preliminary  processing  pass  also  outputs  SC-4020  plots  of  the  sun  and  IR  earth  sensor 
data  (as  well  as  magnetometer  and  POLANG  data)  as  a function  of  time.  These  plots  are 
reviewed  by  data  evaluation  personnel  before  proceeding  to  Pass  No.  2.  This  is  primarily 
to  ensure  good  data  quality  before  committing  to  attitude  determination.  This  intermediate 
plotting  and  evaluation  proved  to  be  quite  valuable  due  to  the  anomalous  conditions  experienced 
in  orbit.  Data  for  complete  attitude  computation  was  very  meager,  biit  the  "raw"  sensor  data 
plots  were  quite  valuable  in  terms  of  visualizing  general  dynamic  behavior. 

Along  with  two-axis  readings  of  the  sun  and  IR  earth  sensors,  the  plots  also  displayed  the 
identification  number  of  the  sun  sensor  in  use  (No.  1 through  5),  and  the  sun-in-view  indica- 
tor for  the  IR  sensors.  The  two-axis  readings  from  both  IR  sensors  (ATS-2)  were  displayed 
simultaneously.  The  plot  symbols  differentiated  between  sensors,  and  the  sensor  not  in  view 
of  the  earth  exhibited  data  riding  the  plot  zero  reference. 

For  the  tumbling  spacecraft,  these  plots  allowed  for  an  analysis  which  determined  the  axis  of 
tumbling  and  the  rate  to  a relatively  good  accuracy.  Typical  plots  were  included  in  all  final 
flight  reports. 
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In  summary,  the  following  operations  can  be  performed  in  the  DRM.  Control  cards 
specify  what  operations  are  required  and  what  data  is  to  be  reduced.  (Control  is  normally 
in  terms  of  data  files  or  acquisition  times. ) Section  4. 6. 5 details  the  hardware  require- 
ments of  the  DRM.  The  operations  are  not  necessarily  performed  in  the  order  listed  and 
some  need  not  be  included  for  some  reduction  cycles. 


1.  TCCTP  Tables  and  control  information  is  stored  with  appropriate  linkage. 
Limited  updating  of  this  information  from  card  input  at  run  time  is  permitted, 

2.  Raw  telemetry  data  is  read  from  the  raw  telemetry  data  tape  (RTDT).  It  is 
checked  for  content  and  processed  accordingly.  Complete  logic  is  provided 
for  handling: 


a. 

Time  start  and  stop  control 

b. 

Encoder  change 

c. 

Data  drop  out 

d. 

Mixed  dwell  and  normal  data  with  independent  processing  requirements 

e. 

Time  discontinuity 

f. 

Unexpected  end  of  data 

Individual  channels  are  unpacked  from  the  normal  and 
to  form  PCM  words  ranging  from  1 to  36  bits.  These 
the  current  time. 

subcom  frames  as  required 
values  are  stored  versus 

The  values  are  then  normalized,  if  required.  Section 

4. 6 . 1 explains  the  methods 

used. 

5.  Individual  functions  are  unpacked  and  if  required  scaled  or  converted  through  one 
of  four  procedures. 

a.  Gray  Codes  are  processed  through  a point  per  level  table  lookup.  (Each  PCM 
level  has  an  exact  engineering  units  equivalence  in  the  table.) 

b.  Event  Levels  use  step-type  table  lookups  (ranges  of  PCM  levels  correspond 
to  finite  status  of  one  or  more  functions)  which  yield  true  (1)  and  false  (0) 
indications. 
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c.  Scaling  uses  ftinctionalizing  table  lookups  with  linear  interpolation  and  extrap- 
olation. This  provides  a smooth  range  of  PCM  levels  versus  engineering  units. 
Section  4. 6. 2 contains  a more  detailed  explanation. 

d.  Bit  Configuration  provides  PCM  level  outputs  as  received. 

6.  Means  and  standard  deviation  values  of  selected  parameters  are  computed.  Two 
different  schemes  are  used  as  specified  in  the  controlling  input.  These  summaries 
are  output  as  a single  integrated  report  or  as  separate  reports.  The  summaries 
are  controlled  by  time  intervals.  Two  intervals  are  used.  In  addition,  each  param- 
eter in  each  report  can  accumulate  two  means  and  two  deviations  as  directed  by  any 
event  function  which  may  be  associated.  Section  4.  6.4  presents  the  equations  used. 

7.  An  out-of- limits  check  is  performed  on  all  parameters  specified.  The  limits  may 
be  constant  or  change  with  the  state  of  any  related  event-type  parameter.  A time- 
ordered  report  is  created,  noting  the  state  (in  or  out  of  limits)  of  each  parameter 
being  checked  and  restating  the  new  status  with  appropriate  time  notation  each  time 
a parameter  crosses  a limit. 

8.  An  event  status  summary  notes  the  change  of  state  of  all  requested  event  type 
parameters.  The  output  is  an  independent  report  which  notes  the  initial  state  and 
subsequent  changes  (and  time  of  each)  of  the  parameters  being  monitored. 

9.  Three  special  ATS  plots  are  created  while  processing  normal  data.  Section  4. 6. 3 
details  the  plots  and  plotting  procedure. 

10.  Data  listings  are  created  as  requested.  One  or  more  time  ordered  "data  listings 
with  up  to  ten  parameters  in  each  list  may  be  processed.  Main  frame  and  sub-corn 
functions  may  be  mixed  as  desired. 

11.  POLANG  data  may  be  merged  with  telemetry  data  at  any  selected  rate  or  at  the 
rate  of  POLANG  availability.  The  selected  RTD  and  available  POLANG  will  appear 
on  the  special  time  history  plots  as  well  as  the  DAMTP. 

12.  A special  record  select  oulput  function  is  incorporated  to  control  output.  This 
routine  tags  each  line  of  each  report  with  an  identification  character  to  allow  re- 
construction of  the  interlaced  reports. 

13.  A reduction  summary  report  is  output  to  provide  a permanent  record  of  what  data  is 
reduced,  its  quality,  and  the  outputs  produced. 

4.  5. 3 DATA  ANALYSIS  MODULE,  VERSION  2 (DAM  2) 

The  exclusive  function  of  DAM  2 is  to  compute  spacecraft  attitude.  The  DAMTP  (generated 
by  the  DRM  in  Pass  No,  1)  is  the  primary  source  of  input.  Calculations  are  based  on  solar 
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aspect  sensor,  earth,  sensor,  POLANG  and  magnetometer  data  in  that  order.  Primary 
outputs  from  DAM  2 are  the  NASA  Attitude  Data  Tape  (NADT)  and  the  GE  Attitude  Data 
Tape  (GEADT).  The  NADT  was  generated  to  a NASA-prescribed  format  and  contained 
computed  attitude  data  and  related  information  at  5-minute  intervals.  The  GEADT  contained 
computed  data  at  1-minute  intervals  as  well  as  intermediate  computations  for  an  in-depth 
analysis  of  the  attitude  determination  system  and  spacecraft  performance  by  the  GE  experi- 
ment evaluation  team.  Attitude  plots  and  detailed  listings  were  also  produced  with  data 
shown  at  its  maximum  rate.  The  complete  equations  for  DAM2  are  contained  in  "ATS-D 
Data  Analysis  Module  (DAM 2)  Equations  and  Basic  Logic,  " Program  information  Release 
1K05-006,  24  July  1968  by  M.  A.  Martin,  The  DAM2  differs  from  the  original  DAM  in  the 
techniques  used  to  arrive  at  a single  optimum  solution  for  attitude  in  a situation  in  which 

there  are.  typically  multiple  and/or  ambiguous  solutions  to  the  attitude  determination  prob- 
lem. Consideration  of  more  attitude-related  measurements  than  are  minimally  required 
to  determine  attitude  allows  a computational  optimization  to  improve  the  accuracy  of  de- 
termination. The  original  DAM  attempted  to  compute  one  optimum  solution  to  the  attitude 
problem  by  using  (in  a weighted  fashion)  all  available  attitude  sensor  data.  DAM  2 computes 
attitude  by  all  available  means  and  then  attempts  to  pick  the  optimum  of  the  multiple  re- 
sultant solutions. 


4.  5.  4 LINE  IMAGE  SORT  AND  LISTING  PROGRAM  (LISLP) 

All  MCDRP-controlled  modules  use  a Record  Select  Output  subroutine  to  produce  their 
listing  output.  This  subroutine  assigns  each  report  (or  printout)  a unique  character  and 
includes  it  in  the  line  image  output.  All  report  output  is  simultaneously  written  on  one  tape, 
referred  to  as  the  Data  List  Tape  (DLT),  The  Line  Image  Sort  and  Listing  Program  (LISLP) 
produces  the  respective  printouts  by  sorting  the  tape  once  for  every  character.  Each  sort 
prints  all  the  line  images  assigned  to  that  specific  character  and  thereby  forms  the  report. 

4.  5.  5 SELECTIVE  LISTING  PROGRAM  (SLP) 

This  program  selects  any  combination  of  up  to  15  parameters  and  forms  a time  ordered 
column  listing  of  their  levels.  The  listing  is  time- controlled  with  editing  options.  The  SLP 
is  an  analysis  tool  designed  for  use  when  an  in-depth  analysis  is  indicated  by  conditions 
identified  in  the  initial  reduction  summaries.  It  is  not  required  for  normal  data  reduction. 
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4.  5.  6 TV  DATA  PKOGRAM  (TVDP) 

The  TV  Data  Program  produces  boom  bending  arid- earth  orientation  data  from  the  digitized 
data  output  (punched  cards)  of  the  Gerber  Scanner.  The  Gerber  Scanner  is  used  to  digitize 
data  from  strips  of  35  mm  film  provided  by  NASA/GSFC  and  produced  by  photographing 
TV  monitors  at  the  ground  stations.  Appendix  K provides  a detailed  description  of  TVDP 
techniques. 

4.6  PROGRAM  OPERATIONS 
4.6.1  NORMALIZATION 

Normalization  is  the  adjustment  applied  to  PCM  data  to  correct  errors  introduced  by  drifting 
of  the  on-board  analog-to-digital  conversion  unit  and  changes  in  the  instrumentation  power 
supply.  The  performance  of  the  A to  D unit  is  measured  by  monitoring  the  indicated 
output  of  a precision  voltage  supply  incorporated  for  that  purpose.  The  instrumentation 
power  supplies  are  measured  as  independent  parameters.  Functions  to  be  adjusted  and 
corresponding  references  are  indicated  as  part  of  the  calibration  setup  procedure.  The 
correction  takes  the  form: 


PV  = PV  X K 
e u 


REF 


or 


PV  =PV  XK 
c u 


INS 


Where 


PV^  = uncorrected  PCM  level  of  the  parameter 

PV^  = corrected  PCM  level  of  the  parameter 

^REF  ~ ratio  of  predicted  reference  voltage  level  to  the  actual 

= rauo  of  predicted  instrumentation  voltage  supply  to  the  actual 
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Scaling  is  completed  in  the  normal  manner  using  the  corrected  values.  Note  that  both 
corrections  need  not  be  applied  as  the  actual  instrumentation  voltage  reading  and  the  para- 
meters requiring  this  correction  are  subject  to  identical  A-to-D  errors  which  cancel, 

4.  6.  2 SCALING 

Calibrations  for  functionalized  parameters  are  irput  as  X versus  Y tables  of  from  2 to  14 
points.  They  are  expanded  to  X versus  Y and  M tables  in  the  TCCTGP.  The  actual  scaling 
logic  uses  a linear  slope  intercept  form  of 


Y'  =(X'  -X)  M+Y 


Where 

Y'  = Engineering  units  value 

X*  = PCM  level  of  the  point  being  scaled 

And 

X = Calibration  reference  point  PCM  level 
Y = Engineerinal  units  corresponding  to  X 

M = Slope  (Eng'  r units/count)  consistent  with  Y and  the  next  higher  point 

(The  next  lower  value  of  X and  Y are  used  except  for  off  table  values  when  the  adjacent  end 
points  are  applied  in  the  equation. ) 

The  DRM  cuts  reduction  time  and  core  requirements  by  sharing  tables,  where  functions 
have  duplicate  calibrations,  and  by  storing;.the  last  entry  level  for  each  function  and  using 
it  as  the  most  probable  label  in  the  subsequent  entry. 
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4.  6.  3 DEM  PLOTS 

All  plots  in  the  ATS  data  system  are  formed  on  the  GE-635.  They  are  output  on  magnetic 
tape  which  is  in  turn  processed  by  the  SC  4020  CRT  plotter.  The  4020  output  is  35,  mm  filrYi 
which  is  processed  by  associated  equipment  to  produce  useful  hard  copy  plots.  The  DEM 
plots  are  produced  on  continuous  grids  except  for  intervals  when  data  is  interrupted.  The 
plots  created  are  (as  a function  of  time): 


1.  SAS  Angle  A + B 
SAS  Detector  ID 
Earth  Sensor 
ESI  (on/off) 

Sun  in  view  (on/off) 

I.  O.  (camera  mirrors)  in  view  (ATS-D  only) 

'2.  Angle  Indicator 
POLANG 

3.  Magnetometer  "X"  axis  - Insensitive 
Magnetometer  " Y’  axis  - Insensitive 
Magnetometer  "Z"  axis  - Insensitive 
Magnetometer  "X"  axis  - Sensitive 
Magnetometer"Y"  axis  - Sensitive 
Magnetometer  " Z”  axis  - Sensitive 


4.  6. 4 MEANS  AND  STANDARD  DEVIATIONS 

The  means  and  standard  deviations  are  computed  over  specified  intervals.  One  and  four 
hours  are  normally  used. 


The  mean  is  computed  as 
N 

X = £ 

i = l 
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The  standard  deviation  uses  the  equation 


4. 6.  5 DRM  OPERATIONS 

The  data  reduction  module  normally  requires  nine  tape  drives  and  52,  000  words  of  memory 
on  the  GE-635.  The  GE-635  has  only  12  tape  units  available;  consequently,  the  9-tape 
requirement  restricts  access  to  the  machine. 

To  ease  the  requirements,  two  of  the  tapes  are  replaced  by  permanent  disk  files.  One  disk 
is  used  as  the  program  library  and  the  other  for  telemetry  configuration  and  calibration 
inputs.  These  disk  files  are  created  by  utility  programs  which  transfer  information  from  . 
tape  to  disk. 

This  transfer  function  is  a separate  entry  of  the  system  and  is  not  a normal  step  in  the 
reduction  procedure.  The  resulting  DRM  requires  7 tape  units  and  52,  000  words  of  memory 
with  input  cards  for  control. 

The  processing  time  is  about  0. 1 computer  hour  per  hour  of  data.  This  figure  is  reduced 
as  rate  options  are  used  and  outputs  are  deleted. 
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General  Electric’s  support  of  the  ATS  flints  took  two  basic  forms:  on-line  data  review  and 
in-depth  flight  evaluation.  The  on-line  support  served  an  operational  function,  enabling 
conditions  to  be  recognized  and  decisions  to  be  made  quickly  on  the'  basis  of  attitude  and 
diagnostic  data  samplings.  In-depth  evaluation  provided  detailed  analyses  of  component 
performance  and  spacecraft  motions.  Each  of  the  three  flights-  required  a different 
relative  emphasis  be  given  the  two  kinds  of  support.  A more  detailed  summary  of 
flight  support  activities  is  provided  in  the  Final  Flight  Report  for  each  spacecraft.  Section 
6.  9 provides  the  specific  references. 

5.1  ON-LINE  SUPPORT 

5.1.1  ATS-2 

On  the  ATS-2  flight,  complete  three-axis  attitude  performance  determination  was  precluded 
for  most  of  the  flight,  and  minimal  on-line  computation  of  attitude  was  performed.  On-line 
analysis  of  spacecraft  system  and  health  status  was  suspended  after  verification  of  several 
command  executions.  Considerable  in-depth  analysis  was  performed,  however.  This  is 
discussed  in  Section  5. 2. 1. 

5.1.2  ATS-4 

General  Electric  became  an  active  participant  in  ATS-4  spacecraft  operations.  Activities 
were  aimed  primarily  at  controlling  and  reducing  the  total  angular  momentum  content  of 
the  tumbling  ATS-4/Centaur  space  vehicle  system.  Because  complete  three-axis  attitude 
determination  could  not  be  accomplished  with  the  one  on-board  sensor  able  to  provide 
meaningful  attitude  information  (Solar  Aspect  Sensor),  an  alternative  scheme  was  im- 
plemented to  compute  spin  rate  and  spin  axis  orientation  in  support  of  ATSOCC  operations. 

The  scheme  was  first  used  on  12  August  1968  and  verified  that  the  ATS-4/Centaur  combination 
was  in  a flat  spin  with  a tumble  rate  of  8 degrees  per  second.  The  spin  axis  was  calculated 
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to  be  in  the  X-Y  plane  of  the  spacecraft,  oscillating  between  the  +X  and  +Y  axes  with  a 
192-second  period.  On  14  August  1968,  the  same  technique  was  used  to  initiate  a despin 
maneuver  which  required  a particular  orientation  of  the  spin  vector  for  thruster  firing. 

On  16  August,  the  scheme  was  used  again  to  monitor  the  spin-up  and  denutation  maneuvers. 

It  was  observed,  at  that  time,  that  the  computer  program  was  able  to  indirectly  yield  such 
spin  dynamics  information  as  precession  angle,  precession  rate,  and  orientation  of  the 
angular  momentum  vector  relative  to  the  sun  line.  This  information  was  of  value  to  ATSOCC 
personnel  in  verifying  various  reorientation  maneuvers  and  steps  were  taken  to  mechanize 
the  scheme.  By  17  August,  all  three  ATS  ground  stations  were  able  to  transmit  Solar 
Aspect  Sensor  data  to  the  GE  Valley  Forge  facility  by  teletype.  At  Valley  Forge,  GE 
engineers  expanded  the  capability  of  the  computer  program  to  receive  "bulk*  data  by  teletype 
and  to  generate  teletype  answer  messages  for  transmittal  to  ATSOCC  personnel.  The 
improved  scheme  enabled  solutions  to  be  computed  at  3-second  intervals  rather  than  at  30- 
second  intervals.  One  of  the  computed  parameters  (SSA)  was  hand-plotted  at  GE  and  ATSOCC 
for  most  "daylight'  station  passes  and  became  the  primary  indicator  of  spacecraft  motion. 


General  Electric  personnel  continued  to  support  ATSOCC  operations  in  this  manner  for  the 
duration  of  ATS-4  orbital  life.  After  reentry,  similar  computations  were  performed  for 
the  period  11  August  1968  to  16  August  1968  by  extracting  Solar  A^ect  Sensor  data  from  the 
gravity  gradient  experimenter  magnetic  data  tapes.  Under  the  circumstances,  GE-computed 
spin  parameters  probably  offered  the  most  complete  description  of  the  dynamic  aspects  of 
the  ATS-4/Centaur  fli^t. 

5.1.3  ATS-5 

General  Electric  provided  similar  support  for  the  ATS-5  flight.  Spin  parameters  were  again 
computed  throughout  the  flight.  Solar  Aspect  Sensor  data  was  used  to  give  spin  axis  and 
sun  position  parameters  in  a spacecraft-based  reference  frame.  Inertial  spin-axis  orientation 
also  became  available  when  the  spacecraft  spun-up  about  the  -Z  axis  because  valid  polari- 
zation angle  data  could  then  be  acquired. 
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The  Solar  Aspect  Sensor  spin  axis  calculations  were  first  put  to  use  on  12  August  1969  in 
support  of  an  ATS-5/Centaur  yaw  maneuver  performed  by  ATSOCC.  Several  different 
quantities  were  computed  and  manual  methods  were- employed  in  anticipation  of  the  possible 
spacecraft  motions  during  this  maneuver.  The  computed  results  were  sent  to  ATSOCC 
in  near  real  time  via  the  NASCOM -teletype  loop;  in  addition,  a preliminary  estimate  of  the 
spacecraft  motion  was  given  by  telephone.  This  preliminary  estimate  confirmed-the  success 
of  the  maneuver  .as  a rotation  of  approximately  120  degrees  about  an  axis  near  the  Y axis. 

A later  detailed  analysis  confirmed  these  results. 

At  17:10:21  GMT  of  the  same  day  (12  August),  the  apogee  motor  was  fired.  However, 
the  motor  case  was  not  released  from  the  spacecraft,  because  of  the  presence  of  uncontrolled 
nutations.  The  resulting  dynamic  state  appeared  as  an  unusual  series  of  patterns  in  the 
quantities  computed  from  Solar  Aspect  Sensor  data.  These  patterns  were  analyzed,  and 
the  spacecraft  was  found  to  have  gone  into  a flat  spin  about  an  axis  near  the  X axis.  Because 
of  a concidence  between  telemetry  sampling  rate  and  spin  rate,  the  direction  of  spin  about 
this  axis  was  ambiguous.  Further  analysis  by  GE  personnel  revealed  that  the  spacecraft 
was  spinning  about  an  axis  near  the  negative  X axis.  This  spin  direction  was  later  confirmed 
by  magnetometer  data. 

Preparations  were  then  made  to  compute  the  spin  axis  which  would  result  from  releasing 
the  apogee  motor  case  on  5 September  1969.  Manual  and  computational  methods  were 
devised  with  the  object  of  determining  the  spin  axis  as  quickly  as  possible  after  the  ease  was 
released.  Analyses  were  also  performed  to  determine  the  extent  of  the  damage  which 
would  result  from  a collision  between  the  spacecraft  and  the  apogee  motor  case. 

The  apogee  motor  case  was  released  at  5:30:07  GMT  on  5 September.  The  raw  Solar  Aspect 
Sensor  data  indicated  that  the  spacecraft- immediately  tended  toward  a spin  about  the  -Z  axis. 
Later  computations  from  this  data  showed  that  the  spacecraft  was  unmistakably  spinning 
about  the  -Z  axis  by  5:36:49  GMT.  Magnetometer  and  accelerometer  data  independently 
confirmed  the  -Z  axis  spin  direction.  In  this  -Z  axis  spin  mode,  valid  polarization  angle 
data  was  available.  This  data  was  used  in  conjunction  with  Solar  Aspect  Sensor  data  to 
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provide  ATSOCC  with  Z-axis  attitude  information  as  computed  by  the  GE  Quick-Look 
System.  Because  of  the  low  turnaround  time  possible  with  this  system,  the  information 
was  useful  for  the  operational  support  of  the  spacecraft  maneuvers  which  were  performed 
from  8 to  11  September  1969. 

General  Electric  personnel  continued  to  support  ATSOCC,  throughout  the  flight  interval, 
in  determination  of  spacecraft  spin- axis  orientation  by  providing  aspect  angle  computations 
via  the  NASCOM  teletype  loop.  Support  was  also  provided  to  the  magnetometer  experiment 
which  was  inoperative  up  this  point  because  of  the  high  rate  of  spin.  Preliminary  results 
indicate  that  a successful  method  was  devised  for  eliminating  the  effects  of  the  spin  conditio 

5.2  IN-DEPTH  EVALUATION 

5.  2. 1 ATS-2 

An  in-depth  attitude  analysis  of  the  ATS-2  flight  was  performed  at  GE.  Except  for  two 
short  time  periods  during  the  first  day  of  flight,  the  attitude  information  was  estimated 
solely  by  examination  of  raw  attitude  sensor  data.  The  ATS  Mathematical  Model  was  also 
used  in  an  attempt  to  estimate  attitude  through  a period  of  no  data.  The  ATS  Boom  Dynamic 
computer  program  was  exercised  to  investigate  observed  high  frequency  components  of 
primary  boom  motion. 

On  6 April  1967,  the  ATS-2  spacecraft  was  separated  from  the  Agena  launch  vehicle.  The 
spacecraft  attitude  information  for  this  period  was  based  on  data  obtained  from  the  IR 
Earth  Sensors  since  all  other  attitude  sensors  were  turned  off  during  this  time  interval. 

The  spacecraft  was  separated  from  the  Agena  with  a pointing  attitude  rate  of  0.  33  degree 
per  second,  based  on  the  motion  of  the  earth  immediately  following  separation.  The  exact 
motion  of  the  spacecraft  (pitch  versus  roll)  could  not  be  determined  on  the  basis  of  ' one 
attitude  sensor  because  the  yaw  attitude  at  separation  was  not  known.  The  earth  left  the 
field  of  view  of  IR  Earth  Sensor  No.  1 at  5;25;00  GMT.  At  5:27:18  GMT,  the  Solar  Aspect 
Sensor  was  turned  on  for  the  first  time.  Based  on  the  Solar  Aspect  Sensor  data,  the  space- 
craft pointing  angle  (with  respect  to  the  local  vertical)  continued  to  increase,  at  the  tip-off 
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angular  velocity  until  the  primary  booms  were  extended.  At  this  time  <5:28:44  GMT)i,  a 
significant  decrease  in  pointing  angle  rate  was  observed.  The  earth  returned  to  the  field 
of  view  .of  IR  Earth  Sensor  No.  1 at  6:05;00  GMT  on  6 April  and  a two-sensor  (earth  and  sun) 
solution  of  spacecraft  attitude  was  possible  for  the  first  time. 

Based  on  the  pointing  angle  and  Solar  Aspect  Sensor  data  discussed  previously,  if  was 
apparent  that  the  spacecraft  did  not  invert  on  its  initial  swing.  This  was  consistant  with 
results  of  a post-launch  mathematical  simulation  in  the  vicinity  of  the  first  apogee  based 
on  a "best’"  approximation  to  the  initial  conditions. 

No  spacecraft  data  was  obtained  between  the  first  perigee  and  third  apogee.  Solar  Aspect 
Sensor  data  in  the  vicinity  of  the  third  apogee  clearly  indicated  that  the  spacecraft  was  in 
a tumble  mode.  This  was  evident  from  the  cyclic  switching  of  the  three  sun  detectors 
physically  located  around  the  spacecraft  belly  band.  The  order  in  which  the  three  detectors 
viewed  the  sun  was  2, 4,  3, 2, 4,  etc. , which  identified  the  spacecraft  to  be  rotating  about  its 
Z axis  in  the  negative  direction,  with  small  oscillations  about  the  spacecraft  Y axis.  The 
rate  of  tumble  was  18. 5 degrees  per  minute. 

Because  of  the  absence  of  flight  data  between  the  first  perigee  and  the  third  apogee,  it  is 
impossible  to  estimate  when  the  spacecraft  tumbling  actually  began.  A large  angle  computer 
simulation  was  made  using  the  ATS  Mathematical  Model  to  investigate  the  possible  space- 
craft motion  resulting  from  the  effects  of  the  highly  eccentric  (0. 455)  orbit.  The  results 
of  the  simulation  indicated  that  the  tumbling  began  approximately  5 hours  after  separation. 

It  should  be  pointed  out,  however,  that  the  ATS  Mathematical  Model  did  not  have  the 
capability  to  simulate  aerodynamic  drag,  and  approximations  for  orbit  eccentricity  beyond 
0. 1 introduced  slight  errors.  The  simulation  also  indicated  the  spacecraft  to  be  tumbling 
and  oscillating  heavily  in  all  axes  for  the  first  60  hours.  At  approximately  60  hours,  a 
tumble  pattern  was  established  in  pitch  and  an  oscillation  pattern  in  roll.  The  presence  of 
this  pattern  implied  that  a "steady-stat^'  condition  was  reached  (or  nearly  reached).  Both 
yaw  and  roll  stabilized  near  the  end  of  the  simulation  in  spite  of  the  pitch  tumble.  This 
apparent  stabilization  was  probably  the  result  of  the  large  rate  of  tumble  which  tended  to 
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spin- stabilize  the  spacecraft.  The  roll  gravity  gradient  torques  (which  are  effective  in 
spite  of  the  orbit  eccentricity)  prevented  the  spin  axis  from  wandering  and  created  a 
"gyrocompassing'  situation.  As  a consequence,  .yaw  was  also  partially  stabilized. 

S 

It  should  be  emphasized  that  this  pattern  of  motion  could  be  achieved  only  in  the  presence 
of  damping.  The  mathematical  model  indicated  that,  in  spite  of  the  high  rates  of/the 
spacecraft,  the  damper  was  functionally  operative. 

Raw  attitude  sensor  data  obtained  from  11:11:40  GMT  of  6 April  1967  through  spacecraft 
shutdown  at  19:45:20  GMT  of  23  October  1967  showed  the  spacecraft  to  be  continually 
tumbling.  Since  complete  attitude  determination  was  impossible  under  these  flight  con- 
ditions, spacecraft  attitude  performance  was  estimated  on  the  basis  of  raw  attitude  sensor 
data  whenever  possible. 

The  observed  spacecraft  tumbling  rates  for  the  period  6 April  1967  through  14  May  1967 
were  consistently  under  28  degrees  per  minute.  At  the  end  of  15  May  1967,  the  spacecraft 
i^^hling  rate  started  to  increase,  and  rates  as  high  as  51  degrees  per  minute  were  observed 
on  16,  18,  19,  and  20  May  1967.  The  increase  in  tumble  rate  occurred  at  approximately 
the  time  the  sky-pointing  boom  of  Assembly  A disappeared  from  the  field  of  view  of  the  sky- 
pointing TV  camera. 

The  observed  tumble  rates  fluctuated  considerably  during  the  period  16.  May- 1967  through 
2 September  1967,  but  remained  consistently  under  51  degrees  per  minute.  On  3 September 
1967,  the  tumble  rate  increased  to  80  degrees  per  minute.  Although  very  little  flig^it  data 
was  collected  (and  reduced)  during  the  period  3 September  1967  through  23  OctoberT967, 
high  tumble  rates  were  observed  on  3 October  1967  (72  degrees  per  minute)  and  23  October 
1967  (84  degrees  per  minute).  The  increase  in  tumble  rate  observed  on  3 September  1967 
may  have  been  caused  by  the  loss  of  the  sky-pointing  boom  of  Assembly  B.  The  time  at 
which  the  boom  broke  off  is  not  known,  but  television  data  obtained  on  7 September  1967 
showed  the  boom  to  be  missing. 


5-6 


Raw  attitude  sensor  data  acquired  just  before  spacecraft  shut  down  shows  the  highest 
spacecraft  tumble  rate  (84  degrees  per  minute)  observed  throu^out  the  active  fli^t  period. 

The  ATS  Boom  Dynamics  program  was  utilized  to  study  the  effects  of  orbital  eccentricity 
on  the  dynamics  of  motion  of  the  ATS  Primary  Boom  System.  Two  computations  were  per- 
formed. The  first  was  for  an  orbit  with  a perigee  of  115. 8 miles,  and  an  apogee  of  6947. 6 
miles  corresponding  approximately  to  the  orbit  achieved  by  ATS-2,  The  computation  was 
started  with  the  vehicle  at  perigee,  in  an  upright  position  with  body  rates  and  acceleration 
equal  to  zero.  Motions  at  100-,  45-,  and  20-second  periods  were  seen.  No  additional 
excitations  were  applied  and  the  observed  motions  occurred  at  a time  only  1300  seconds 
from  a completely  still  condition. 

The  second  computation  was  made  for  a circular  orbit  of  115.  8 miles.  No  high  frequency 
oscillations  were  observed.  Primary  boom  tip  motion  was  negligible  compared  with  tip 
motions  of  the  elliptical  orbit.  The  conclusion  was  that  the  dynamics  of  the  ATS-2  eccentric 
orbit  were  the  prime  forcing  functions  in  the  excitation  of  observed  components  of  high 
frequency  motion. 

The  ATS-2  flight  data  was  also  analyzed  to  evaluate  the  performance  of  each  gravity 
gradient  system  component.  A summary  of  each  component's  in-flight  performance  was 
compiled,  and  all  anomalous  behavior  was  investigated.  With  the  exception  of  several 
erroneous  Solar  Aspect  Sensor  data  samplings  and  a continual  angular  output  from  the 
IR  Earth  Sensors,  all  components  of  the  gravity  gradient  system  performed  as  ejected. 

The  deployment  of  the  gravity  gradient  booms  provided  the  highlights  of  the  component’ 
performance  investigation.  The  highly  eccentric  orbit  of  ATS-2  imposed  severe  bending 
and  torsional  loads  on  the  gravity  gradient  booms.  Boom  data  obtained  by  photographing 
the  TV  monitors  at  the  ATS  tracking  stations  showed  that,  although  the  apparent  boom 
motions  were  extremely  wild,  the  primary  booms  were  withstanding  the  punishing  environ- 
ment. All  four  primary  booms  were  clearly  visible  and  showed  no  apparent  damage  in 
TV  data  acquired  from  6 April  1967  through  15  May  1967. 
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On  16  May  1967,  ground  station  personnel  reported  that  one.  of  the  sky-pointing  primary  boom 
was  missing  from  the  field  of  view  of  TV  Camera  2 and  was  later  identified  as  Rod  2 of 
Primary  Boom  Assembly  B.  On  the  same  day,  a significant  increase  in  tumble  rate  was 
observed.  The  boom  did  not  appear  in  any  TV  data  acquired,  from  16  May  1967'  through 
19  June  1967. 

On  1 June  1967,  the  Toowoomba  tracking  station  reported  that  the  visible  sky -pointing  boom 
(Rod  2 of  Primary  Boom  Assembly  A)  had  a sharp  bend  in  it.  Data  recorded  on  35  mm 
film  during  several  subsequent  days  verified  that  the  boom  was  crippled  and  indicated  that 
the  point  of  crippling  was  located  approximately  20  feet  from  the  scissor  pivot  point  of 
that  boom. 

On  20  June  1967,  the  35  mm  TV  data  recorded  by  the  Rosman  tracking  station  revealed  that, 
for  the  first  time  since  16  May  1967,  two  boom  tips  were  present  in  several  picture  sequences 
taken  by  the  sky-pointing  TV  camera.  In  addition,  a sequence  of  pictures  taken  by  the 
earth-pointing  TV  camera  clearly  showed  three  boom  tips.  A detailed  analysis  of  136 
photographs  determined  that  the  "new"  boom  tips  were  those  of  the  previously  " missing' 
booms  and  not  of  the  damper  boom. 

On  7 September  1967,  the  Toowoomba  tracking  station  reported  that  the  crippled  boom 
(Rod  2 of  Primary  Boom  Assembly  A)  had  broken  off  at  the  crippling  point,  having  a rigid 
stub  approximately  20  feet  long.  Assembly  A was  scissored  from  30. 2 degrees  to  11.  0 
degrees  on  4 September  1967 ; however,  poor  TV  reception  precluded  observation  of  the 
response  of  the  crippled  boom  to  the  scissoring  maneuver.  The  first  time  TV  data  was 
acquired  subsequent  to  the  scissoring  maneuver  was  on  7 September  1967.  Because  of  the 
absence  of  TV  data  during  and  immediately  after  the  scissoring  maneuver,  it  is  impossible 
to  determine  whether  or  not  the  cirppled  boom  broke  off  during  the  scissoring  operation. 

TV  data,  acquired  from  7 September  1967  through  23  October  1967,  verified  that  Rod  2 of 
Assembly  A was  broken  off  at  the  crippling  point.  Rod  2 of  Assembly  B did  not  appear  in  the 
field  of  view  of  the  camera  (since  20  June)  and  presumably  broke  away  from  the  spacecraft. 

The  fact  that  no  part  of  the  boom  was  visible  with  the  assembly  scissored  to  11  degrees 
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suggested  that  the  point  of  breakage  was  located  within  5 feet  of  the  spacecraft  center  body. 
On  the  other  hand,  both  earth-pointing  primary  booms  (Rod  1 of  Assembly  A and  Rod  1 of 
Assembly  B)  consistently  appeared  within  the  field  of  view  of  TV  Camera  No.  1,  throughout 
the  active  flight  period,  and  showed  no  apparent  structural  damage. 

5. 2. 2 ATS-4 

No  detailed  in-depth  evaluation  was  performed  on  ATS-4.  Efforts  were  primarily  applied 
to  on-line  data  review. 

5.2.  3 ATS-5 

No  in-depth  ATS-5  attitude  analysis  was  performed,  but  component  performance  was  in- 
vestigated. All  hardware  operated  during  the  ATS-5  flight  performed  satisfactorRy.  The 
major  component  malfunction  of  the  flight  occurred  when  Solar  Aspect  Sensor  Detection 
No.  1 was  open-circuited  by  its  collision  with  the  ejected  apogee  motor,  case  on  5 September 
1969.  The  remaining  detectors  continued  to  function  nominally.  No  instances  were  dis- 
covered of  component  operating  characteristics  approaching  critical  levels. 
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This  section  contains  a selected  list  of  references  which,  when  placed  in  context,  provide 
a brief  history  and  summary  of  developments  in  ATS  gravity  gradient  software  and  analysis. 
References  are  categorized  according  to  significant  areas  of  development  and  study. 

6.1  ATS  MATHEMATICAL  MODEL 

The  ATS  Mathematical  Model  is  a digital  computer  program  designed  to  simulate  the  two- 
body,  four-degree- of-freedom,  gravity  gradient  configuration  used  for  Applications  Tech- 
nology Satellites  A,  D and  E.  Gravity  gradient  orienting  torques,  damping  torques  (both 
eddy  current  and  magnetic  hysteresis)  and  disturbance  torques  are  simulated  in  the  Mathe- 
matical Model  and,  by  integration  of  Euler's  dynamical  equations,  the  time  history  of  both 
large  and  small  angle  performances  can  be  depicted. 


Document  No. 

Date 

Title 

Author  (s) 

PIR  4730-005 

11/2/64 

ATS  Mathematical  Model 
Coordinate  Frames 

Hinrichs, 

Foulke, 

PIR  4730-008 

11/4/64 

ATS  Math  Model  Requirements 

Hinrichs 

PIR  4424-007 

11/12/64 

Notes  on  Euler  Parameters 

Martin 

Pm  4730-014 

11/13/64 

ATS  Math  Model-Orbit  Equations 

Hinrichs 

PIR  4730-055 

2/25/65 

Responsibility  for  ATS  Math  Model 

Clayton 

PIR  4174-007 

3/25/65 

Preliminary  Flow  Diagram  of  ATS 
Mathematical  Model 

Foulke, 

Holthenrichs 

PIR  4424-028 

4/21/65 

Remarks  on  a Proposed  Numerical 
Integration  Technique 

Green 

PIR 4174-017 

5/11/65 

Inclusion  of  Out- of- Plane  Rod  Bending 
in  the  ATS  Mathematical  Model 

Siegel 

PIR  2290-028 

6/30/65 

Provisional  Model  of  the  Geomagnetic 
Field  Near  Synchronous  Satellite 
Altitude 

Frost, 

Wouch 

pm  4174-026 

8/27/65 

Octic-Written  in  Fortran  II 

Evans 
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Document  No. 

Date 

Title 

Author  (s) 

PIR  4174-039 

11/15/65 

Input  Definitions  for  the  GAPS- IV 
Program 

Evans 

PIR  4174-049 

2/28/66 

Variation  of  Reflectance  with  Angle 
of  Incidence 

Hinrichs 

PIR  4174-054 

4/12/66 

FAFKB-Four  Axis  Frequency 
Response  - Version  B ‘ 

Evans 

PIR  4174-057 

4/25/66 

Output  Conversion  Equations  for  ATS 
Digital  Simulation 

Hinrichs 

66SD4214 

6/1/66 

Attitude  Equations  for  the  Applica- 
tions Technology  Satellite 

Hinrichs 

ATS  Systems 
Memo  No.  91 

6/7/66 

General  Capability  Requirements  for 
the  ATS  Mathematical  Model 

Clayton, 

Foulke 

66SD4214 

7/15/66 

Abridged  Attitude  Equations  for  the 
Applications  Technology  Satellite 

Hinrichs 

66SD4214 

9/15/66 

Errors  in  Attitude  Equations  of  the 
ATS  Satellite 

Hinrichs 

PIR  41MI-321 

11/28/66 

Corrections  to  NASA/Goddard's 
Mathematical  Model 

Foulke 

66SD4569 

12/22/66 

Mathematical  Model  User’s  Manual 

Foulke, 

Holthenrichs 

PIR  41  MI-3  96 

- 

Corrections  to  NASA /Goddard’s 
Mathematical  Model 

Foulke 

ATS  Systems 
Memo  No.  Ill 

3/6/67 

Analytical  Justification  of  ATS  Math 
Model  Assumptions 

Clayton 

66SD4567 

3/15/67 

Geomagnetic  Field  Simulation 
for  the  ATS 

Evans, 

Foulke 

PIR  4T22-017 

3/15/67 

"Excess”  Kinetic  Energy  of  a Rigid 
Body 

Hinrichs 

PIR  41M9-003 

3/16/67 

Corrections  to  NASA/Goddard’s 
Mathematical  Model 

Foulke 

PIR  4T22-020 

3/21/67 

Incorporating  Initial  Curvature  of 
Rods  into  ATS  Mathematical  Model 

Hinrichs 

PIR  41M9-007 

5/17/67 

Revision  of  NASA /Goddard’s 
Mathematical  Model 

Foulke 

PIR  41M9-008 

5/17/67 

Simulation  of  High  Eccentricity 
Orbits  in  the  Mathematical  Model 

Foulke 
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Document  No. 

Date 
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Author(s) 

PIR  41M9-015 

7/6/67 

"Excess"  Potential  Energy  of  a Rigid 
Body 

Foulke 

PIR  41M9-018 

7/31/67 

Revision  of  Mathematical  Model  to 
Include  Variable  Torque  Hystaresis 
Damper 

Holthanrichs, 

Foulke 

PIR  41M5-083 

12/8/67 

Corrections  to  A TS  Math  Model 
Program 

Evans 

PIR41M5-086 

12/21/67 

Vehicle  Performance  Comparison 
Using  Different  Models  for  the  Main 
Boom 

Evans 

PIR  41M9-037 

1/11/68 

Computer  Runs  to  Check  Out 
Mathematical  Model  at  NASA/GSFC 

Foulke 

PIR  lJMl-641 

5/23/68 

Euler's  Dynamical  Equations 

Foulke 

6.2  BOOM  DYNAMICS 

The  primary  objective  of  tlie  ATS  Mathematical  Model  is  the  simulation  of  spacecraft  central 
body  attitude  performance.  Both  large  and  small  angle  performance  simulation  is  a basic 
requirement.  The  total  ATS  gravity  gradient  configuration,  including  the  fully  deployed 
boom  system,  tends  to  take  on  many  of  the  characteristics  of  a large,  flexible  body.  For 
practical  reasons,  the  simulation  of  rod  dynamics  was  excluded  from  the  Math  Model  develop- 
ment; this  was  due,  primarily,  to  limitations  on  IBM  7094  computer  capacity.  The  ATS 
Mathematical  Model,  then,  is  essentially  a rigid  body  approximation  to  a large  flexible  body 
configuration.  For  the  rod  lengths  utilized  on  ATS,  however,  this  approximation  is  con- 
sidered a valid  one  and  the  errors  introduced  by  the  approximation  are  assumed  as  small, 
if.  not  smaller,  than  errors  due  to  other  imcertainties.  To  substantiate  this  assumption  (as 
well  as  develop  the  capability  for  simulating  separately  the  anticipated  dynamic  response  of 
the  rods  to  scissoring  maneuvers,  boom  retraction  and  extension,  thermal  "twang"  and 
thruster  inversion), a separate  boom  dynamics  simulation  program  was  developed.  The  com- 
pleted program  allows  the  substantiation  of  Math  Model  assumptions  in  addition  to  a valida- 
tion of  the  structural  integrity  of  the  deployed  boom  system  when  subjected  to  the  range  of 
dynamic  forcing  functions  expected  in  the  course  of  ATS  gravity  gradient  experimentation. 
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Document  No. 

Date 

Title 

Author  (s' 

PIR  9731-163 

9/29/64 

Response  of  GG  Rods  to  Impulsive 
Load 

Josloff 

PIR  9732-149 

10/13/64 

Dynamic  Response  of  Booms 

Roach 

PIR  9732-148 

10/13/64 

Boom  Damping  Studies 

Freelin 

PIR  4145e-04'9 

2/22/65 

Investigation  of  Effect  of  GG  Rod 
Retraction  Rate  on  Structural 
fiitegrity  of  ATS  Primary  Booms 

Josloff 

PIR  4145d-143 

6/14/65 

Coupling  of  Structural  Flexibility  with 
a Control  System  Feeback  Loop 

Roach 

PIR  4145-223 
Revision  A 

10/21/65 

11/29/65 

Motion  of  Rod  End  Mass  Relative 
to  Center  Body  Rotation 

Roach 

PIR  4145d-371 

5/9/66 

Gravity  Gradient  Rod  Retraction 

Kazares 

PIR  4145d-343 
Revision  A 

4/27/66 

7/27/66 

Equations  of  Motion  for  a Flexible 
Body  in  Space 

Roach 

PIR  4TIC2-55 

11/14/66 

Stopping  Load  on  the  deHavilland 
Boom{SAGGE  8 lb  Mass) 

Josloff 

PIR  4T45-23 

11/28/66 

ATS  Attitude  and  Boom  Dynamics 

Kazares 

PIR  4T73-42 

3/7/67 

Structural  Integrity  of  Primary  Booms 
During  Retraction  Sequences 

Josloff 

67SD4292, 
Section  2. 4 

5/20/67 

Boom  Dynamics  Investigations 

Roach 

PIR  4T75-24 

6/27/67 

ATS-2  Booms  Dynamics  in 
Elliptical  Orbit 

Roach, 

Kazares 

PIR  4T75-30 

10/2/67 

Comments  Regarding  the  Thermo- 
Structural  Dynamic  Response  of 
Thin  Rods 

Freelin 

Trip  Report 

2/28/68 

Possibility  of  Thermally  Driven 
Oscillation  of  ATS-D  Booms 

Freelin 

PIR  4T75-42 

2/29/68 

Period  of  Fundamental  Cantilever 
Frequency  for  Beam  with  End  Mass 

Gaitens, 

Freelin 

6-4 


Document  No. 

Date 

Title 

Author(s) 

PIE  41M1-589 

3/7/68 

Damping  Rod  Oscillations  of  ATS-D 
by  Magnetic  Dampers 

Foulke 

PIR  1K75-001 

3/13/68 

Preliminary  Estimate  of  Required 
Damping  for  ATS-D  Rods 

Freelin 

PER  1K75-002 

3/18/68 

Vibration  Analysis  of  ATS-D 
Spacecraft 

Gaitens 

PIR  1K74-026 

5/2/68 

Temperature  Distributions  Across 
Gravity  Gradient  Rods  Under  a 
Specialized  Transient  Condition 

Florio 

PIR  1K75-014 

6/25/68 

Mode  Shapes  and  Frequencies  of 
NRL  Spacecraft 

Gaitens 

PIR  1K7  5-016 

7/22/68 

Natural  Frequencies  and  Mode  Shapes 
of  ATS-D  Spacecraft 

Gaitens 

PIR  1K75-017 

8/7/68 

Natural  Frequencies  and  Mode 
Shapes  of  DODGE  Spacecraft 

Gaitens 

PIR  lJMl-675 

8/7/68 

Effect  of  Thermal  Flutter  of  the 
Damper  Boom  on  ATS-D 

Foulke 

69SD4215 

10/25/68 

Gravity  Gradient  Rod  Thermal 
Flutter  Study  Report 

Moyer 

PIR 1450-001 

1/10/69 

The  Feasibility  of  Simulating  the 
Possible  Thermal  Flutter  Effects 
on  ATS-E  Attitude  Performance 

Moyer 

PIR 1450-004 

2/12/69 

Report  on  Thermal  Flutter 
Investigations 

Freelin 

PIR 1450-001 

2/27/69 

Results  of  Simulated  "Thermal 
Flutter  " on  the  ATS-E  Spacecraft 

Schaffer 

PIR 1450-005 

3/3/69 

Conclusions  Regarding  Thermal 
Flutter  Effects  on  the  ATS-E 
Spacecraft 

Moyer 

PIR  1K33-116 

4/10/69 

Results  of  Structural  Tests  on  GE 
tote rdigita ted  1/2  inch  Diameter 
deHaviUand  Damper  Boom 

Josloff 

PIR 1450-006 

5/16/69 

Review  at  A PL  of  Latest  DODGE 
Tumble 

Moyer 

6.3  BOOM  THERMAL  BENDING 

The  biggest  uncertainty  in  the  development  of  the  ATS  Mathematical  Model  was  the  pheno- 
menon of  boom  thermal  bending.  Since  thermal  bending  is  one  of  the  more  significant 
sources  of  disturbance  in  gravity  stabilized  systems  (especially  at  synchronous  altitudes). 
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a substantial  effort,  including  both  analysis  and  test,  was  undertaken  in  an  attempt  to  reduce 
the  uncertainties  to  a minimum.  Thermal  bending  produces  a simultaneous  shift  in  space- 
craft center  of  pressure,  center  of  mass  and  moment  of  inertia  distribution.  These  effects, 
in  turn,  introduce  solar  pressure  torque  disturbances  and  a shift  in  the  preferred  orientation 
to  the  gravity  gradient  field.  Since  center  of  mass  "wander"  is  a consequence,  disturbances 
are  introduced  by  stationkeeping  thrusters  which  by  design  intent  are  required  to  thrust 
through  the  spacecraft  center  of  mass.  The  equations  for  thermal  bending  were  established 
in  a semiempirical  form  so  that  data  derived  from  orbit  could  be  utilized  to  improve  on  the 
modeling  when  possible.  Out-of-plane  (relative  to  the  plane  containing  the  boom  centerline 
and  sun  vector)  effects  were  tncluded  in  the  model  after  system  studies  established  the 
significance  of  these  components. 


Document  No. 

Date 

Title 

Author  (s) 

PIR  9750-009 

8/2/64 

A Proposed  Mathematical  Model 
for  the  Thermal  Bending  of  Gravity 
Gradient  Rods 

Hinrichs 

PIR  9732-142 

8/3/64 

Gravity  Gradient  Rod- Thermal 
Deflection  Analysis 

Berkowitz 

PIR  9732-147 

10/13/64  - 

Thermal  Rod  Bending 

Freelin 

PIR  9732-150 

10/14/64 

Thermal  Deflection  of  an  8-foot  long, 
1/2-inch  BeCu  Rod 

Freelin 

PIR  4142-355 

11/12/64 

Thermal  Gradient  Testing  for  Gravity 
Gradient  Rods 

Florio 

PIR  4145d-005 

12/4/64 

Remarks  and  Questions  about  the 
Recent  Thermal  Tests  of  Gravity 
Gradient  Rods 

Freelin 

PIR  4142-386 

12/30/64 

Thermal  Testing  of  Gravity  Gradient 
Rods 

Florio 

PIR  4145d-032 

1/25/65 

Requirements  for  Thermal  Bending 
Tests  of  Gravity  Gradient  Rods 

Freelin 

PIR  4174-002 

1/26/65 

The  Effects  of  Thermal  Bending  of  the 
Gravity  Gradient  Rods  on  SAGGE 

Siegel 

PIR 4326-510 

4/2/65 

Rod  Thermal  Bending  Test 

Cooper 

PIR  4142-476 

4/10/65 

Temperature  Gradients  in  Silver 
Plated  Gravity  Gradient  Rods 

Florio 
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Document  No. 

Date 

Title 

Author  (s) 

PIR  4326-510 

. 4/14/65 

Requirements  for  Thermal  Bending 
Tests  of  Gravity  Gradient  Rods 

Florio 

PIR  4142-486 

4/15/65 

Evaluation  of  Incident  Solar  Flux 
During  Penumbra 

Florio 

PIR  4374-033 

6/1/65 

Thermal  Bending  Test — Gravity 
Gradient  Rods 

Boebel 

PIR  4375-036 

6/1/65 

Temperature  Distribution  of  GG  Rod' 
with  Line  Heat  Source 

Bretts 

PIR!  4375-043 

6/11/65 

Temperature  Distribution  in  BeCu 
GG  Rods 

Bretts 

PIR  4145d-142 

6/11/65 

Planning  for  Structural  Thermal 
Bending  Tests 

Freelin 

PIR  4145d-165 

7/21/65 

Status  of  Thermal  Bending  of  Gravity 
Gradient  Rod  Studies 

Freelin 

TIS  65SD294 

8/6/65 

An  Analytical  Representation  of 
Temperature  Distribution  in  Gravity 
Gradient  Rods 

Florio, 

Jasper 

PIR  4142-578 

8/17/65 

Temperature  Distributions  in 
Gravity  Gradient  Rods 

Florio 

Memo  No. 
4732-18 

11/2/65 

Thermal  Bending  Test  Equipment 

Bretts 

Memo  No. 
4732-19 

11/2/65 

Gravity  Gradient  Thermal  Deflection 
Tests 

Mazur 

PIR  4730-169 

11/9/65 

Thermal  Bending  Tests  of  ATS  Rods 

Oxenreider 

PIR 4141-10 

11/17/65 

Plan  for  Tests  in  the  NASA /Goddard 
Vacuum-Solar  Simulation  Facility  to 
Measure  Temperature  Distributions 
and  Deflections  of  Gravitj'^  Gradient 
Rods 

Hieser 

Trip  Report, 
Nasa/GSFC 

11/19/65 

Discussion  with  H.  P.  Frisch 
Regarding  His  Work  on  the  Bending 
of  Gravity  Gradient  Rods 

Freelin 

PIR4145d-304 

2/3/66 

Least  Squares  - Best  Fit  for  Gravity 
Gradient  Rod  Temperature  Distri- 
bution Equations 

Kazares 

PIR  4145d-305 

2/3/66 

DSCS  Program  for  Solution  of  the 
Least  Squares  - Best  Fit  Matrix  for 
Gravity  Gradient  Rod  Temperature 
Distribution  Equations 

Kazares 
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Docmnent  No. 

Date 

Title 

Author  (s) 

PIR  4145d-306 

2/4/66 

DSCS  Program  for  Solution  of 
Gravity  Gradient  Rod  Tempera- 
ture Distribution  Equations 

Kazares 

PIR  8156-1912 

2/17/66 

Control  Rod  Thermocouple 
Installation 

Hill 

PIR  4141-01 

2/21/66 

Thermocouple  Calibrations  - ATS 
Stainless  Steel  Rod 

Hobbs 

PIR  4145d-332 

3/16/66 

Thermal  Bending  of  a Beam  of 
Overlapped  Tubular  Cross  Section 

Freelin 

PIR  4142-805 

3/23/66 

Temperature  Gradients  in  Gravity 
Gradient  Rods 

Florio 

PIR  4145d-337 

3/24/66 

Comparison  of  Curvatures  in 
deHavilland  Type  Rods  Produced 
by  Temperature  Distributions  as 
Predicted  by  GE  and  GSFC 
Analyses 

Kazares, 

Freelin 

PIR4145d-338 

3/28/66 

The  Effect  of  fiicluding  Section 
Warping  on  the  Bending  Predicted 
by  Gravity  Gradient  Rod  Thermal 
Bending  Analysis 

Kazares, 

Freelin 

PIR  4145d-345 

4/1/66 

Reevaluation  of  Gravity  Gradient 
Rod  Thermal  Test 

Freelin, 

Kazares 

PIR  4142-823 

4/15/66 

Predicted  Temperature  Distribu- 
tions for  Rod  Samples  to  be  Used 
in  the  Gravity  Gradient  Rod  Bending 
Tests 

Florio 

PIR  4145d-361 

4/27/66 

Predicted  Deflections  for  BeCu 
. Overlapped  Rod  and  Stainless  Steel 
Control  Rod 

Kazares 

Trip  Report, 
NASA/GSFC 

5/66 

Trip  to  NASA/Goddard  to  Perform 
Gravity  Gradient  Rod  Thermal 
Bending  Tests 

Hieser, 

Kelley 

Tech.  Rpt. 
F-B2370-1 
(Franldin  Inst. ) 

5/66 

Gravity  Gradient  Rod  Stiffness 
Matrix 

Berkowitz 

PIR  4T42-004 

6/1/66 

Temperature  Distributions  for 
Gravity  Gradient  Rods 

Florio 
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Document  No. 

Date 

Title 

Author  (s) 

Exp.  Tech.  Data 
Rpt.  2-66 

9/20/66 

Experimental  Verification  Studies 
of  Thermal  Bending  Theory  for 
deHavilland  Type  Gravity  Gradient 
Rods 

Hobbs, 

Hieser 

PIR  4T74-016 

12/23/66 

Users  Manual  for  Gravity  Gradient 
Rod  Temperature  Distribution 
Program 

Florio, 

Carpitella 

67SD4239 

3/3/67 

Thermal  Bending  of  deHavilland 
Type  Rods 

Freelin 

6.4  SYSTEM  REQUIREMENTS  AND  ANALYSIS.  TVCS 

The  gravity  gradient  television  system  was  designed,  primarily,  to  provide  an  opportunity 
for  viewing  orbital  performance  of  the  gravity  gradient  boom  system.  Data  on  boom  thermal 
bending  and  boom  dynamics  was  desired  for  confirmation  and/or  modification  of  boom  syster 
analytical  models  discussed  in  Sections  6.2  and  6.  3.  Activities  summarized  in  the  following 
references  were  aimed  at  ensuring  compatibility  between  TVCS  hardware  characteristics 
and  required  data  on  boom  bending. 


Document  No. 

Date 

Title 

Author  (s) 

Tech  Memo 
9744-64-006 

8/28/64 

Resolution  and  Accuracy  of  TV 
Camera  System  for  ATS 

Woestman 

PIR  9744-059 

9/28/64 

Limitations  of  TVCS 

Woestman 

PIR  4176-001 

10/22/64 

TV  Camera  Subsystem  Scan  Rate 

Woestman 

PIR  4127-002 

11/3/64 

Summary  Data  Reduction  Methods 
ATS  TVCS  Sensor  Slow  Scan 

Hewton 

PIR 4176-004 

11/3/64 

Slow  Scan  Version  of  TVCS 

Woestman 

Sys.  Memo 
No,  017 

11/4/64 

System  Requirements  for  TV 

Clayton 

PIR  4176-053 

12/4/64 

Performance  of  TV  Camera  Subsystem 

Woestman 

PIR 4176-108 

1/8/65 

Available  Readout  Accuracy  of  TV 
Camera  Subsystem 

Woestman 

Sys.  Memo 
No.  027 

1/28/65 

TV  Camera  Subsystem  and  Boom 
Tip  Targets 

Clem  son 
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Document  No, 

Date 

Title 

Author  (s) 

Sys.  Memo 
No.  031 

2/12/65 

TV  Data  Resolution  Requirements 

Clayton 

PIR  4126-012 

2/16/65 

TV  Data  Reduction  Equipment 
Justification 

Schmitt 

PIR  4126-024 

3/3/65 

Measurement  Techniques  Test  for 
ATS  TV  Data 

Schaller, 

Hallett, 

Schmitt 

PIR  4176-198 

— 

Measurement  of  Angular  Displace- 
ment of  Boom  Targets 

Woestman 

Tech.  Memo 
No.  65-2  (ISO) 

3/17/65 

TV  Sensor  Analysis 

Wilson 

PIR  4176-286 

4/22/65 

Apparent  Brightness  of  Earth 
Features  Seen  from  Space 

Woestman 

PIR  4760-029 

4/27/65 

Technical  Requirements  for  TV 
Camera  Subsystem  for  ATS 

Charp 

PIR  4145d-117 

4/29/65 

Accuracy  of  Measurement  of  Boom 
End  Position 

Roach 

Sys.  Memo 
No.  044 

5/11/65 

Review  of  ATS  System  TV  Data 
Requirements 

Clayton 

Sys,  Memo 
No.’  050 

6/16/65 

Justification  for  TVCS  System 
Requirements 

Clayton 

PIR  4176-559 

11/5/65 

TV  Camera  Subsystem  Field  of  View 
Orientation 

Woestman 

PIR  4390-020 

12/6/65 

Investigation  of  ATS-TVCS  Camera 
Requirements 

Zaputowycz 

PIR  4176-620 

12/10/65 

TVCS  Parameters  to  be  Defined  and 
Their  Effects  on  Accuracy  of  Boom 
Displacement  Analysis 

Woestman 

- 

1/11/66 

Status  Report  - TVCS-ATS 

Clemson 

PIR  4A23-044 

1/24/66 

TVCS-Derived  Data  for  Flight 
Analysis /Evaluation 

Horn 

Sys.  Memo 
No.  070 

2/3/66 

Revised  System  Requirements  for 
TVCS 

Clayton 

PIR  4176-691 

2/17/66 

Sensitivity  of  TVCS  to  Earth  Albedo 

Woestman 

Sys.  Memo 
No.  082 

4/12/66 

TV  Camera  Component  Axes 

Frey, 

Clayton 
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Document  No. 

Date 

Title 

Author  (s) 

PIR  41  M2- 037, 
Revision  A 

8/31/66 

10/7/66 

TVCS  Sim  Shutter  Operation 

Kitinoja 

PIR  41M2-065 

10/13/66 

Detecting  Position  of  A TS  Boom 
Target 

Malizia 

pm  4411-024, 
Revision  A 

l/Sl/67 

Equations  for  Determining  Boom  • 
Deflections  from  ATS  Camera 
Measurements 

Martin 

TWX  to  ATSOCC 

4/17/67 

Inadequacies  in  TV  Film  Data 
Supplied  GE 

Clayton 

PIR41M2-170 

5/10/67 

Method  to  Improve  Quality  of  ATS-A 
TVCS  Photographs 

Kitinoja 

PIR  41M2-212 

7/13/67 

Flight  ATS-D  TVCS  Thermal 
Configuration 

Kitinoja 

pm  1JM7-070 

8/27/68 

TVCS  Sun  Shutter  Operation  on 
ATS-E 

Kittnoj'a 

6.5  ATTITUDE  SENSOR  REQUIREMENTS  AND  ANALYSIS 

One  of  the  primary  objectives  of  the  ATS  gravity  gradient  mission  is  verification  of  the 
ATS  Mathematical  Model.  The  accomplishment  of  this  objective  requires  a comparison  of 
flight  data  with  Math  Model  performance  predictions.  To  achieve  this  end  with  any  degree 
of  sophistication,  a spacecraft  attitude  sensing  system  is  required  with  a total  accuracy 
commensurate  with  the  verification  requirements.  The  first  task,  therefore,  in  the  definition 
of  the  ATS  attitude  sensing  system  was  the  selection  of  an  array  of  attitude  sensors  which 
would  satisfy  the  requirements  of  accurate  3-axis  attitude  determination  without  introducing 
unproven  sensors  with  excessive  development  costs. 

A variety  of  sensors  were  considered  including  use  of  the  gravity  gradient  television  cameras, 
two  different  earth  IR  sensors,  an  RF  sensor,  an  earth  albedo  sensor,  the  solar  aspect 
sensor  and  utilization  of  antenna  polarization  measurements.  Analyses  of  all  sensors,  taken 
two  at  a time  and  finally  three  at  a time,  were  conducted  to  establish  sensor  system  accu- 
racies as  a function  of  the  various  parameters  affecting  accuracy.  Final  recommendations 
were  made  and  accepted  with  the  resultant  system  currently  in  use  on  ATS.  Analysis  of 
the  selected  system  was  then  centered  on  a final  assessment  of  measurement  errors  and 
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development  of  mathematical  models  of  the  individual  sensors  for  use  in  the  GE.  Attitude 
Determination  Program  and  Quick- Look  Attitude  Program, 


Document  No. 

Date 

Title 

Author(s) 

Tech  Memo 
9744-64-008 

8/31/64 

Determination  of  ATS  Vehicle  Pitch, 
Roll  and  Yaw  Angles  from  Solar 
Aspect  Sensor  Information 

Schott 

4143-FDDM-007 

11/3/64 

Satellite  Attitude  Determination  via 
On-Board  Earth  Detector  and 
Radio  Sensor  Information 

Levinson 

Tech  Memo 
4176-001 

11/20/64 

Analysis  of  the  ADCOLE  Sun  Sensor 

Schott 

FDDM-007 

11/24/64 

Satellite  Attitude  Determination  via 
On-Board  Radio  Sensor  Measure- 
ments, Two  Ground  Transmitter 
Stations 

Levinson 

Tech  Memo 
4176-004 

12/23/64 

The  Influence  of  Earthshine  on 
ATS  Sun  Sensor  Operation 

Schott 

PIR  4123-008 

3/16/65 

ATS  Vehicle  Attitude  Sensor 

Hallett, 

Selection 

Horn 

Tech  Memo 
No.  65-2  (ISO) 

3/17/65 

TV  Sensor  Analysis 

Wilson 

4143-FDDM-OlO 

3/22/65 

Satellite  Attitude  Determination 
via  On-Board  RF  Measurements 
■ and  Radar  POLANG  Measurements 

Levinson 

Interim  Report 
(ISO) 

3/26/65 

TV  Attitude  Sensor  Analysis 

Wilson 

Tech  Rpt. 

No.  65-3  (ISO) 

3/26/65 

The  Effect  of  Errors  in  Estimating 
Orbital  Elements  on  the  Determina- 
tion of  Attitude 

McCabe 

4143-FDDM-Oll 

4/6/65 

Satellite  Attitude  Determination  via 
On-Board  Earth  IR  Sensor  Measure-r 
ments  and  Ground-Based  Polarization 
Angle  Measurements 

Levinson 

Letter  Report  (ISO) 

4/19/65  • 

Utilization  of  Visual  Data  from  the 
Ground  Station  Monitor  for  Real-time 
On-site  Estimates  of  Spacecraft 
Attitude  and  Rate 

Wilson 
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Document  No. 

Date 

Title 

Author  (s) 

4143-FDDM-012 

4/23/65 

Solar  Aspect  Sensor:  Sun- Line 
Orientation;  Detector  Error 
Coefficients 

Levinson 

4143-FDDM-013 

5/13/65 

Satellite  Attitude  Determination 
via  Earth  Albedo  Sensor  and  Solar 
Aspect  Sensor  Measurements 

Levinson 

Tech  Memo 
No.  65-5  (ISO) 

5/21/65 

A Convenient  Method  to  Determine 
Attitude  Given  Solar  Aspect  Sensor 
Measurements  and  Ground-Based 
Polarization  Angle  Measurements 

McCabe 

4143-FDDM-014 

6/7/65 

Satellite  Attitude  Determination 
via  On-Board  Earth  IR  and  Solar 
Aspect  Measurements 

Levinson 

4143-FDDM-015 

6/21/65 

Pitch  Determination  During  hive rs  ion 
Maneuver  via  Solar  Aspect  Sensor 
Measurements 

Levinson 

4143-FDDM-016 

7/28/65 

Satellite  Attitude  Determination  via 
Radar  Polarization  Angle  and  Solar 
Aspect  Sensor  Measurements 

Levinson 

Sys  Memo 
No.  057 

7/30/65 

Reliable  Earth  Sensor 

Frey 

4143-FDDM-017 

8/13/65 

Triple  Line  of  Sight  Techniques  for 
Attitude  Determination 

Levinson 

PIR  4424-056 

11/22/65 

Remarks  on  Calculation  of  Rates 
and  Faraday  Rotation 

Green 

Trip  Report 

12/15/65 

ATD  IR  Sensor  Design  Review 

Frey, 

Horn 

PIR  4424-065 

2/3/66 

Basic  Equations  for  ATS  New  Earth 
Sensor 

Martin 

PIR  4424-066 

2/7/66 

Sensitivity  Coefficients  Using  Adcole 
Sun  Sensor  Counts 

Martin 

Sys  Memo 
No.  075 

2/11/66 

World  Map  Attitude  Errors 

Clayton 

Sys  Memo 
No,  078 

3/4/66 

SAS  Compound  Angle  Measurements 

Clayton 

PIR  5540-23 

3/8/66 

Faraday  Rotation 

Green 
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Document  No. 

Date 

Title 

Author  (s) 

PIR  5540-24 

3/17/66 

Remarks  on  the  Brouwer  Orbit 
Model 

Green 

PIR  5540-26 

4/4/66 

A Brief  Error  Analysis  of  the 
Brouwer  Orbit  Model 

Green 

PIR  4730-218 

4/13/66 

IR  Earth  Sensor  Data  Reduction 

Frey 

PIR  4424-077 

5/20/66' 

Orbit  Position  Error  Study  for  ATS 

Martin  . 

PIR  4411-007 

8/19/66 

ATS  Sun  Sensors:  Measurement- 
Errors  and  Weights 

Martin 

PIR  4411-008 

9/6/66 

Equations  for  ATS  IR  Earth  Sensor 
Data  Processing 

Martin 

PIR  4411-009 

9/14/66 

ATS  Attitude  Determination  with  Two 
Reference  Vectors 

Martin 

Sys  Memo 
No.  103 

11/30/66 

Record  of  Telecon  with  A.  Sabelhaus, 
23  November  1966 

Clayton 

PIR  4A23-103 

12/21/66 

Analysis  of  GGTS  Solar  Aspect 
Sensor  Anomaly 

Kraus 

PIR  4411-018 

12/21/66 

Analysis  of  Calibration  Data  for 
Two  ATS  IR  Earth  Sensors 

Martin 

TIS  67SD207 

1/16/67 

Geophysical  Ephemeris  Calculations 
on  the  GE-DSCS  at  MSD 

Green, 

Davis 

Sys'  Memo 
No.  109 

3/6/67 

Quick-Look  POLANG 
Corrections 

Clayton 

PIR  4T23-034 

5/12/67 

North-South  Station  Keeping  Con- 
siderations of  Synchronous  Equatorial 
Orbits 

Laudermilch 

PIR4T53-128 

12/26/67 

POLANG  and  Faraday  Rotation 

Mielke 

PIR  1K05-009 

9/11/68 

Recent  Attempts  to  Determine 
Attitude  of  ATS-2  Satellite 

Martin 

6.6  ATS  ATTITUDE  DETERMINATION  PROGRAM 

The  ATS  Attitude  Determination  Program  is  a generic  title  used  to  reference  a group  of 
large  scale  digital  computer  programs  developed  for  ATS  attitude  computations  and  used 
for  smoothing  preliminary  processing  of  "raw"  PCM  telemetry  data;  merger  with  data 
relative  to  spacecraft  antenna  polarization;  reduction  and  computation  of  statistical  para- 
meters associated  with  diagnostic  data;  reduction  and  processing  of  data  extracted  from 
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filmed  television  pictures;  production  of  data  lists  for  selected  gravity  gradient  telemetry 
fxmctions;  production  of  summary  data  reports;  and  finally,  the  production  of  attitude  and 
raw  data  plots. 


Document  No. 

Date 

Title 

• Author  (s) 

PIR  4126-011 

2/15/65 

Required  Inputs  for  ATS  Software 
Design  and  Development 

Schmitt, 

Schaller 

“ 

5/7/65 

Preliminary  Remarks  on  the  ATS 
Attitude  Determination  Program 

Green 

Tech  Rpt 
No.  65-12 

aso) 

6/24/65 

Techniques  and  Philosophy  of  Data 
Smoothing  for  ATS 

Collins, 

Frangione, 

McCabe 

PIR  4424-035 

6/29/65 

Investigation  of  Data  Processing 
Techniques  for  ATS  Attitude 
Determination 

Martin 

7/9/65 

ATS  Data  Processing  System 
Preliminary  Design  Specification 

Schmitt 

PIR  4424-037 

7/13/65 

Computer  Modules  for  ATS  Attitude 
Determination 

Martin 

PIR  4424-039 

8/18/65 

Specifications  for  ATS  Attitude 
Determination  Investigation 
Program  (ADIP) 

Martin 

PIR  4424-051 

10/8/65 

A Note  on  the  ATS  Attitude  Determi- 
nation Program  Requirements 

Green 

PIR  4424-055 

11/1/65 

Attitude  Determination  During  a 
Pitch  Maneuver 

Green 

PIR  4424-061 

12/20/65 

Sensitivliy  Coefficients  and  Estimates 
of  ATS  Attitude  Angles 

Martin 

PIR  4424-068 

2/10/66 

Proposed  Printed  Output  for  ATS 
Attitude  Determination  Program 

Martin 

PIR  4A26-037 

3/31/66 

ATS-A  Data  Reduction  and  Computer 
Programs  Specifications 

Schmitt 

SVS-7429 

4/27/66 

ATS  Data  Eormat  Specification 

Schmitt 

PIR  4424-076 

5/3/66 

ADIP- III,  Fundamental  Equations 
and  General  Description  of  the 
Computer  Program 

Martin 
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Document  No. 

Date 

Title 

Author  (sj 

PIR  4A26-061 

6/9/66 

ADIP-III,  Computer  Program 
Writeup  (7094) 

Paparella 

PIR  4411-003 

7/8/66 

ADIP-ni,  Influence  of  the  Weights 
on  the  Calculated  Attitude  Angles 

Martin 

PIR  4A26-096 

10/10/66 

ATS  Data  Reduction  Computer 
Software  System  Description 

- Shebby, 
Kohler 

SVS-7429 
Revision  A 

11/17/66 

ATS  Data  Formats  Specifications 

Schmitt 

PIR  4411-015 

12/18/66 

ATS  Data  Analysis  Module  (DAM) 
Fundamental  Equations  and 
General  Description  of  the  Com- 
puter Program 

Martin 

PIR  4B80-011 

2/20/67 

Final  Format  of  POLANG  Tape 

Shebby 

SVS-7429, 
Revision  B 

3/15/67 

ATS  Data  Formats 
Specification 

Schmitt, 

Clayton 

PIR- 4T  AO- 001 
Revision  A 

3/20/67 

Recent  Modifications  to  the  ATS 
Data  Analysis  Module  (DAM) 

Martin 

67SD4322 

6/30/67 

ATS-A  Data  Processing  System,  Vol  I 

Kohler, 

67SD4395 

11/15/67 

ATS-A  Data  Processing  System,  Vol  II 

Shebbv. 

67SD4345 

12/1/67 

ATS-A  Data  Processing  System,  Vol  in  Candor, 

McCully, 

Schmitt 

SVS-7556 

6/14/68 

ATS-D  Data  System  Interfaces 

Montgomery 

PIR  1K05-005 

7/1/68 

Equations  for  Processing  m Earth 
Sensor  Data  in  DAM2  Program 

Martin 

PIR  1K05-006 

7/24/68 

ATS-D  Data  Analysis  Module  (DAM2) 
Equations  and  Basic  Logie 

Martin 

PIR  1P32-112 

9/12/68 

ATS-D  Long  Term  Data  System, 
General  Description  of 

Montgomery 

3VS-7723 

July  1969 

ATS-E  Data  System  Interfaces 

Bielefeld 
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6.7  DATA  SYSTEM  CHECKOUT 


To  ensure  a state  of  operational  readiness  for  first  data  following  launch  of  ATS-A,  a plan 
was  generated  for  checkout  of  the  prime  modules  of  the  Attitude  Determination  Program 
using  simulated  attitude  performance  generated  by  the  ATS  Math  Model.  This  required 
the  development  of  a Data  Simulation  Program  which  accepted,  as  input,  an  attitude  tape 
produced  by  the  Math  Model  and  provided,  as  output,  a simulated  GE-POLANG  and  RTDT 
in  accordance  with  tape  formats  specified  in  SVS-7429.  These  two  tapes  simulated  opera- 
tional tapes  to  be  received  by  GE  from  NASA/GSFC.  The  diagnostics  were  added  as  a 
separate  input  to  the  Data  Simulation  Program  and  provided  a range  which  included  antici- 
pated excursions  of  all  diagnostics.  The  resultant  output,  when  processed  through  the 
Attitude  Determination  Program,  was  compared  with  original  Math  Model  outputs  and 
diagnostic  inputs  for  confirmation  of  proper  programs  operation. 


Document  No. 

Date 

Title 

Author(s) 

pm  4424-040 

8/20/65 

ATS  Simulation  Program 

Green 

Pm  4126-087 

9/1/65 

ATS  Simulation  Program 

Vischak 

pm  4126-128 

11/29/65 

Modification  to  ATS  Data 
Simulation  Program 

Schmitt 

Pffi  4174-057 

4/25/66 

Output  Conversion  Equations  for 
ATS  Digital  Simulation 

Hinrichs 

pm  4A26-112 

11/23/66 

Modification  II  to  ATS  Data 
Simulation  Program 

Schmitt 

pm  4A23-106 

12/16/66 

ATS  Data  System  Checkout 
Phase  I Schedule 

Horn 

- 

12/18/66 

ATS  Data  System  Checkout  Plan 

Horn 

pm  4A 2 3-1 08 

12/19/66 

Data  System  Checkout,  Simulation 
Orbit  Definition  - Phase  I 

Horn 

Pm  4A23-120 

- 

Data  System  Checkout,  Simulation 
Orbit  Definition  - Phase  II 

Horn 

pm  4B80-014 

3/14/67 

ATS  Simulation  Program 

Richter 

Pm  4BD2-024 

5/19/67 

Data  System  Checkout  Report 

Schmitt 
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6.8  QUICK-LOOK  DATA  SYSTEM 


The  ATS  Quick-Look  Data  System  was  developed  to  provide  a near-:to-real-time  data  link 
between  GE/VFSTC  and  the  ATS  ground  stations  at  Rosinan,  North  Carolina;  Mojave, 
California;  Toowoomba,  Australia;  and  Kashima,  Japan.  The  system  utilizes  the  existing 
NASGOM  teletype  communications  network  and  interfaces  with  the  GE  Desk  Side  Computer 
Service  (DSCS)  at  GE/Penn  Park. 


Document  No, 

Date 

Title 

Author(s) 

Memo  No. 
4732-67 

2/14/66 

Quick-Look  Data  System  Proposal 

Clayton 

pm  5540-38 

8/18/66 

GGTS  Quick-Look  Attitude 
Determination  Program 

Green, 

Royer 

Sys.  Memo 
No.  100 

11/16/66 

ATS  Quick-Look  Data  System 

Clayton 

Sys.  Memo 
No.  103 

11/30/66 

Record  of  Telecon  with  A.  Sabelhaus 
11/23/66  (Re:ATS  Quick-Look  System) 

Clayton 

Sys.  Memo 
No.  104 

12/2/66 

ATS  Quick-Look  System  Installation 

Clayton 

Pm  5540-45 

1/11/67 

Progress  Report  on  the  ATS  Quick- 
Look  Math  Model  Program 

Powell, 

Green 

Sys.  Memo 
No.  109 

3/6/67 

Quick  Look  POLANG  Corrections 

Clayton 

pm  5540-48 

3/20/67 

DSCS  Quick-Look  Math  Model 

Green 

Pm  5540-70 

1/8/68 

A Package  of  DSCS  Programs  that 
May  Be  Used  for  ATS  Type  Calculations 

Green 

68SD4219 

2/19/68 

ATS-2  Quick  Look  System  Computer 
Programs 

Kraus 

69SD4376 

12/31/69 

ATS-5  Quick-Look  System 

Latona 

6.9  ATS  GRAVITY  GRADIENT  ORBIT  TEST  AND  FLIGHT  EVALUATION 
At  program  inception,  mission  guidelines  were  defined  in  only  the  most  general  of  terms. 
Beginning  in  July  1964,  a continuing  effort  was  inaugurated  to.definitize  the  specific  objec- 
tives and  philosophy  of  the  ATS  gravity  gradient  mission,  as  well  as  formalize  plans  for  the 
accomplishment  of  the  mission.  This  included  generation  of  data  requirements  and  data 
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processing  and  analysis  requirements  and  culminated  in  a five-volume  ATS-A  Orbit  Test 
Plan  which  encompassed  post-launch  flight  analysis  and  gravity  gradient  experiment  plans, 
specifics  of  the  mission  and  orbit  test  philosophy  and  objectives,  a gravity  gradient  experi- 
ment operational  contingency  plan,  a description  of  system  capabilities,  and  a collection  of 
operational  aids  referred  to  separately  as  the  Orbit  Test  Handbook.  The  Orbit  Test  Plan 
and  Orbit  Test  Handbook  were  then  updated  prior  to  the  subsequent  flights  of  ATS-D  and 
ATS-E,  Flight  Reports  were  prepared  after  each  flight. 


Document  No. 

Date 

Title 

Author(s) 

Sys.  Memo 
No,  003 

7/22/64 

Preliminary  ATS  Orbit  Test  Plan 

Clayton 

Pm  9733-30 

10/8/64 

Shadow  History  Studies  - Gravity 
Gradient  System  Experiment  for  ATS 

Weinstein 

Sys.  Memo 
No.  040 

4/22/65 

Trip  Report,  ATS  Trajectory  Meeting 
at  Lewis  Research  Center,  21  April  1965 

Cla3Tton 

Sys.  Memo 
No.  041 

4/23/65 

Launch  Constraints  Associated  with 
Achieving  an  Initial  Period  of  Con- 
tinuous Sunlight 

Clayton' 

— 

7/9/65 

ATS  Preliminary  Flight  Evaluation 
Plan 

Horn 

Sys.  Memo 
No.  056 

7/22/65 

Results  of  NASA/GE  Working  Session 
on  Data  Processing  and  Flight  Evalu- 
ation Plans 

Clayton 

Sys.  Memo 
No.  061 

8/27/65 

Action  Items  Established  at  19  July 
Data  Processing  Meeting  at  NASA/ 
GSFC 

Clayton 

Sys.  Memo 
No.  066 

11/4/65 

NASA  Response  to  GE*s  Request  for 
non-GE  Telemetry  Data 

Clayton 

Pm  4123-032 

12/10/65 

ATS/A  Long  Term  Data  Quantity 
Estimates 

Horn 

pm  4123-035 

12/13/65 

Weekly  Scan  of  Telemetry  Data 

Horn 

Sys.  Memo 
No.  068 

12/30/65 

ATS  Gravity  Gradient  Orbit  Test 
Philosophy 

Clayton 

pm  4A23-040 

1/17-/66 

Proposed  ATS/A  ADP  Input  Data 
Survey 

Horn 

pm  4A23-  041 

1/18/66 

Preliminary  ATS-A  Orbit  Test  Plan 
"Test  Packages" 

Kait 
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Document  No. 

Date 

Title 

Author(s) 

pm  4A23-042 

1/24/66 

Proposed  ATS/A  Input  Data  Survey 

Horn 

Pm  4A23-043 

1/24/66 

Detailed  Data  Format  Capability 

Horn 

pm  4A23-044 

1/24/66 

TVCS-Derived  Data  for  Flight 
Analysis/Evaluation 

Horn 

Pm  4A23-047 

2/15/66 

ADP/ Flight  Analysis  Requirements  - 
Data  Analysis  Module 

Horn 

Pm  4E10-012 

2/28/66 

Flight  Malfunction  Analysis/Corrective 
Action  Plan  (Preliminary) 

DeSantis, 

Sturgeon 

Sys.  Memo 
No.  081 

4/8/66 

NASA/GE  Working  Session  on 
Operations  Interfaces 

Clayton 

Sys.  Memo 
No.  084 

4/20/66 

Trip  Report  - NASA/GE  Working 
Session  on  Operations  Interfaces, 
15  April  1966 

Cla3rton 

Pm  4A23-060 

5/2/66 

Orbital  Data  Program 

Horn 

pm  4E10-025 

5/13/66 

Flight  Malfunction  Analysis/ 
Corrective  Action  Plan 

Sturgeon, 

DeSantis 

Sys.  Memo 
No.  089 

5/16/66 

Notes  on  ADP  Working  Session 
at  GE,  6 May  1966 

Cla3rton 

pm  4341-001 

5/26/66 

ATS  Gravity  Gradient  Orbit  Test 
Sequencing  Method 

Zanetti 

Sys.  Memo 
No.  093 

6/16/66  - 

Earth  Constants 

Clayton 

Sys.  Memo 
No.  095 

7/15/66 

GSFC  Orbital  Operations  Plan 
Interfaces 

Clayton 

66SD4525 

11/15/66 

Telemetry  Calibration  Book 
(Nominal  Data) 

Hill, 

' Horn 

Sys.  Memo 
No.  101 

11/23/66 

GE/NASA  Data  System 
Interface  Meeting 

Cla3Tton 

Sys.  Memo 
No.  102 

11/30/66 

ATS  Ground  Station  GG  Command 
Interlocks 

Clayton 

pm  4A23-101 

12/6/66 

Primary  Boom  Length 
Telemetry  Accuracy  Estimates 

Kraus 

Sys.  Memo 
No,  105 

12/12/66 

GE  Responsibility  in  Flight 
Evaluation  of  the  ATS  Earth 
Sensors 

Clayton 
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Document  No. 

Date 

Title 

Author(s) 

Sys.  Memo 
No.  106 

12/19/66 

Record  of  Telecon  with 
A.  Sabelhaus  and  G.  Banks 
NASA/GSFC,  12  December  1966 
(Re:  Earth  Sensors,  Cal  Data, 
SAS,  Inversion  Thrusters) 

Horn 

67SD4232 

2/12/67 

Orbit  Test  Plan,  Volume  n 
Recommended  ATS-A  Orbit 
Operational  Procedures 

Kraus, 

Horn 

Sys.  Memo 
No.  107 

2/17/67 

ATS-A  Experimenters  Meeting, 
Trip  Report 

Clayton 

Sys.  Memo 
No.  108 

2/22/67 

STADAN  Data  Coverage,  ATS 

Clayton 

67SD4244 

3/6/67 

Orbit  Test  Plan,  Volume  III 
ATS-A  Flight  Evaluation  Plan 

Horn 

Sys.  Memo 
No.  no 

3/6/67 

Record  of  Telecon  with 
A.  Sabelhaus,  3/3/67 
(Re:  Data  System  Interfaces) 

Clayton 

Sys.  Memo 
No.  112 

3/9/67 

Comments  on  NASA  Plans  for 
ATS-A  Launch  Sequence 

Clayton 

67SD4254 

3/15/67 

Orbit  Test  Plan,  Volume  V, 
Appendix  B,  ATS-A  Orbit 
Test  Handbook 

Kraus, 

■Horn 

Sys.  Memo 
No  114 

3/  22/67 

Comments  on  ATS-A  Launch 
Rehearsal  Conducted 
21  March  1967 

Clasrton 

67SD4305 

3/27/67 

Orbit  Test  Plan,  Volume  I,  Test 
Philosophy  and  Objectives 

Clayton 

67SD4276 

4/10/67 

Four -Day  Flight  Report  for  the  ATS 
Gravity  Gradient  Stability  System 

Horn, 

Kraus 

67SD4264 

5/22/67 

Orbit  Test  Plan,  Volume  V, 
Appendix  A,  ATS 
Supplementary  Material 

Horn 

Sys.  Memo 
No.  115 

6/ 12/67 

Trip  Report;  ATS-2  Boom  Scissor 
and  Damper  Clutch  Operations 

Clayton 

Sys.  Memo 

7/21/67 

ATS-2  Flight  Analysis  Termination 

Clayton 

No.  117 

Sys.  Memo 
No.  119 

7/31/67 

Preliminary  Info  on  ATS-D 
Ion  Engine 

Clayton 

Sys.  Memo 
No.  122 

9/7/67 

Teleon  with  M.  Geller  (ATSOCC) 
Re;  Recent  GG  Tests  on  ATS-2 

■ Clayton 
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Document  No. 

Date 

Title 

Author(s) 

68SD4276 

12/29/67 

ATS-2  Final  Flight  Report  for  the 
Applications  Technology  Satellite 

Horn, 

Kraus, 

Mielke 

68SD4282 

6/14/68 

ATS-D  Gravity  Gradient 
Orbit  Test  Plan 

I^aus, 

Mielke 

68SD4287 

7/1/68 

ATS-D  Gravity  Gradient 
Orbit  Test  Handbook 

Kraus, 

Mielke, 

Wallace 

68SD4321 

•9/15/68 

Interim  Flight  Report  for 
the  Applications  Technology 
Satellite  (ATS-D) 

Kraus 

Mielke 

10/25/68 

ATS-4  Flight  Summary 

Kraus 

68SD4364 

12/31/68 

ATS-4  Final  Flight  Report  for  the 
Applications  Technology  Satellite 
Gravity  Gradient  Stabilization 
System 

Kraus 

68SD4283 

5/19/69 

ATS-E  Gravity  Gradient 
Orbit  Test  Plan 

Kraus 

69SD4335 

7/3/69 

ATS-E  Gravity  Gradient 
Orbit  Test  Handbook 

Kraus, 

Coyne 

8/8/69 

ATS-E  Calibration  Curves  for 
Telemetry  Received  by  GE 

Mueller 

10/1/69 

Evaluation  of  ATS-E  Mission 
Recovery  through  Gravity  Gradient 
Boom  Deployment 

Clayton, 

Foulke, 

Moyer 

69SD4377 

12/31/69 

ATS-5  Final  Flight  Report  for  the 
Applications  Technology  Satellite 
Gravity  Gradient  Stabilization 
System 

Mueller 
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6.10  SYSTEM  DESIGN  ANALYSIS 

The  design  of  a gravity  gradient  stabilization  system  is  so  intimately  associated  with  the 
configurational  parameters  of  the  total  spacecraft  that  the  first  and  primary  area  of  concern 
in  the  design  of  ATS  was  an  analytical  optimization  of  system  parameters  governing  per- 
formance. This  required  the  simultaneous  consideration  of  factors  affecting  initial  capture,, 
transient  damping  and  steady-state  performance.  Once  the  basic  system  parameters  were 
specified,  tolerance  studies  on  those  parameters  were  necessitated  to  provide  a framework 
for  the  generation  of  a realistic  set  of  gravity  gradient  system  hardware  and  spacecraft 
interface  specifications.  Once  this  was  accomplished,  a final  assessment  of  expected 
performance  was  required  to  allow  the  specification  of  a realistic  orbit  test  plan  and 
demonstrate  the  projected  ability  to  satisfy  basic  mission  objectives.  To  these  ends,  an 
extensive  system  design  analysis  activity  was  initiated  at  program  inception  and  continued 
through  launch  of  ATS-E . 


6. 10. 1 INITIAL  CAPTUEE 


Document  No. 

Date 

Title 

Author  (s) 

Pm  9750-025 

9/64 

Capture  of  MAGGE 

Moyer, 

Foulke 

Pm  4730-059 

3/2/65 

Capture  of  MAGGE  with 
12-Second  Time  Delay 

Foulke 

Sys.  Memo 
No.  040 

4/22/65 

Trip  Report,  ATS  Trajectory 
Meeting  at  Lewis  Research  Center, 
21  April  1965 

Clajdon 

Pm  4174-018 

6/4/65 

Initial  Capture  of  the  ATS-A 
Vehicle 

Siegel 

Sys.  Memo 
No.  058 

8/13/65 

ATS  Capture  Studies 

Clayton 

Pm  4174-030 

10/14/65 

Initial  Capture  of  the  ATS-A  and 
ATS-D  Vehicles 

Siegel 

Memo 

4732-81 

3/8/66 

Inertia  and  Rate  Restraints  for 
the  ATS  Spacecraft 

Frey 
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Document  No. 

Date 

Title 

Author  (s^ 

pm  4174-052 

3/14/66 

Pitch  Axis  Momentum  Limits 
for  ATS-D  Capture  Maneuver 

Siegel 

Memo  4732-111 

4/13/66 

Record  of  Telecon  with  G.  Banks 
on  4/12/66 

Clayton 

Sys,  Memo 
No.  092 

6/14/66 

' Additional  Capture  Runs,  ATS-D 

Clayton 

Pm  41MI-342 

12/16/66 

Maximum  Allowable  Rate  for 
ATS  Vehicles 

Foulke, 

Evans 

Pm  41MI-366 

1/18/67 

Capture  Runs  for  ATS-D/E 

Foulke, 

Evans 

Pm  41M9-010 

5/19/67 

Upright  Capture  of  ATS-A 

Foulke 

Pm  lJMI-657 

6/27/68 

Two  Stage  Capture  Deployment 
Sequence 

Foulke 

pm  1J72-1015 

11/19/69 

Summary  of  ATS-E  Capture 

Schaffer 

Studies 


6.10.2  INVERSION  STUDIES 

Document  No. 

Date 

Title 

Authorls) 

pm  9750-035 

9/18/64 

Inversion  Maneuver  of  the  MAGGE 
Configuration 

Foulke 

Sys.  Memo 
No.  010 

9/24/64 

ATS  Thruster  Characteristics 

Clayton 

Pm  9750-053 

10/21/64 

Nominal  Thrust  and  Tolerance 
for  MAGGE  Inversion  Maneuver 

Foulke 

Pm  4174-012 

4/22/65 

Inversion  of  ATS-A  with  100- Foot 
Rods 

Foulke 

Sys.  Memo 
No.  046 

5/17/65 

Ground  Rules  for  ATS  Inversion 
Maneuver 

Clayton 

4143-FDDM-15 

6/21/65 

Pitch  Determination  During  Inversion 
Maneuver  via  Solar  Aspect  Sensor 
Measurements 

Levinson 
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Document  No. 

Date 

Title 

Author(s) 

pm  4174  -041 

12/6/65 

Comparison  of  the  Effects  of 
7-inch  and  29-inch  Inversion 
Thruster  Moment  Arms  in 
ATS-D 

Siegel 

pm  4174-042 

12/15/65 

ATS-A  Inversion  Maneuver  Based 
Upon  a Specified  Timing  Sequence 

Siegel 

Pm  4174-043 

1/6/66 

ATS  Pitch-Up  Maneuver 

Siegel 

PIR  4174-044 

1/21/66 

ATS-D  Inversion  Maneuver  Using 
Thrusters 

Siegel 

pm  4174-045 

2/3/66 

Inversion  of  ATS-A  and  ATS-D 

Foulke 

Pm  4174-053 

3/31/66 

ATS-A  Inversion  Using  Rod 
Retraction  and  Extension 

Siegel 

pm  4174-056 

4/22/66 

ATS-D  Inversion  Using  Rod 
Retraction  and  Extension 

Siegel 

PIR  41MI-378, 
Revision  A 

2/9/67 

Allowable  Leakage  Rates  on 
the  Inversion  Thrusters 

Foulke 

Pm  lJMI-667 

7/19/68 

Inversion  of  ATS-D  Using 
Real  Time  Data 

Foulke 

.10.3  STATIONKEEPING 

Document  No. 

Date 

Title 

Author  (s) 

PIR  4174-028 

9/28/65 

Pulsing  Frequency  of  Station- 
- keeping  Thruster  for  ATS-D 

Foulke 

PIR  4174-031 

10/18/65 

Effect  of  a Stationkeeping  Thruster 
on  ATS-D  with  TM2A  Parameters 

Siegel 

PIR  4174-048 

2/15/66 

Conversation  with  L,  Gras  sh off 
(Re:  change  in  stationkeeping 
thruster  duty  cycle) 

Foulke 

PIR  4174-047 

2/15/66 

ATS-D  Yaw  Attitude  Errors  Caused 
by  the  Stationkeeping  Thruster 

Evans 

pm  4T23-034 

5/12/67 

North-South  Stationkeeping  Consid- 
erations of  Synchronous  Equatorial 
Orbits 

Laudermilch 
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6'.  10.4  SYSTEM  PEEFOEMANCE.  STUDIES 


Document  No, 

Date 

Title 

(Author(s) 

pm  9750-012 

8/11/64 

Effect  of  a Magnetic  Dipole  on 
MAGGE 

Foulke 

Pm  9750-023 

9/1/64 

Transient  Performance  of  MAGGE 

Moyer, 

Foulke 

pm  9750-024 

9/8/64 

Effect  of  a Magnetic  Dipole  on 
SAGGE 

Foulke 

pm  9750-034 

9/18/64 

Crab  Angles  of  the  MAGGE 
Configuration 

Foulke 

PIE  4422-315 

11/16/64  . 

ATS  Solar  Torque 

Sellers 

pm  4174-004 

2/11/65 

ATS  Configuration  Using  GSFC- 
Specified  Parameters 

Siegel 

PIE  41MI-253 

9/27/66 

Eevision  of  ATS-D  Error  Budgets 

Evans 

pm  41MI-254 

9/27/66 

Eevision  of  ATS-A  Error  Budgets 

Evans 

Pm  41MI-318 

11/14/66  ' 

Effect  of  Hardware  Tolerances  on 
ATS-A  and  D 

Foulke 

Pm  41MI-342 

12/16/66 

Maximum  Allowable  Bate  for  ATS 
Vehicles 

Foulke 

PIE  41MI-349 

12/23/66 

Second  Eevision  of  ATS-D  Error 
Budgets 

Evans 

pm  41MI-365 

1/17/67 

Eesults  of  Computer  Euns  Evaluating 
Failure  Modes 

Foulke 

Pm  41MI-385 
Eevision  A 

2/13/67 

Effect  of  Magnetic  Dipole  of  Tip 
Masses  on  ATS-A  Performance 

Foulke 

Pm  41M9-006 

5/12/67 

Performance  of  ATS-A  in  an 
Orbit  with  0. 2 Eccentricity 

Foulke 

Pm  41M9-011 

6/1/67 

Performance  of  ATS-E  with  a Yaw 
Stabilizing  Flywheel 

Foulke 

pm  41MI-586 

3/6/68 

Simulation  of  DODGE  Spacecraft 

Foulke 

Pm  lJMI-601 

4/3/68 

Simulation  of  DODGE- Pass  3 

Foulke 
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Document  No. 

Date 

Title 

Author  (s) 

PIR  4174-002 

3/10/65 

Response  to  Internal  Disturbance 
Torques 

Evans 

Sys.  Memo 
No.  036 

3/12/65 

Optimization  Study  Standard 
Disturbance  Parameters 

Mazur 

65SD4266 
Section  2. 1. 6. 1 

4/20/65 

ATS  Optimization  Studies 

Foulke, 

Evans, 

Siegel 

PIR  4174-015 

5/3/65 

Nominal  System  Parameters  for 
the  ATS-A  and  ATS-D  Vehicles 

Siegel 

PIR  4174-016 

5/5/65 

Performance  Studies  of  the  ATS-D 
Vehicle 

Siegel 

Sys.  Memo 
No,  047 

6/1/65 

ATS  Standardized  Configuration 

Clayton 

Pm  4174-019 

7/8/65 

Solar  Pressure  Torques  due  to  TV 
Targets  on  Rod  Tips 

Evans 

PIR  4174-027 

9/3/65 

Frequency  Response  of  ATS 

Foulke 

pm  4174-029 

9/23/65  . 

Attitude  Errors  Caused  by  Vehicle 
Magnetic  Dipole  Moment 

Siegel 

Pm  4174-032 

10/28/65 

Response  of  ATS  to  Solitary  Impulse 

Foulke 

Pm  4174-035 

11/1/65 

Attitude  Errors  Caused  by  Solar 
Pressure  on  the  TV  Targets 

Evans 

pm  4174-046 

2/4/66 

Effect  of  Damper  Deployment  Squibs 
on  Attitude  Performance 

Foulke 

Pm  4174-051 

3/2/66 

Primary  Body  Moments  and  Products 
of  Inertia  Depending  on  Rod  Half 
Angle 

Evans 

PIR  4174-055 

4/13/66 

ATS-A  Error  Budgets 

Evans 

pm  4174-063 

5/16/66 

Comparison  Graphs  for  Main  Rod 
Half  Angle  of  11°,  15°,  19°,  25.02° 
and  31°  (ATS-A) 

Evans 

Pm  41MI-147 

6/23/66 

ATS-D  Error  Budgets 

Evans 

Sys.  Memo 
No.  094 

7/11/66 

Spacecraft  Surface  Optical 
Properties 

Clayton 

pm  41MI-191 

7/22/66 

Comparison  Graphs  for  Main  Rod 
Half  Angle  of  11°  , 15°,  19°, 

24,  94°,  and  31°  (ATS-D) 

Evans 
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pm  lJMI-612 

4/11/68 

Use  of  Controlled  Dipole  as  Damping 
Mechanism  (ATS  Sample  and  Hold’ 
Technique) 

Schaffer 

pm  lJMI-620 

4/24/68 

ATS  Detumble  Time  Using  Magnetic 
Damping 

Schaffer 

pm  lJMI-666 

7/18/68 

ATS-D  Sample  and  Hold  Timing 

Schaffer 

Specifications  for  Magnetic 
Torquing 


6. 10.  5 BOOM  SYSTEM  TOUERANCE  STUDIES 


Document  No. 

Date 

Title 

Author(s) 

pm  4174-001 

12/8/64 

Yaw  Error  Caused  by  Primary 
Rod  Bending  for  MAGGE 

• Siegel 

pm  4141-048 

4/20/65 

ATS  Gravity  Gradient  Rods-Solar 
Torque-Reflectivity  Sensitivity 
Coefficients 

Wilcox 

pm  4174-013 

4/22/65 

Attitude  Errors  Caused  by  Short 
Primary  Gravity  Gradient  Rods  on 
ATS-D 

Siegel 

Pm  4174-014 

5/3/65 

Attitude  Errors  Caused  by  Short 
Primary  Gravity  Gradient  Rods  on 
ATS-A 

Siegel 

pm  4141-058 

7/22/65 

Determination  of  Sensitivity  of 
Coefficients  for  Gravity  Gradient 
Rods 

Pucher 

Pm  4174-023 
Revision  A 

10/29/65 

Solar  Torques  on  Rods  of  Unequal 
Absorptivity 

Foulke 

PIR  4174-034 

10/29/65  • 

Yaw  Error  Versus  Rod  Envelope 
Radius 

Evans 

Pm  4174-036 

11/1/65 

Variations  in  Damping  Time  and  in 
Vehicle  Yaw  Angle  Versus  Damper 
Angle 

Evans 

pm  4174-037 

11/5/65 

Variations  in  Vehicle  Attitude 
Versus  Variations  in  Rod 
Alignments 

Evans 
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Document  No. 

Date 

Title 

Author  (s) 

PIK  4174-038 

•11/8/65 

Pitch  and  Roll  Attitude  Errors 
Caused  by  Rod  Envelope  Criteria 

Evans 

pm  4494-028 

11/19/65 

The  Rate  of  Evaporation  of  Silver 
Sulfide  from  a Silver  Surface  in  Space 

Tweedie, 

Babjak 

Sys.  Memo 
No,  079 

3/28/66 

Variation  of  Solar  Absorptivity  with 
Solar  Incidence  Angle  for  Silver- 
Plated,  Be-Cu  Boom  Samples 

Clayton 

pm  4T94-020 

6/29/66 

Reflectance  of  Boom  Samples 

Young 

PIR  41M1-162 

7/7/66 

Rod  Error  Tradeoff  Curves 

Evans 

Pm  4T94-048 

8/23/66 

Micrometeorite  Tests  of  BeCu 
Gravity  Gradient  Rods 

Bretts 

Sys.  Memo 
No.  098 

10/27/66 

Installation  of  ATS-A  Primary 
Boom  Flight  Tapes 

Clayton 

Sys.  Memo 
No.  099 

11/14/66 

Replacement  Tape  for  Boom 
No.  226-1 

Clayton 

pm  41M1-336 

12/12/66 

Compensation  for  Shortened  Damper 
Booms  and  Increased  Stiffness  of 
Damper  Spring 

Evans 

Pm  41M2-122 

2/20/67 

Effect  of  Twist  on  Straightness 
Profiles  of  Molybdenum  GG  Booms 
of  ATS  Configuration 

Matteo 

Sys.  Memo 
No.  120 

8/15/67 

Installation  of  ATS-D  Primary 
Boom  Flight  Tapes 

Clayton 

pm  4T73-104 

8/25/67 

Analytical  Study  of  Boom  Deflec- 
tion and  Twist  Profiles 

Ferguson, 

Josloff 

PIR  41M9-025 

9/25/67 

Placement  of  Gravity  Gradient 
Rods  on  ATS-D 

Foulke 

pm  41M5-086 

12/21/67 

Vehicle  Performance  Comparisons 
Using  Different  Models  for  the  Main 
Booms 

Evans 

Pm  1K73-039 

8/27/68 

Zero-G  Tip  Deflections  for  ATS 
Booms  S/N  10  and  103 

Ferguson 

Pm  1K73-052 

10/4/68 

Revised  Tip  Deflections  for  ATS 
Booms  S/N  10-2  and  103-2 

Ferguson 
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6. 10. 6 DAMPER  SYSTEM  STUDIES 


Document  No. 

Date 

Title 

PIR  9750-033 

9/18/64 

Evaluation  of  Magnetic  Damper 
Clearance 

Sys.  Memo 
No.  009 

9/18/64 

Design  Criteria  for  CPD 

Sys.  Memo 
No.  Oil 

10/6/64 

Damping  Constant  for  CPD 

Sys.  Memo 
No.  013 

10/14/64 

"In-Orbit"  Damper  Boom  Tolerances 

pm  9461-165 

10/16/64 

Reasons  for  Limiting  Damper  Boom 
Rotation  to  + 45  Degrees 

Pm  4730-017 

11/30/64 

Effect  of  Spring  Constant  on  Damping 

Performance  of  MAGGE 


pm  4730-023 

12/18/64 

Variation  of  Damping  with  Boom 
Position 

Sys.  Memo 
No.  038 

4/13/65 

Eddy  Current  Damper  Design 
Parameters 

Pm  4174-020 

7/21/65 

ATS-A  Damper  Performance  with 
One  Damper  Rod  Extended 

Pm  4174-040 
Revision  A 

11/30/65 

Effect  of  Centrifugal  Force  Acting 
Upon  the  Damper  Rod  Tip  Masses 

pm  4T45-1 

6/8/66 

Response  of  Damper  Boom  with  Soft 
Stop  Removed  from  the  CPD 

Pm  41M1-126 

6/14/66 

Soft  Stops  on  CPD 

Pm  41M2-805 

6/16/66 

CPD  Soft  Stop 

Author(s) 

Burtoff 

Rosenberj 

Rosenberg 

Rosenberg 

Siegel 

Foulke, 

Moyer 

Foulke 

Mazur 

Siegel 

Siegel 

Freelin 

Foulke 

Buerger 
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6. 10. 7 HYSTERESIS  DAMPER  STUDIES 


Document  No. 
Pm  4174-009 

PIR  4174-010 

Tech.  Rpt. 

No.  65-8 
(ISO) 

Sys.  Memo 
No.  048 

PIR'  4174-021 

pm  4174-022 

Pm  4174-033 
Pm  41M1-380 

Pm  41M1-387 
pm  41M2-169 
Pm  41M9-017 
PIR  41M9-020 


Date 

3/25/65 

4/9/65 

4/20/65 


Title 

Estimate  of  the  Effect  of  Hysteresis 
Saturation  Torque  on  System 
Transient  Response  (Amplitude 
Decrement) 

Simplified  Math  Model  of  Hysteresis 
Damper  Characteristics  for  Preli- 
minary GAPS-III  Studies 

A Theory  of  Hysteresis  Damping  in 
Thin  Annular  Disks 


Kait 


Collins 


6/14/65 

8/16/65 

8/16/65 


System  Requirements  for  Hysteresis 
Damper 

Selection  of  Hysteresis  Damper 
Saturation  Torque  for  the  ATS-A 
and  ATS-D  Vehicles 

Improved  Performance  Hysteresis 
Damper 


Clayton 

Siegel 

Siegel 


10/28/65  Hysteresis  Curve  Fitting  Foulke 

2/9/67  Nominal  Hysteresis  Contour  for-  Foulke 

the  Varying  Torque  Hysteresis 
Damper 

2/16/67  Passive  Hysteresis  Damper  Null  Foulke 

Offset 

5/8/67  VTHD  Engineering  Unit  Test  Kitinoja 

Results 

7/6/67  Simulation  of  Variable  Torque  Foulke 

Hysteresis  Damper 

7/11/67  Results  of  the  Computer  Simulation  Foulke 

of  the  ATS-D  Variable  Torque 
Hysteresis  Damper 


6.11  SYSTEMS  INTEGRATION 

The  general  task  of  systems  integration  included  the  periodic  publication  of  system  require- 
ments and  analysis  task  summaries,  memos  related  to  general  interface  problems  with 
GSFC  and  HAC,  system  test  procedures  and  participation  in  interface  meetings,  design 

reviews  and  presentations  to  management.  This  activity  continued  through  delivery  of  the 
ATS-E  hardware. 
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Document  No. 

Date 

Title 

Author  (s) 

Sys.  Memo 
No,  001 

7/10/64 

ATS  Environmental  Specification 

Clayton 

Sys.  Memo 
No.  002 

7/13/64 

ATS  Program  Engineering  Personnel 

Mazur 

Sys.  Memo 
No.  004 

7/24/64 

Tentative  Agenda  for  HAC  Interface 
Meeting  on  7/29/64 

Clayton 

Sys.  Memo 
No.  005 

8/26/64 

Radiation  Environment 

Mazur 

Sys.  Memo 
No.  006 

9/9/64 

ATS  Coordinate  Systems 

Clayton 

Sys.  Memo 
No,  007 

9/10/64 

Thermal  Information 

Smith 

Sys.  Memo 
No.  008 

9/16/64 

NASA  Requirements  for  Component 
Qualification  and  Acceptance  Tests 

Smith 

Sys.  Memo 
No.  012 

10/14/64 

Test  Document  Responsibility 

Smith 

Sys.  Memo 
No,  014 

10/27/64 

Test  Dates  and  Responsibilities 

Smith 

Sys.  Memo 
No.  015 

10/30/64 

General  Electric  Component  Test 
Requirements  for  the  HAC  System 
Thermal  Test 

Smith 

Sys.  Memo 
No.  016 

11/2/64 

GGSS  (ATS)  Ordnance  Devices 

Serges 

Sys.  Memo 
No.  018 

11/17/64 

GE  Component  Test  Requirements 
for  the  HAC  System  Vibration  Test 

Smith 

Sys,  Memo 
No.  019 

11/30/64 

Acceleration  Test  Requirements  for 
SAGGE  Qualification 

Smith 

Sys.  Memo 
No.  020 

12/16/64 

Solar  Vacuum  Component  Evaluation 
Tests 

Smith 

Sys.  Memo 
No.  021 

1/4/65 

Component  Acceleration  Requirements 

Smith 

Sys.  Memo 
No.  022 

1/4/65 

Proposed  Plan  for  Parts  Power  Aging 
and  Assembled  Component  Testing  of 
TV  Camera 

Smith 

Sys.  Memo 
No.  023 

1/14/65 

NASA  Environmental  Qualification 
and  Acceptance  Test  Spec  (S2-0102, 
9-1-64) 

Smith 
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Document  No. 

Date 

Title 

Author  (s) 

Sys.  Memo 
No.  024 

1/14/65 

ATS  Program  Requirements  for 
Temperature  Sensors 

Smith 

Sys.  Memo 
No.  025 

1/19/65 

Revised  Boom  System  Parameters 

Matteo 

Sys.  Memo 
No.  026 

1/21/65 

System  Requirements  and  Analysis 
Task  Priorities 

Clayton 

Sys.  Memo 
No.  028 

1/28/65 

PCU  Design  for  150-foot  Booms 

Clemson 

Sys.  Memo 
No.  029 

1/28/65 

ATS  Integrated  Test  Program  Dates 

Smith 

Sys,  Memo 
No.  030 

2/11/65 

HAC  Test  Plans  for  Measuring 
Spacecraft  Magnetic  Dipole 

Smith 

Sys.  Memo 
No.  032 

2/23/65 

ATS  Temperature  Sensor 
Requirements 

Smith 

Sys.  Memo 
No.  033 

3/3/65 

Action  Item  No.  65-ATS  Program 
Meeting  (Re:  Squib  Requirements 
for  Damper  and  Damper  Boom 
Assembly) 

Mazur 

Sys.  Memo 
No.  034 

3/9/65 

Systems  Design  Review 

Clayton 

Sys.  Memo 
No.  035 

3/11/65 

Magnetic  Dipole  Acceptance  Test 
Requirements 

Smith 

Sys,  Memo 
No.  039 

4/1/65 

System  Requirements  and  Analysis 
Task  Summary 

Clayton 

Sys.  Memo 
No.  042 

4/29/65 

RF  Experiment  Information 

Smith 

Sys.  Memo 
No.  043 

5/5/65 

Weight  Bogies  for  ATS  Components 

Mazur 

Sys.  Memo 
No.  045 

5/7/65 

Revisions- to  S2-0102  ' 

Smith 

Sys.  Memo 
No.  049 

6/16/65 

ATS  Component  Location  and 
Nomenclature 

Clayton 

Sys,  Memo 
No,  051 

6/22/65 

CPD  Angle  Indicator  Design 
Review 

Mazur 

Sys.  Memo 
No,  054 

7/15/65 

Installation  and  Alignment  Procedure 
for  CPD  (Preliminary) 

Rosenberg 

Sys.  Memo 
No.  055 

7/16/65 

Waivers  to  Component  Qualification 
Spec  S2-0102 

Smith 
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Document  No. 


Author  (i 


Date  Title 


Sys.  Memo 
No.  059 

8/16/65 

Requirements  for  the  Dynamic  Models 
to  be  Used  in  the  HAG  System  Vibra- 
tion Test 

Smith 

Sys.  Memo 
No.  062 

10/4/65 

Gravity  Gradient  Components 
Interface  Information  - Alignment 
and  Handling 

Frey 

SVS-7312 

10/8/65 

ATS  Gravity  Gradient  System 
Requirements  Specification 

Clayton 

pm  4730-159 

10/15/65 

ATS  System  Evaluation  Requirements 
and  Test  Plan 

Smith 

^Sys.  Memo 
No.  064 

10/19/65 

Facility  Requirements  for  System 
Test 

Smith 

Sys.  Memo 
No.  065 

10/29/65 

Component  Magnetic  Dipole 
Requirements 

Smith 

Sys.  Memo 
No.  067 

11/23/65 

Revised  Component  Qualification 
Test  Cycles 

Smith 

Sys.  Memo 
No..  071 

1/17/66 

ATS  Component  Qualification 
Standing  Instructions  Review 

Smith 

Sys.  Memo 
No.  072 

1/18/66 

Boom  System  Acceptance  Testing 
Sequence 

Smith 

Sys.  Memo 
No.  076 

2/21/66 

Humidity  Testing  of  SAS 

Mazur 

Sys.  Memo 
No.  077 

3/2/66 

System  Requirements  and  Analysis 
Task  Summary 

Clayton 

Sys.  Memo 
No.  079 

3/28/66 

Variation  of  Solar  Absorptivity  with 
Solar  Incidence  Angle  for  Silver- 
Plated,  BeCu  Boom  Samples 

Clayton 

Sys.  Memo 
No.  080 

4/4/66 

ITPB  Meeting  on  Damper  Boom 
Qualification  Test  Procedure 
DHC-SP-ST  11017,  Issue  B 

Smith 

Sys.  Memo 
No.  083 

4/13/66 

GE  System  Requirements  for  HAC 
System  Tests 

Clayton 

65SD4499-B 
Revision  B 
Parts  I and  II 

4/18/66 

GE  Gravity  Gradient  System  Prototype 
Field  Test  Plan 

Smith, 
et  al 

Sys.  Memo 
No.  085 

4/27/66 

Qualification  of  CPD  on  the  Damper 
Boom 

Smith 
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Document  No. 

Date 

Title 

Author(s) 

SVS-7312, 
Revision  A 

4/29/66 

ATS  Gravity  Gradient  System 
Requirements  Specification 

Cla3rton 

Sys.  Memo 
No.  087 

5/9/66 

Special  Safety  Requirements 
for  ATS  Damper  Boom 

Englund 

Sys.  Memo 
No.  088 

5/11/66 

GE/HAC  Interface  Meeting,  10-11 
May  1966 

Smith 

Sys.  Memo 
No.  090 

6/6/66 

Qualification  Testing  of  the  CPD 
and  Damper  Boom 

Smith 

Sys.  Memo 

7/20/66 

Damper  Boom  Qualification  Status 

Smith 

No.  096 

66SD4222 

8/1/66 

Installation  and  Alignment 
Instructions 

Frey 

Sys.  Memo 

9/1/66 

Revisions  to  Component  Si's 

Smith 

No.  097 

66SD2032 

9/1/66 

ATS  Gravity  Gradient  Stabilization 
System  (Lectures  presented  NASA/ 
GSFC  on  1-2  September,  1966) 

Clayton, 

Foulke, 

Mazur, 

Kraus, 

Horn 

66SD4495 

1/23/67 

Design  and  Test  Audit 

(Various) 

Sys.  Memo 
No.  113 
{1st) 

3/15/67 

Telecons  with  G.  Banks  and 
E.  Metzger  on  14  March  1967 
(Re:  Momentum  Vector  in  ATS-A 
Met  Package) 

Clayton 

Sys.  Memo 
No.  113 

3/21/67 

Telecons  with  G.  Banks,  3/20/67, 
and  J.  Lotta  (HAC),  3/17/67 
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APPENDIX  B 

LINEAEIZED  DYNAMIC  EQUATIONS  OF  A 
TWO-BODY  COUPLED  SYSTEM 


APPENDIX  B 

LINEARIZED  DYNAMIC  EQUATIONS  OF  A TWO-BODY  COUPLED  SYSTEM 


SUMMARY 

The  dynamic  equations  of  motion  are  derived  for  a two-body  coupled  system  in  orbit, 
influenced  only  by  the  gravity  gradient,  in  which  the  secondary  body  has  one  degree  of 
freedom  with  respect  to  the  primary  body,  which  has  three  degrees  of  attitude  freedom. 
These  equations  are  then  linearized  first  with  respect  to  any  arbitrary  initial  conditions, 
and  then  with  respect  to  particular  simplifying  initial  conditions.  The  resulting  four  equa- 
tions lead  to  an  eighth-degree  polynomial  in  the  differentiation  operator  D,  whose  roots  are 
accessible. 
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In.  the  fashion  and  notation  of  reference  , the  following  coordinate  frames  and  trans- 
formations are  employed; 


relates  the  local  frame  (r  p q)  with  the  inertial  frame  (u  v w),  where  (r  p q)  is  fixed  in  the 
orbit  plane  and  rotates  with  the  satellite,  r being  a \mit  vector  in  the  direction  of  the  radius 
vector  from  the  earth  to  the  center  of  mass  of  the  satellite,  p being  a unit  vector  in  the 
orbit. plane  X r and  positive  in  the  direction  of  the  velocity  vector  of  the  satellite,  and  q 
being  a unit' vector  in  the  direction  of  the  pole  of  the  orbit.  The  Euler  angles  are:  ;.the 

right  ascension  of  the  ascending  node,  measured  from  u about  w;  V,  the  orbital  inclination; 

V,  the  orbital  angular  position,  measured  from  the  ascending  node,  (r  p q)  is  dextral  in  the 
named  order.  The  notation  c^  denotes  cos  rj  and  s^  denotes  sin  . Eq.  (1)  will  be  abbreviated:  ' 
(r)  = (u),  where  the  orthogonal  matrix  [aJ  denotes  the  product  of  the  three  square 

matrices. 


1.  Hinrichs,  K. , "Attitude  Dynamics  of  a Two-Body  Coupled  System,"  TIS  #62SD821,  G.  E. 
Co, , MSB,  Valley  Forge,  Pa.,  December,  1962. 


R_9: 


relates  the  main  body  axes  (x^  z^)  with  the  local  axes  (r  p q)  via  the  three  Euler  angles : 

®p>  ^ rotation  of  the  axes  about  the  q-axis;  0^,  a rotation  of  the  x^-,  z^-  axes  about 

the  intermediate  y^-  axis;  6y  a rotation  of  the  y^-,  z^-axes  about  the  final  x^^-  axis,  (x^  y^  z^) 

is  dextral  in  the  named  order.  The  notation  c denotes  cos  0 ; S denotes  sin  6 : c denotes 

y y r r p 


cos  0 . 
P 


If  0 , 0 and  0 are  ’small,  ’ they  may  be  con- 
p r y 


sidered  as  pitch,  roll  and  yaw  deviations  of  the  main  body,  respectively.  Eq.  (2)  will  be 
abbreviated;  (x^)  = j^E^  (r),  where  the  orthogonal  matrix  [^eJ  denotes  the  product  of  the 
three  square  matrices. 


1 

X 

"''0  -®e' 
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o 

1 

^2 

= 

0 10 

0 

0 0 

"2 

0 

0 0 

(3) 


relates  the  secondary  body  axes  (x  y z ) with  the  main  body  axes  (x  y z ) via:  0,  a ro- 

^ Z X 1 1 

tation  of  the  y - z - axes  about  the  x - axis;  0,  a rotation  of  the  x -,  z - axes  about  the 
z Z X 2 2 

final  y^-  axis,  (x^  y^  z^)  is  dextral  in  the  named  order.  Cg  and  s^  denote  cos  0 and  sin  0 respec- 
tively 

Eq.  (3)  will  be  abbreviated:  (x^)  = jrj  (x^),  where  the  orthogonal 


If  0=  0=  0, 


z 

Ml  "'J  L 

denotes  the  product  of  the  two  square  matrices. 


The  main  and  secondary  bodies  of  this  analysis  are  joined  so  that  0 is  fixed,  and  the 

X - and  x - axes  are  connected  by  a spring  and  damper  so  that  the  torque  transmitted  from 
X z * 

the  secondary  body  to  the  main  body  in  the  direction  of  the  y - axis,  denoted  Q , is  b 0 + k 0. 

2 y~ 


These  transformations  are  depicted  in  Figs.  1-4. 
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Euler^s  dynamical  equations  of  motion  for  the  main  body  are: 


(T^  + Q^)  = 

M H 

T + Q ' 

1 

XX^ 

0 0 

where  (T^  + Q^)  = 

T + Q 
/l' 

‘W- 

0 

I 0 

yy^ 

* 

T + Q 

0 

. 

0 I 

, where  it  has  been  assumed 


that  the  main  body  axes  are  principal  axes,  so  all  products  of  inertia  vanish;  (Ct)^)  = 


60 


x^ 
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[w  J 
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60 
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• 40  ■ 
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^60 

; (Qi>  = 

-40 

u 

60 

0 

are  the  components  of  the  transmitted  torque  Q 


from  the  secondary  body  to  the  main  body,  resolved  along  the  main  body  axes ; (T  ) = 

1' 


are  the  components  resolved  along  the  main  body  axes  of  the  torque  on  the  main  body  due  to  the 
gravity  gradient. 

Expanding  eq.  (4)  yields 


(4) 
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Linearizing  eq.  (5), 


I Aoi 

xxi  x^ 


+£Q  I (I  -I  )(to  ^io  ^iO) 

^ y^l  ‘^1 

“ ‘yyi  “^1  " * 1 : 

AT  + AQ  I Aco  (I  -I  ) (w  Aco  +w  Aco  ) 

\ \ \ yy^  xx^  x^  y^  y^  x^^ 


L ^ ^ij  "ij  1^1  ^1  ^1 

where  the  hat  over  a variable  signifies  its  initial  or  nominal  value. 


Euler's  dynamical  equations  of  motion  for  the  secondary  body  are: 


<•'■2  - ^2)  - ['2]  <"2>  " ['"2]  ['2] 


<“2>- 


where  (Q^)  = Q are  the  components  of  Q resolved  along  the  secondary  body  axes ; 

\ 


I 0 0 

= 0 0 j where  it  has  been  assumed  that  the  secondary  body  axes  are  prin- 


0 0 1 


cipal  axes;  (T  ) = T are  the  components  resolved  along  the  secondary  body  axes  of  the 


torque  on  the  secondary  body  due  to  the  gravity  gradient;  W j and  (to  ) are  similar  to 

A I 2 

and  (to^),  with  appropriate  subscripts. 


Assuming  that  I =0  and  I = I , since  the  secondary  body  is  a rod,  eq.  (6' 


5^2  ^^2 


may  be  expanded  to  yield: 
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Linearizing  eq.  (7), 
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The  gravity  gradient  torques  (T^^)  on  the  main  body  are  adapted  from  reference  , 


p.  7-1,  by  setting  the  products  of  inertia  to  zero,  and  replacing  *—  with  to  ^ , the  square  of 


R 


the  mean  angular  velocity  of  the  satellite  mass  center  (orbital  velocity) : 
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/ft) 


where  the  e.^  are  the  direction  cosines  of  the  local  vertical  unit  vector  r with  respect  to  the 
main  body  axes,  and  are  elements  of  the  matrix  , 
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Linearizing  eq.  (8), 
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At  = 3co^  {I  -I  ) 

y^  0 ' XX, 
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where  brace  sub-zero  denotes  evaluation  at  initial  value  (same  as  hat  notation). 

r A A A 

Note  that  if<0  = 0=  0 >=6  =0  =0  =0,  these  reduce  to:  AT  = 0,  AT 
' P r yf^  p r y 


'0 

2 2 
“ (I  ) A0  , which  agrees  with  Roberson's 

*'  r z,  0 vv  XX  p 

1 •^•^1  1 ^ 


0 XX  zz. 
1 1 


equation  (our  pitch  axis  is  directed  opposite  to  Roberson's). 


The  gravity  gradient  torques  on  the  secondary  body  (T^)  are  obtained  analogously. 
Since  (x^)  = [r](x^)  and  (x^);,=  [e]'  (];)-,•  then  ^ [ ^]  I 
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where  it  is  assumed  that  I - 0 and  I = I , and  where  hj  are  elements  of  the  prodvu3t 

2 ^2 

[rj  [e]  . Thus 
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T 
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= 3«^  I 
0 yyj 
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"2 

where  F = s^  e„,  - c^e^ 

0 21  0 31 


and  e = c„s  s - s c ; e„;,  = s s +-c  s c 
21  pry  py  31  py  pry 


Linearizing  eq.  (10), 
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0 y 0 y 0+y 
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The  components  of  Q along  the  (x  y z ) - axes  are 

^ 

' Q Q 

^2  -^2 

(Q)  = Q = b6  + kO  , where  0=0-  0 where  0 represents  that  value  of  0 for  (11) 
^2  0 0 

Q Q 

. 2J  L ^2 

which  no  tension  or  compression  exists  in  the  spring,  due  to  0 alone.  Linearizing, 


= b^0  + kii0 
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Since  (x^)  = [r]  (x^),  (x^)  = [rj  ^ (x^)  = [rj"*'  (Xg),  since  [f]  is  orthogonal.  Thus 


Q may  be  resolved  along  the  x^  axes. 
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Linearizing, 
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The  angular  velocity  vector  of  the  main  body  (to^)  consists  pf  the  sum  of  several 

infinitesimal  rotations,  each  in  some  specified  direction.  One  contribution  to  (W^)  is  from 

0 + T, , which  is  in  the  direction  of  the  q -axis,  and  which  can  be  transformed  into  body  axis 
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components  via  matrix  : since  (x^)  = jej  (r). 


The  next  contribution  to  (W^)  is  due  to  0^,  which  is  in  the  direction  of  the  intermediate  y^  - 
axis,  and  which  can  be  transformed  into  body  axis  components  via  matrix  jcj  : since  (x^)  = 


[c]  (r'). 
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Since  the  final  contribution  to  w (from  0 ) is  already  in  the  x,  - direction, 

1 V 1 


0 . Adding  like  contributions, 


-s  (0  +m  + 6 
r ' p ' y 

CS  (0  4-TJ)+o0 
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C C (0  + T,)  - s 6 
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Linearizing,  under  the  assumption  that  7]  is  constant, 
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Differentiating  eq.  (13), 
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+ ^6  <c  c (9  + T])+  (-C  s 9 - s c 9 ) (9  +T})  - s 9 - e 9 9 
yjry'p  " ' ryy  ryr'p  yr  y^^^O 


(id)  =A6<cc  \ +A9  <-cs9-cs9 


if 


h ^ ^ ^ ^Jo  Pl^yrr  ryyjjj 


i) 


(14Lz) 


+A9  /-s  > + A0  <-c  s (9  +?7)  - c 0 > + A0  i -s  c (0  +f})  +j[-c  c 0 +s  s 6 )(9  +77)  > 
r ^0  r y r'  p /;  .y  r r y' p ' \ y r r r y y^'p 

+A9  l~G  s (0  +7?)-  c 0 > + A0  < -c  s (0  +7})+  (s  s 9 ~c  c'  9 )(9  +7j)  - c 9 +s‘  9 9 > 
y^ry'p  yrj^  y]^  ry'p  'ryr  r y y”  p yr  yr  yf  ^ 


The  vector  rotation  to.  of  the  {x,  y . z.)  frame  with  respect  to  iiierLiai  space  nas  uie 

omponents  (to  , to  , to  ) in  the  (x.  y.  z.)  frame,  i = l,2. 

X.  y.  z.'  ' I'^i  r ’ ’ 

11  1 


(x  ) may  be  derived  in  two  ways.  Firstly, 


^^2 

“2  ^ V 

^2  “^2  ' ^2  “y2 

'^2‘ 

^2 

= 

^2  “^2  - =‘2  "^2 

, and  then  using  eq.  (3): 

^2 

"2 

“2  ^ ^2 

==2  % -.^2  "X2 

"2 

y express  (x  y z ) in  terms  of  (x  y z ),  yielding: 

^ di  ^ ill 


(15) 
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S~l  c + W CaS.)  + Z.{W  S .-  CO  CflCj 

2 I I 1 y„  e 1 0 y„  e 0 1 Z„  0 y„  0 0' 


y^,  = X (CO  Sq- w c„)  + y (-CO  e-s.-CO  SqS^)  + z (co  c„c  .+ CO  SqO^) 

^ 2.  Xg  W ^2  ^ ^ ^2  ^ ^ ^2  ° ^ 1 Xg  0 0 Zg  0 0' 

^/*)  ■*■  2;  (-C0  SqC.- CO  sj 

2 I 1 y^  9 1 0 0 Xg  0'  1'  y^  e 0 x^  0^ 


-CO,  X X, 
1 1 


Secondly,  differentiate  eq.  (3)  and  use  y^  = co^  X y^  and  0 =0  to  obtain: 


-“i  “i- 


- “y  =8  V ® =8>  “8+  "x  V®*  ® °e"®> 


+ Z.  {-CO  ■ Cq+  CO  SqS. -6c„c.) 

1 yi  0 Xj^  0 0 0 0' 


^ “y^  “8  V ® °e>  + yi<"z^®e-\“0‘=0*  ®"e=®> 


+ ^l<-"y/e-  "x  ”0=0-®  W 
•'1  1 


Equating  like  coefficients  from  eqs.  (16)  and  (17),  nine  equations  result,  only  three 
of  which  are  independent,  yielding: 

6 = CO  - CO  s,-  CO  c^ 

y2  z,  0 y,  0 


~ SflC  + CO  Co+  CO 

2 ® 0 0 y^^  0 0 


CO  = CO  CflC^+ CO  Sq- CO  e,^s, 
^2  ® 0 ® ^1  ® ^ 
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Since  only  one  degree  of  freedom  exists  for  the  secondaiy  body,  it  is  to  be  expected 

that  two  of  the  three  secondary  body  angular  rates  woiild  be  dependent;  CO  and  co  are  ' 

^2  ‘ - \ 

taken  to  be  the  dependent  rates,  while  W • is  independent. 


From  eq.  (18),  solving  for  O)  , 

^2 


to  = 6 + CO  c^+  to  s.. 

5-2  « “l  « 


(21) 


Linearizing  eqs.  (19),  (20)  and  (21), 

^to  = to  + ^-s  . Ato  - iito  + ^6 

Xg  0 .9  0 y^  0 0 . 


A 

-to 


^to  = ^0  + c .<6  to  + s ^ Ato 
Differentiating  eqs.  (19),  (20)  and  (21), 


to  = CrttO  + S-S  . to  - SrtC  to  + 0 
^2  6 . 0 0 y^  9 0 


to  =0  + c^to  +s^to 

yg  - .0  0 


CO  = SJO  -C„S.tO  +CaC.tb  +0 
Zg  eix^  0 0 y^  0 0 z^ 


A ^ A A A A A A 1 
y^‘"0®0“ 

(19L) 

(5  LL-&  ^A1 

y^  0 0 0 0J. 

(20L) 

(21L) 

s.=-to  CrtC.I 
0 2^  0 0j 

(22) 

(23) 

iS.-tO  SqC. 

* 0 Z 0 0 

(24) 

Linearizing  eqs.  (23)  and  (24), 


A to  = ^9  ^ ^^^CO  +^^^co 

« yj  «>  \ 


(23L) 
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The  following  simplifying  assumptions  will  now  be  made,  providing  the  initial  or 
nominal  configuration  about  which  the  linearization  occurs: 


e = 0 = 0 

P r 


i'  t'  t' 

0 = 0 =e  =0  = 0=  0 

pry 


A 

T?  = CO 


0 


A A A A A 

e =T)=  e = 0 =0=0 

P r y 


Under  these  assumptions,  the  following  reductions  occur; 


At 


X. 


At 


At 


At 


At 


AT 


= 3iO. 


0 


(I 


U 

) S'  Ae  + ^ 40 ) 

'3^  y p y r 

- I ) (-^  40  + ^ 4 0 ) 
yy^  xx^  y p y r' 


(I 


XX^  zz 


= 3co  ^ I 

•0  yy 


3co  ^ I 

0 yy. 


[40+  c + ^ S ) 40  + (c  ^ - s^  ) 40  ~| 

L ^ y ^ y p <^y  ^y 


(^l-e 


k 


5 40 


^ol^A0  +B  40 
P 


where  ^ = (s  .§  - ^ . c ) 

0 y 0'  y 

B = (^.s  + ^ ^ ) 

' 0 y 0 y 


(8L)» 


(lOL)t 
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-to^  A 6 + A 6 
Or  y 

^ A0  A0  +CO  C A6 

y P y r 0 y y 

c A0  -s  A0  -oj^s  A6 
y p y r 0 y y 


-co„  A e + A 0 
Or  y 

^ A0  +c  A0  + c A0 
y P y r 0 y y 

5 a'©  -s  A0  - u'  s A0 
y P y r 0 y y 


A ^ A A . 

Sfl  (s  . s - c . c ) 
o 0 y 0 y 

= CO  (c  . s + s . c ) 

0 ' 0 y 0 y' 

A ,A  A A A , 

-Cn  (s^s  - d .c  ) 
0 0 y 0 y' 


SgA 


A A 
-CgA 


Acb  — s .A CO  Ato  + Crt5  A cb  +A0  ^nC 


6 .00 


e 9 (5  Zj 


A A * ^ ^ 

= S0Aco^  -V. 


Aa*  a a • f A ^ 1 


From  eqs.  (7x)  and  (lOx),  Q = T = 0,  . ’ . 

^2  ^2 
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= 0 


(7x)' 


From  eq.  (?z),  Q =T  -I  (co  +0)  Ui  ). 

Z„  Z w z X V ' 
-.2  2 . ^^2  2 2 ^2 

But  from  eq,  (lOz), 


T =0  and  from  eqs.  (24)  and  (14)’, 

^2 

A 

O)  =0.  Finally,  using  eqs.  (19)'  and  (21)', 
2 


^ = -I  io  ^ § 

Zg  yyg  0 e 


AB 


(lOz)' 

(24)' 

(7z)' 


From  eqs.  (7 Lx)  and  (lOL); 


AQ  =0 


(7Lx)’ 


From  eq.  (7Lz),  AQ  =AT  -I  (Aw  +w  AtO  + CO  AtO  , ),  or, 

^2  ^2  yy2  ^2  ^2  ^2  ^2'  ^2 


(7Lz)' 
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= Ad  D 
p 


+ d[-2Wq  m 


+ p f^eOeB)-.  dL  ^ kco/ 


4|Ud 


+ isejo  |^2W|J S|  iJ+i^-2Uu^^g  j 


P . Bf2.„ 


" ppe%^j  * “[-“o  ij 


+ '‘Tr“oVa^0^-"r^l  * 


2 A M ,A  2 A2  , ^°'0 

~^0  ^^0.  " °$  ^‘*‘ I 

yyg 


= A9 


p[^l  ^0^  ^ p“o  ^1 V) 


Pp/  . .j} . p;  $/  ] 

* ^ ®y  p®e*a^^  * ^e  ^e^0 ] 

“ p“o  ^S«a«0^  ^ ^]  ^ k%^  - ^|)  - . 


L yyg 


where  D is  the  Differentiation  operator. 
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Denote  (-60  , 66  , ^ 6 , 66)  by  (x  , x , x , x ) respectively;  divide  by  I 

P ^ y 1 2 o 4 yy. 


stitution  in  eqs.  (5L)  and  (7L3?^)  yields  the  four  eqs.  : 
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Xi  |o 


I 


/I  -I 


2 c c 2 I 

■ i V ^ ° {■®2e^0'^[  ■*■  Y^B  ^0^  “ I i 


yy<- 


yy. 


|]] 


+X^ 


^ yyo 


V ^ {®9  }^  f ‘'e 


I -I 

yy-^  XX3 


^ yyr 


+x. 


I - 1 +i 
xxi  yy^  zz 


yy. 


+x 


j[d2{o}+d 


bs 


'0 


yyj  0 


■>f 


2 2 ^®0 

"0<^e  2 

I 

yyg  0 


-}}• 


1 1'  0"  0/]"f  <=!-/)  ®}_ 

|d^  {a}  + D 


-hX 


+X^ 


p (0) 
[“ 


®26^®  r 


+ D{2s/Ay 


+x.  |D^  ^-1  0 D : — \ + \{Sq-  Cg)  {aK  3)  --  ^ 


I 

yyg  0 


I co^ 

yyg  0 


= 0 


2 • 2 

Let  d.,  = a.,  D +b„  D + c..,  where  a.,  denotes  the  coefficient  of  D in  eq.  i, 

ij  iJ  ■ ij  ij  xj 


variable  x..  Then  a non -trivial  solution  exists  iff  the  determinant 

J 


13 


= 0,  which  con- 


dition yields  an  eighth  degree  polynomial  equation  inp^tji©  characteristic  equation  which 


was  sought. 


))] 

(5Lz>i<3) 


(7Ly)i<4) 
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APPENDIX  E 

''EXCESS"  KINETIC  ENERGY  OF 
A RIGID  BODY 


The  “eacess"  kinetic  energy  of  a rigid  body  satellite  1&  defined  as  the  total  kinetic 
energy  minus  that,  due  to  the  orbital  motion.  It  Is  assumed  that  the  geocenter  is  fired 
in  inertial  space.  The  analysis  is  first  performed  for  a rigid  body  satellite  In 
general,  and  then  the  results  are  expressed  in  ATS  nomenclature.  The  ATS  satellite  is 
assumed  to  consist  of  two  rigid  bodies,  connected  by  a single**arl8  glmbal.  She  energy 
of  the  system  is  the  sum  of  the  energies  of  the  parts.  The  energy  of  interest' only 
in  the  early  part  of  the  orbit,  when  the  rods  are  not  undergoing  extension,  retraction, 
or  scissoring.  It  is  assumed  that  the  time  rates  of  change  of  rod  thermal  bending  are 
so  small  as  to  have  negligible  effect  on  the  kinetic  energy.  Therefore,  the  assun^tion 
of  rigid  bodies  is  valid  for  the  time  of  interest. 

The  vector  relations  for  a general  mass  element  of  a body  are  shown  in.  Figure  1..-  The 
vector  from  the  geocenter  to  the  general  mass  element,  dm^.  Is  conveniently  expressed 
as  the  sum, 

\l  “ ^c  ■**  (1) 

where 

% = K . (2) 


E-1 


and 


+ iti  + ZZi  . . (3) 

^ , f 

Here  X,  Y,  and  Z are  any  orthonormal  triad  fixed  in  the  body.  For  any  particular 
mass  element.  R^  is  fixed  in  length,  and  its  time  derivative  is  due  only  to  Its 
rotation.  The  angular  velocity  of  the  satellite,  relative  to  an  inertial  £sme»  i 

(*) 

8 8X  6y  8Z 

. Then 

Ri  “ OJg  X - Ri  X COgc  (5) 


In  matrix  form. 
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and 


0 


ml 


(8) 


The  coluam  vector  on  the  left  aide  of  equation  (6)  conaists  of  the  components  of 
the  time  derivative,  and  are  not  the  time  derivatives  of  the  components,  Xi» 
Y£,  Z£,  which  are  zero. 

rotates  and  also  changes  in  magnitude,  if  the  orbit  is  elliptical,  and  so  its 
time  derivative  is 


Rc  * R R^  + Rc 


(9) 


where  CO  ^ is  the  angular  rate  of  the  unit  vector  R,  and  is  given  by  equation 
R 

(5.3-25)  of  Reference  A.  In  matrix  form. 


-] 

r 1 

- ■ 

^cR 

1 

m-  ** 

1 

^cp 

w R 
C 

0 

+ Rc 

RC 

0 

^cQ 

0 

0 

- 

i 

. j 

J 

(10) 


where 

the  left  meaber  of 
the  local  vertical 


defined  by  an  equation  similar  to  equation  (7).  The  ele 

equatlon  (10)  are  the  components  of  the  time  derivative,  R(.t  ^ 
reference  frame  R P Q.  This  frame  is  described  in  Reference  A. 
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The  kinetic  energy  of  the  general  mass  element  is 


*.j 


(XI) 


V 


% + H 

R i + R ZJ?,  X “r  + 5?  X (X  Xj  + X Yl  + Z 2i) 

C C R S a.  * 


(12) 


- — ® 2 2 ^2  I " Mi*  M ^ 2 

Rgi  » R^.  + Rc  ( X R)  +j^  g X (X  Xj  + Y Yi  + Z Z^)j 


RcR  • [ 


+ 2R^R»|Rg60j^XR+  COg  X (X  Xi  + Y Yj  + Z Zj) 


■1 


r> 


+ 2 Rj,  < 60  £ X R)  ° 1^60  g X (X  X^  + Y 


Y + z 


<13) 


This  is  integrated  over  the  mass  of  the  body,  and  aimplified.  The  total  mass 
Ifl'M,  Then 


2 B 


[ 


#2  2 

»M|Rc  +Rc(COj^X 


X (X  X 


I + f Yjt  + ZZlj 


dm> 


(14) 
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K-ce  that  JX^doSj^  « 0,  etc.., 
and  that 

* ' X R « 0. 

The  first  term  on  the  right  side  of  equation  <14)  is  (twice)  the  kinetic  energy  due  to 
translational  motion  along  the  orbital  path,  and  is  dropped.  Tfae  remainder,  consisting 
of  the  Integral  in  equation  (14)  is  (twice)  the  total  rotational  kinetic  energy,  and  is 
designated  2 The  integrand  is,  Imnatrix  form, 

■ (w  Mj  W [".J 

■ [“J'N'  W [“.] 

• - ["/  [■..]’ 

(17) 

because 

[^c  J “ ’ • (18) 


(15) 


(16) 
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The  Integral > 


J-  . [x]^ 


(19) 


the  familiar  Inertia  matrix  (In  which  the  negativea  of  the  products  of  inertia  app< 
as  the  off-diagonal  element^  Then 


<20) 


In  vector  form, 


(21) 


where is  the  angular  momentum  of  the  satellite  minus  that  due  to-trmislation  in 
orbit.  When  the  matrix  or  vector  operations  are  performed,  the  result  is 


% “ *2  ^XR  ^ sx  + ^ lyy  ^ sy  ^zz  ^ sz 


2 . 1 


I OJ  60„  - I iO  CO^ 
xy  8X  ay  xz  sx  ^ sz 


V ^sy  ^sz 


(22) 


The  angular  velocity  of  the  main  body  of  the  ATS  satellite  is 


“ ^1  ^xl-^^1  ^yl-^1  ^=^1  . 


(23) 
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where  the  Yj  orthonomal  triad  Is  fixed  in  the  body  and  oriented  as  described  in 

« 

Reference  A«  It  is  desired  to  express  Ej^  in  terms  of  the  orbital  angular  rate*  * and 
the  Euler  angle  rates  0p,  @^9  and  Syo  The  Euler  angles  relate  the  body  frame  to  the 

local  vertical  frame.  The  absolute  angular  velocity  components  are  related  to'  the 
orbital  angular  rate  and  the  Euler  angle  rates  by  e<iuations  (5.3-33)  through  (3i3-35) 
of  Reference  A.  The  relations  are  given  in  terms  of  the  sines  and  cosines  of  the  Euler 
angles,  but  for  this  analysis,  it  is  more  convenient  to  use  the  elsnents  of  the  |ejJ 
matrix,  which  relates  the  body  frame  to  the  local  vertical  frame. 


E ( T 
113 


‘^*1  " ®133  ( T + %) 


(26) 


rhese  relations  are  substituted  into  equation  (22),  and  the  result  is  sorted  by 
powers  of  ^ . 
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The  BuXer* angle  rates  appearing  in  this  equation  are  given  by  equations  (5.3-36) 
through  (5o3-38)  of  Reference  A,  in  terms  of  the  sines  and  cosines  of  the  Suler 
angles,  bat  for  this  analysis,  they  are  more  conveniently  expressed  in  terms  of  the 
matrix  elaoents. 
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Figure  1.  Vector  Relations 
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The  equation  for  the  secondary  boom  is  the  samej  except  that  the  moments  of  inertia 
and  the  angular  rates  of  the  secondary  hocwj  are  used,  and  the  [^^3^  matrix  elements 
are  used  In  place  of  the  ||EjJ  matrix  eX«nents« 

Reference  A.  "Abridged  Attitude  Equations  for  the  Applications  Technology  Satellite" 
GS  Spacecraft  Dept*  Doc*  Ho*  66SD4214*  15  July  1966 
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ATS-E  SPIN  ANALYSIS 
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TV  CAMERA  DATA  PROCESSING  TECHNIQUES  AND  PROCEDURES 

K.  1 Introduction 

K,  2 TV  Data  Film  Flow 

K.  3 TVCS  Coordinate  System 

K.  4 Manual  Digitizing  Criteria  and  Film  Sett?) 

K.  5 Digitizing  Criteria  for  Boom'  Disk 

K,  6 Digitizing  Criteria  for  Earth  Data 

K.  7 Header  Information  Required  for  TV  Processing 

K.  8 TV  Data  Digitizing  Procedures 

K.  9 Digitizing  Criteria  with  Absence  of  Data 

K.  10  Boom  Disk  Location  Determination  by  Reticle  Calibration  (Computer 
Software  Requirements) 


K.  1 INTRODUCTION 

TV  data  reduction  in  the  ATS  program  entails  the  digitization  of  boom  and  earth  data 
measured  from  35mm  photographs  of  a TV  monitor  and  conversion  of  data  into  a format  for 
data  evaluation. 


The  TV  camera  is  a subsystem  of  the  ATS  gravity  stabilized  spacecraft  and  is  utilized  for 
the  following  functions; 


a.  To  monitor  the  location  of  the  gravity  gradient  scissor  or  X-boom  disks  within  the 
camera  field  of  view  for  the  purpose  of  determining  boom  bending 

b.  To  monitor  the  location  of  the  earth  within  the  downward-facing  camera  for  the 
purpose  of  determining  spacecraft  attitude 


K.2  TV  DATA  FILM  FLOW 

The  ATS  tracking  stations  are  equipped  with  TV  monitors  to  display  the  TV  signal  received 
from  the  orbiting  spacecraft.  Periodically,  at  the  stations,  the  TV  monitor  is  photographed 
by  a 35mm  camera  positioned  at  a prescribed  distance  from  the  TV  screen.  Located  in  the 
immediate  area  is  a decimal  display  of  the  ATS  system  time  code  in  which  the  time  code  is 
photographed  along  with  the  monitor. 

The  35mm  processed  film  is  transported  by  NASA  to  GE-VFSTC  in  rolls  up  to  400  feet  in 
length.  At  GE,  each  film  roll  is  scrutinized  on  a film  display  to  determine  data  quality  for 
boom  and  earth  data.  Each  frame  to  be  digitized  for  either  piece  of  data  is  marked  by  the 
film  evaluator.  Each  appropriately  marked  frame  in  the  roll  is  then  displayed  on  the  Gerber 
Film  Scanner  located  in  the  Data  Reduction  Laboratory  at  GE-VFSTC.  The  frame  is 
digitally  read  with  the  digital  data  punched  onto  hollerith  cards  along  with  appropriate 
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identi0ca.tion  information.  The  film  roll  is  retained  in  a library  in  the  laboratory  area. 

Selected  fields  on  the  hollerith  cards  are  printed  for  data  verification  and  for  a "first  look" 
analysis  by  the  data  evaluator. 

The  digitized  boom  data  is  processed  through  a boom  deflection  computer  program  which 
converts  the  digital  readings  into  the  in-plane  and  cross-plane  deflections  of  each  boom. 
These  data  are  then  plotted  for  evaluation  purposes. 

The  digitized  earth  location  data  is  processed  through  a conversion  computer  program  to 
translate  digital  counts  into  degrees.  The  earth  location  data  in  degrees  is  listed  for 
analysis  and  punched  onto  cards  for  input  to  the  Data  Analysis  Module  (DAM)  for 
determination  of  spacecraft  attitude.  This  is  the  Attitude  Determination  Processor  (Pass 
2)  of  the  ATSDPS. 

K.  3 TVCS  COORDINATE  SYSTEM 

In  the  first  gravity  gradient  stabilized- spacecraft,  ATS-A,  there  are  two  TV  cameras  mounted 
on  opposite  sides  of  the  vehicle  (as  shown  in  Figure  K-1)  to  monitor  both  extensions  of  the 
primary  booms  (Vehicles  ATS-D  and  E each  have  only  one  camera). 


Because  of  mounting  restrictions,  the  vidicon  scanning  directions  are  not  to  be  coincident 
with  the  Y and  Z axes,  and  are  mounted  in  the  X plane  for  ATS-A  as  shown  in  Fig- 
ures K-2  and  K-3  for  the  earthward  (-X^)  and  upward  (+X^)  scanning  cameras. 

These  figures  should  be  viewed  as  if  lookii^  out  through  the  camera  system.  Adjacent  to 
the  face  of  the  vidicon  tube  is  the  reticle  rectangle  which  forms  the  perimeter  of  each 
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UPWARD  FACING  TV  CAMERA  (NO.  2) 


DOWNWARD  FACING  TV  CAMERA  (NO.  1) 


double  scissor  angle  (22  to  62  ) 


CAMERA  FIELD  OF  VIEW  (FOV)  64°  x 48° 


X-BOOMS 

BOOM  TIP  TARGETS  (9-INCH  DIAMETER  DISK) 


Figure  K-1.  ATS-A  TV  Camera  View  Orientations 
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picture  transmitted.  The  coordinates  defining  the  reticle  are  shown  in  Figures  G-2  and 
K-3  with  the  subscript  T.  These  figures  then  show  that  the  axes  in  both  cases  are 
"into''  the  paper,  i.e. , the  axis  is  positioned  out  from  the  spacecraft  for  both  cameras. 

Between  the  face  of  the  vidicon  and  the  exterior  quartz  window,  there  is  an  eight-piece 
lens  system  which  inverts  the  image  seen  by  the  vidicon.  (In  transmission  and  processing, 
this  signal  is  inverted  again  such  that  the  pictures  received  at  GE  are  true  images. ) The 
quartz  window  is  coated  except  for  two  crosshair  lines  that  are  used  for  TVCS  aliment 
when  mounting  to  the  spacecrrft. 

At  GE,  the  TVCS  is  assembled  while  maintaining  and  measuring  the  alignment  between  the 
camera  axes  (X,j,-Y,j,-Z,^),  the  crosshair  reference  axes  (X^-Y^-Z^),  and  the  camera 
mounting  surface.  Note  that  the  alignment  angles  of  crosshair  reference  and  moimting 
surface  for  the  two  cameras  in  a spacecraft  are  different. 

The  measured  alignment  angles  are  recorded  (SI  237013  and  Dwg.  No.  47D209695)  and  are 
available  for  the  coordinate  transformation  required  in  processing  the  TV  data. 

The  TVCS,  as  an  assembly,  is  shipped  to  Hughes  Aircraft  Company  (HAC)  where  the 
cameras  (now  differentiated  as  No.  1 and  2)  are  mounted  to  the  spacecraft.  There  the 
measured  alignment  angles  between  the  vehicle  axis  (X,  -Y,  -Z)  and  the  crosshair 
reference  axes  (Xc-Yc-Fo)  are  recorded.  These  alignments  were  performed  to  GE  toler- 
ances and  were  available  for  alignment  transformations  required  for  TV  data  evaluation. 
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Figures  K-4  and  K-5  present  the  expected  film  presentations  for  cameras  No,  1 and  2, 
respectively.  The  camera  axes  as  shown  are  true  and  the  transformation  angles 
between  the  camera,  vehicle,  and  boom  plane  are  nominal.  Note  that  the  boom  disks 
(tip  masses)  are  reversed  between  cameras  No.  1 and  2. 

Figure  K-6  and  K-7  define  the  alignment  aisles  measured  at  HAC  at  the  time  of  camera 
installation  in  the  ATS-A  spacecraft.  These  angles  are  made  available  for  TV  data  translation 

In  summary,  the  listing  below  shows  all  alignment  angles  measxxred  in  the  assembly  and 
installation  of  the  two  ATS-A  cameras. 


Camera  No.  1 

Camera  No.  2 

Angle 

Mag. 

Tol. 

Figure  Reference 

Angle 

Mag. 

Tol. 

Figure  Reference 

(Deg) 

(Deg) 

P 

113 

+ 30’ 

K-2 

P 

88 

+ 30’ 

K-3 

X 

30 

+ 10° 

K-2 

X 

30 

+ 10° 

K-3 

0 

T 

67 

K-2 

T 

92 

K-3 

0 

90 

+ 30' 

K-6 

0 

90 

+ 30' 

K-7 

T 

T 

0 

180 

+ 30' 

K-6 

K 

0 

+ 30' 

K-7 

T 

T 

— 

K.4  MANUAL  DIGITIZING  CRITERIA  AND  FILM  SETUP 

Figures  K-4  and  K-5  are  representations  of  the  expected  35mm  frames  of  TV  data.  These 
magnified  views  are  somewhat  smaller  than  those  seen  on  the  Gerber  Scanner  which  are 
used  to  digitize  the  boom  and  earth  data.  The  scanner  presents  the  frame  approximately 
14  inches  by  10  inches  on  the  screen. 

The  film  frame  is  located  in  the  center  of  the  viewing  surface  by  rotation  of  the  reel 
winders  at  each  side  of  the  scanner.  The  film  elevation  adjustment  may  be  required 
(wheel  adjustments  at  top  left  and  ri^t  of  viewer  box)  but  once  set,  should  not  need 
readjustment  for  the  entire  film  reel. 
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Figure  K~4.  Camera  No.  1 Presentation  (Earth  Pointing  in  -X^  Direction) 
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Figure  K-5,  Camera  No.  2 Presentation  (Skyward  Pointing  in  +Xj^  Direction) 


= 180  +30' 
T 


“1 

Figure  K-6,  Vehicle  Axis  and  Camera  No.  1 Alignment 


Figure  K-7.  Vehicle  Axis  and  Camera  No.  2 Alignment 


It  should  be  noted  that  the  X and  Y scales  of  the  scanner,  and  axis  of  the  film,  are 
reversed  as  can  be  seen  in  Figures  K-4  and  K-5.  This  transform  is  accounted  for  in  the 
computer  program  and  all  scanner  readings  conform  to  the  scanner  scaling. 

The  1000  counts  of  the  X and  Y scanner  scales  are  adjusted  to  read  500  + 5 coimts  at  the 
center  cross  of  the  film  frame.  In  the  X direction  then,  the  0 to  999  counts  coyer  the  film 
width;  in  the  Y direction,  the  count  spread  is  ^proximately  200  to  800  along  the  film  height. 

In  the  X direction  of  the  scanner,  the  digital  counts  are  increased  from  left  to  right,  from 
zero  to  999;  the  reticle  markers  along  this  scale  are  counted  from  -32  to  +32  starting  at  the 
left-hand  corner.  Similarly,  in  the  Y direction  of  the  scanner,  the  digital  counts  are 
increased  from  bottom  to  top  (0  to  999);  the  reticle  markers  along  this  scale  are  counted 
from  -24  to  +24  starting  at  the  bottom  edge. 

If  it  is  discovered  from  examination  of  the  general  boom  locations  that  either  or  both 
camera  pictures  are  not  positioned  in  the  roll  of  film  in  this  specified  manner,  the  digital 
count  scales  on  the  scanner  can  be  reversed  and  the  film  can  be,  effectively,  read 
upside-down. 

K.5  DIGITIZING  CRITERIA  FOR  BOOM  DISK 

The  sketch  below  shows  a typical  35mm  display  of  a boom  disk  location  to  be  digitized. 

Since  the  TV  picture  is  a raster  of  a TV  screen,  the  contrasting  objects  in  the  picture  are 
not  continuous  and  are  composed  of  scan  lines.  Because  of  (1)  the  number  of  scan  lines  to 
the  inch,  (2)  the  size  of  the  disk,  and  (3)  the  distance  of  the  disk  from  the  camera,  each 
9-inch  disk  can  be  composed  of  three  scan  lines  as  shown  in  this  magnified  sketch. 


The  digitizing  techniques  require  the  placing  of  the  crosshairs  of  the  scanner  over  the  disk 
in  such  a way  that  they  coincide  with  a circle  visualized  arotmd  this  lighted  area.  Thus,  the 
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above  sketch  shows  that  the  true  center  of  the  disk  does  not  lie  on  the  middle 
illuminated  line  but  sightly  below’  it.  This  requires  a certain  amount  of  personal  inter- 
pretation by  the  reader  and  only  ejqperience  in  film  readiiig  can  determine  the  effect  on 
accuracy  due  to  this  reading  variability. 

K.6  DIGITIZING  CRITERIA  FOR  EARTH  DATA 

Three  pieces  of  earth  data  are  utilized  from  the  TV  camera  film  to  determine  spacecraft 
attitude.  These  three  data  points  define  the  earth  center  and  the  tps  of  &e  earth's 
crescent  created  by  the  sun. 

The  crescent  points  A and  B are  digitized  in  sequence  of  first  A and  then  B . A and 

c c o c c 

B^  are  always  defined  with  the  svmlit  portion  of  the  earth  on  the  left  and  the  shadow  portion 
of  the  earth  on  the  right,  as  viewed  on  the  film  and  shown  below. 

B 

c 

SHADOW 


A 

Definition  of  Crescent  Points  A and  B ^ 

c c 

The  earth  center  is  the  third  digital  quantity  required  for  attitude  determination.  The  center 
of  the  earth  circle  can  best  be  located  by  the  use  of  a circle  template  approximately  the 
same  size  as  the  earth  figure.  Optimum  location  of  the  template  circle  (with  center  mark) 
over  the  earth  figure  gives  the  best  fit  to  the  true  center. 
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K.  7 HEADER  INFORMATION  REQUIRED  FOR  TV  PROCESSING 

The  following  information  is  required  to  describe  each  digitized  TV  picture.  This 

information  is  made  available  before  picture  digitizing  is  performed. 

a.  Camera  Identification  - No.  1 or  No.  2 

b.  Reel  Number 

c.  Station  source  of  TV  picture  - Rosman,  Mojave,  etc. 

d.  Picture  number  in  reel 

e.  Orbit  number  during  which  picture  was  taken 

f.  Day  of  year  in  which  picture  was  taken 

g.  Hours-minutes-seconds  of  time  when  picture  was  taken 

This  information  is  to  be  supplied  in  hard  copy  form  along  with  the  film  when  delivered  to 
GE-VFSTG  The  orbit  number  is  to  be  shown  within  the  film  by  a decimal  time  code  display 
adjacent  to  the  grotmd  station  TV  monitor. 


K.8  TV  DATA  DIGITIZING  PROCEDURES 

The  digitization  of  the  film  is  restricted  to  a prescribed,  fixed  procedure  in  order  to  comply 
with  the  expected  continuous  work  load  and  maintain  reading  errors  at  a minimum.  Pre- 
liminary editing  of  the  film  is  accomplished  by  the  data  analysis  group  to  enhance  the  speed 
of  film  reading. 


The  reading  and  card  punching  is  expedited  through  the  use  of  a programmed  drum 
card  for  the  IBM  026  keypunch.  A significant  amount  of  the  identification  data  is 
programmed  into  the  keypunch  to  save  the  effort  required  for  manual  punching. 
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The  following  sequence  of  operations  is  followed  in  readily  the  film.  The  sequence  culminates 
with  data  in  two  card  formats  as  described  in  Tables  K-1  and  K-2, 


a.  Locate  the  individual  film  frame  within  the  center  of  the  viewing  area  and  align 
the  film,  generally,  in  the  horizontal  and  vertical  directions. 

b.  Punch  a 1 or  2 to  indicate  camera  No.  1 or  2. 

c.  Punch  orbit  number.  Up  to  four  numeric  characters  are  required  for  this  number. 

d.  Punch  day  of  year.  A number  from  one  to  365  is  required  for  this  information. 

e.  Punch  tracking  station  source  of  the  film.  Three  muneric  characters  will 
identify  each  station;  058  is  Bosman,  047  is  Mojave  and  066  is  Toowoomba. 

f.  Pimch-in  time  code  shown  in  film  active  area.  This  can  be  in  hours-minutes- 
seconds  or  in  total  seconds.  The  H-M-S  characters  will  total  six  and  the  total 
seconds  characters  will  require  five  spaces.  For  either  contingency,  six 
characters  will  be  allowed  for  time  code. 


g.  Locate  countwise  the  X and  Y encoders  such  that  500  counts  (+5  counts)  represents 
the  center  crosshair  of  the  film;  then  zero  coimts  in  both  axes  will  be  near  the 
lower  left  comer  of  the  active  film  area,  and  999  counts  in  both  axes  will  occur 
near  the  upper  right  corner. 

h.  Determine  the  largest  and  smallest  reticle  mark  numbers  in  the  X and  Y directions 
which  encompass  within  their  boundary  the  two  boom  disks  and  the  earth  data.  The 
X direction  reticles  are  numbered  from  -32  (at  the  left)  to  +32  (at  the  ri^t). 
Likewise,  the  Y reticles  are  numbered  from  -24  (at  the  bottom)  to  +24  (at  the  top). 

i.  Manually  punch  the  smallest  X reticle  number. 

j . Manually  punch  the  smallest  Y reticle  number. 

k.  Manually  punch  the  largest  X reticle  number. 

l.  Manually  punch  the  largest  Y reticle  number. 

m.  Digitize  (X  & Y)  the  smallest  X reticle  mark  at  the  bottom  of  picture. 

n.  Digitize  (X  & Y)  the  smallest  Y reticle  mark  at  the  left  of  picture. 

o.  Digitize  (X  & Y)  the  largest  Y reticle  mark  at  the  left  of  pictime. 
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Table  K-1.  TV  Data  Digital  Card  Format  (Card  1) 


Card 

Field 

Information 

Code 

Char. 

Ac  cum. 
Char. 

1 

1 

Card  Number 

1 

1 

2 

Camera  Identification 

1 

2 

3 

Reel  Number  of  Film 

3 

5 

4 

Station  Source  of  Film 

‘2  ‘ 

8 

5 

Picture  Number  of  Reel 

4 

11 

6 

Orbit  Number 

3 

14 

7 

Day  of  Year 

3 

17 

8 

Hours -Minutes-Seconds  of  Time 

6 

23 

9 

Smaller  X Reticle  Number 

SXRN 

2 

25 

10 

Smaller  Y Reticle  Number 

SYRN 

2 

27 

11 

Larger  X Reticle  Number 

LXRN 

2 

29 

12 

Larger  Y Reticle  Number 

LYRN 

2 

31 

13 

Left  X Count  at  Bottom 

LXB 

3 

34 

14 

Left  Y Count  at  Bottom 

LYB 

3 

37 

15 

Left  X Count  at  Top 

LXT 

3 

40 

16 

Left  Y Count  at  Top 

LYT 

3 

43 

17 

Right  X Count  at  Bottom 

RXB 

-3 

46 

: 18 

Right  Y Count  at  Bottom 

RYB 

3 

49 

19 

Right  X Count  at  Tc^j 

RXT 

3 

52 

20 

Right  Y Count  at  Top 

RYT 

3 

55 

Table  K-2.  TV  Data  Digital  Card  Format  (Card  2) 


Card 

Field 

Information 

Code 

Char. 

Accum. 

Char. 

2 

1 

Card  Number 

1 

1 

2 

Picture  Crosshair  X Counts 

CCX 

3 

4 

3 

Picture  Crosshair  Y Counts 

CCY 

3 

7 

4 

Left  Boom  X Counts 

LBX 

3 

10 

5 

Left  Boom  Y Counts 

LBY 

3 

13 

6 

Right  Boom  X Counts 

RBX 

3 

16 

7 

Right  Boom  Y Counts 

RBY 

3 

19 

8 

Earth  Center  X Counts 

ECX 

3 

22 

9 

Earth  Center  Y Coimts 

ecy' 

3 

25 

10 

Earth  Crescent  "A"  Point  in  X Counts 

EAX 

3 

28 

11 

Earth  Crescent  "A"  Point  in  Y Counts 

EAY 

3 

31 

12 

Earth  Crescent  "B"  Point  in  X Counts 

EBX 

3 

34 

13 

Earth  Crescent  "B"  Point  in  Y Coimts 

EBY 

3 

37 
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p.  Digitize  (X  & Y)  the  smallest  X reticle  mark  at  the  top  of  picture. 

q.  Digitize  (X  & Y)  the  largest  X reticle  mark  at  the  top  of  picture. 

r.  Digitize  pC  & Y)  the  largest  Y reticle  mark  at  the  right  of  picture. 

s.  Digitize  (X  & Y)  the  smallest  Y reticle  mark  at  the  right  of  picture, 

t.  Digitize  (X  & Y)  the  largest  X reticle  mark  at  the  bottom  of  picture. 


K.9  DIGITIZING  CRITERIA  WITH  ABSENCE  OF  DATA 

It  is  expected  that  under  some  circumstances  the  data  to  be  digitized  will  not  be  in  view 
or  will  not  be  discernible.  An  example  of  the  former,  would  be  in  digitizing  earth  data 
from  one  camera;  therefore,  no  earth  data  would  be  present  in  the  other  camera.  An 
example  of  the  latter  would  be.  when  one  of  the  boom  disks  could  not  be  distinguished  against 
its  background.  Under  these  circumstances,  the  following  rules  will  apply: 

a.  When  one  or  both  booms  are  not  distinguishable,  the  munber  000, 000  is  manually 
punched  into  the  hollerith  card  for  each  boom  not  visible.  This  will  represent 
the  X and  Y counts. 

b.  When  the  earth  is  in  field  of  view  but  the  earth  center  is  outside  the  count  range, 
999, 999  is  punched  in  the  card. 


c.  When  the  earth  is  not  in  the  field  of  view,  nothing  will  be  punched  on  the  card, 
i.  e. , the  card  is  left  blank  in  those  three  card  fields  which  normally  carry  that 
data. 

d.  When  one  terminator  point  is  outside  the  field  of  view,  999,  999  is  punched  in  the 
card  in  the  appropriate  fields, 

e.  When  no  terminator  points  are  present,  i.e. , fully  illuminated  or  fully 
darkened  earth,  the  two  terminator  points  are  punched  identically  and  at  the  same 
value  as  the  earth  center. 

K.  10  BOOM  DISK  LOCATION  DETERMINATION  BY  RETICLE  CALTUHATION  (COM- 
PUTER SOFTWARE  REQUIREMENTS^ 

This  section  contains  the  equations  and  relationships  used  by  the  computer  program  to 

determine  the  boom  disk  location  for  each  TV  camera  frame.  All  input  for  these  calculations 

is  described  in  Section  K-8. 


K-14 


Boom  disks  in  the  following  calculations  must  be  identified  as  tip  mass  A and  tip  mass  B. 

Tip  mass  A is  the  left-hand  boom  disk  in  camera  No.  1 and  the  right-hand  boom  disk  in 
camera  No.  2.  Tip  mass  B is  the  ri^t-hand  disk  in  camera  No.  1 and  the  left-hand 
disk  in  camera  No.  2. 

The  translation  of  the  disk  data  from  Gerber  Scanner  counts  to  reticle  numbers  is  performed 
by  linear  interpolation  of  straight  line  equations  describing,  constant  reticle  numbers.  In 
the  following  equations,  the  variable  notations  are  shown  in  Tables  K-1  and  K-2  in  the 
column  entitled  "CODE". 


The  calibration  between  Gerber  Scanner  machine  counts  and  the  reticle  number  for  a 
frame  is  performed  once  for  each  frame,  and  then  this  calibration  is  used  for  the 
data  for  both  disks  and  all  the  earth  data.  First,  the  straight  line  equation  (y  = a x + b) 
is  determined  for  the  two  X reticle  numbers  and  then  for  the  two  Y reticle  numbers.  These 
equations  are  then  interpolated  in  X and  Y to  determine  the  disk  and  earth  data  quantities 
in  terms  of  reticle  counts. 


For  the  X reticles  (vertical  lines) : 


X = a.  • V + b 

(RN)  ^(RN) 


for  SXRN 


then,  (a) 


'SXRN 

LXT  - LXB 
SXRN  LYT  - LYB 


4 


r 


= «SXRN  • ® = <“>SXRN  • <”'SXRN 


L 


<'»SXRN  = - <^>SXRN  • 
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fortXRN 


RXT  - RXB 
RYT  - RYB 


^^LXRN 


RXT  - 


RYT 


The  horizontal  line  equations  for  the  constant  Y reticle  numbers  are  formed  in  the  same 


way: 

for  SYRN 

^^^SYRN 

LYB  - RYB 
LXB  - RXB 

= - <^>SYRN  • 

for  LYRN 

^^^LYRN 

LYT  - RYT 
LXT  - RXT 

<^>LYRN 

= LYT  - (a)  „ ♦ LXT 

' 'lyrn 

The  four  calibration  equations  formed  above  are  now  available  for  transforming  the  boom 
disk  and  earth  data  from  machine  counts  into  reticle  numbers. 


The  four  equations  which  show  the  Gerber  counts  and  reticle  number  relationships  are 
(see  Figure  K-8): 

SYEN  y = (a)s^N-''-^<‘»SYEN 
LYEN  Y = 

SXEN  X = (a>sxKj,  • Y Mb)sxRN 
LXRN  X = • Y+ 


For  the  left  boom  disk,  the  paired  X and  Y coimts  are  LBX  and  LBY,  respectively. 


Into  the  equations  for  SXRN  and  LXRN,  insert  LBY 


^SXRN 

^tXKN 


^“^SXRN  ’ 
<“>LXRN  ■ 


and  compute  difference  AX  = X_,^_..  -X_„„ 

LXRN  SXRN 


IXRN  - SXRN  = DXRN 
AX 


DXRN 


= DXX 


then,  the  answer  for  LBXRN  will  be 


LBXRN  = SXRN  + 


LBX  - LXB 
DXX 


- 33. 


To  determine  the  Y location  of  the  left  boom  disk  in  reticle  counts,  the  use  of  the  equations 
for  LYRN  and  SYEN  are  used  with  LBX  and  LBY 

^(LYRN)  " ^^^(LYRN)  ‘ ^^^’^^^LYRN 

^(SYRN)  ~ ^^^(SYRN)  ’ ^^'*’^^SYEN 

AY  = Y - Y 

(LYRN)  (SYRN) 


DYRN  = LYRN  - SYRN 
AY 


DYY 


DYRN 


LBYRN  = SYRN  + 


Similar  relationships  are  calculated  for  the  right  boom  disk,  the  earth  center,  and  the  A 
and  B terminator  points  on  the  earth. 
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For  the  right  boom 


For  the  earth  center 


^(SXRN)  ^^^(SXRN)  ‘ 


^(LXRN)  ~ ^^^(LXRN)  ^^LXRN) 


^ = ^^LXRN)  - <^(SXHN) 


4.  DXRN  = LXRN  - SXRN 

6.  RBXRN  = SXRN  + - 33. 

DXX 


^(LYRN)  " ^^^(LYRN)  ‘ ^^YRN) 

^(SYRN)  " ^^^YRN)  ^®^*^^\SYRN) 

9 , AY  = Y^j^Yrn)  ■ ^(SYRN) 

10.  DYRN  = LYRN  - SYRN 
AY 


11.  DYY  = 


DYRN 


12.  RBYRN  = SYRN  + 


^(SXRN)  ^^\sXRN)  ^^^(SXRN) 


^(LXRN)  ^^\lXRN)  * ^^^(LXRN) 

3.  AX  = - <^^(SXRN) 


4.  DXRN  = LXRN  - SXRN 
AX 


5.  DXX  = 


DXRN 


6.  ECXRN  = SXRN  + - 33. 
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8.  Y 


(SYEN)  = <^Wn)  ' ®^^'^^^(SYRN) 


9.  ay  - 

10.  DYRN  =LYRN-SYEN  ; 
AY 


li.  DYY  = 


DYRN 


ECX  - LYB 

12.  ECYRN  = SYRN  + g^Y 


For  earth  crescent  point  A 


^ ’ ^{SXRN)  “ ^(SXRN)  ’ ^ ^<SXRN) 

^ • ^(LXRN)  ""  ®'(tXBN)  ■ ^ ^{LXRN) 

3.  AX  = - ^^XRN) 

4,  DXEN  = LXEN-SXRN 
AX 


5.  DXX 


DXRN 


6.  EAXRN  =SXRN.-B|^-33. 


7.  Y^syrn)  ^CSYEN)  ' ®^^’^^<SYBN) 


®-  ^YRN)  " ^(LYRN)  ’ V^N) 

9 . AY  = Y^j^yrN)  ■ ^(SYRN) 


10.  DYRN  = LYRN  -SYRN 
AY 


11.  DYY  = 


DYRN 


12.  EAYRN  = SYRN  + 25. 
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For  earth  crescent  point  B 


1. 

2. 

3. 


4. 


5. 


^(SXRN) 

^(LXRN) 
AX  = X 

DXBN  = 
DXX  = 


" ^(SXEN)  * ^(SXBN) 

" ^(nXRN)  * ^{LXRN) 

(LXRN)  “ ^(SXRN) 

: LXRN  - SXRN 

AX 

DXRN 


6. 

7. 

8. 

9. 


10. 


11. 


EBXRN 

^(SYEN) 
AY  = Y 

DYRN  = 

^(LYRN) 
DYY  = 


= SXRN  + 


EBX  - LXB 
DXX 


= a • EBX  + b 

(SYRN) 


(LYRN)  ^(SYRN) 


= LYRN  - SYRN 


- 33. 
(SYRN) 


^(LYRN)  ’ ^(LYRN) 

AY 

DYRN 


12.  EBYRN 


= SYRN  + 


EBY  - LYB 
DYY 


- 25. 
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